UNCLASSIFIED 
AD  NUMBER 


AD379232 

CLASSIFICATION  CHANGES 

TO: 

unclassified 

FROM: 

confidential 

LIMITATION  CHANGES 

TO: 

Approved  for  public  release,  distribution 
unlimited 


FROM: 

Distribution  authorized  to  U.S.  Gov't, 
agencies  and  their  contractors; 
Administrative/Operational  Use;  30  JUN 
1965.  Other  requests  shall  be  referred  to 
Federal  Aviation  Administration, 
Washington,  DC. 

AUTHORITY 

FAA  ltr ,  10  Oct  1972;  FAA  ltr,  10  Oct  1972 


THIS  PAGE  IS  UNCLASSIFIED 


SECURITY 

MARKING 


The  classified  or  limited  status  of  thli  repoi4  applies 
to  e&oh  page,  unless  otherwise,  marked. 

Separate  page  printouts  MUST  II  marked  accordingly, 


national  dbpbnsh  op 

U.fi.C.  %  SUCTIONS  703  AND  7  y  A  ,  ^^TUII^TRANSMI  3S I  ON  *  OflM'MP  *(IUv6lItIoN  of' 
ITjJ  OO^RNTS  IN  AMY  MANNER  TO  AN  UNAUTIiOU  I ZHD  PliuSoN  18  PROlUliITB^nV 


NOTICBt  Whan  government  or  other  drawings ,  specifications  or  other 
data  are  used  for  any  purpose  other  than  in  connection  with  a  defi* 
nlteiv  rolated  government  procurement  operation,  the  U,  s,  (lovemment 
thereby  incurs  no  responsibility,  nor  any  obligation  whatsoever;  and 
t h&  feet  that;  the  Government  may  have  formulated,  furnished,  or  in  any 
way  supplied  the  said  drawings,  spec  1 1  leu  lions ,  or  other  data  is  not 
to  bo  regarded  by  implication  or  otherwise  as  *n  any  manner  J iconsing 
t lie  holder  or  any  other  potion  or  corporation,  or  conveying  any  rights 
or  permission  to  manufacture,  use  or  sell  any  patented  invention  that 
may  in  any  way  be  related  thereto. 


^-•rrq  25 2 


Best  Available  Copy 


Best  Available  Copy 


Best 

Available 

Copy 


NOTICES 


When  Government  druvlnga,  ipeclf 1< atlone,  or  other  data  are  uaed 
for  any  purpose  other  than  In  connection  with  a  definitely  related 
Government.  procurement  operation,  the  United  Statea  Government 
thereby  incurs  no  responsibility  nor  any  obligation  vhataoever; 
and  the  i'.i.-t  that  the  Government  may  have  formulated,  furnished, 
or  in  anv  way  supplied  the  said  drawings,  specification*,  or  other 
data,  Is  not  to  tie  regarded  by  implicat.on  or  otherwise  as  in  any 
manner  licensing  the  holder  or  any  other  person  or  corporation,  or 
conveying  any  rights  or  permission  to  manufacture,  use,  or  sell  any 
patented  Invention  that  may  In  any  way  be  related  thereto. 

Copies  have  been  placed  in  th#  DOC  collection.  U.S.  Government 
agencies  nay  obtain  copies  from  DDC.  Other  qualified  DDC  users  may 
request,  by  submission  of  a  DDC  Form  1,  through: 


Director  of  Supersonic  Transport  Development 
Federal  Aviation  Agency 
Washington,  D.C.  20553 

Defense  Documentation  Center  release  to  the  Clearinghouse  for  Federal, 
Scientific,  and  Technical  Information  (CFSTI)  and  foreign  announcement 
and  dissemination  are  not  authorised.  The  dlatrlbutlon  of  this  report 
Is  limited  because  it  contain*  technology  identifiable  with  items 
excluded  from  export  by  th*  Department  of  State  (U  S.  Export  Control 
Act  of  1949  as  amended). 


\ 


Report  No.  PWA-2600 
Date:  30  June  1965 


Volume  2 


SUPERSONIC  TRANSPORT  AIRCRAFT  ENGINE 
PHASE  II- B  DEVELOPMENT  PROGRAM 
FINAL  REPORT  (U) 

Prepared  Under  Contract  FA-SS-65-18 
Period  Covered  1  Januaiy  through  30  June  1965 


j 


| 

5 


PWA-E.  H.  Document  Control 
Eng,  Sub- Control  Station 

jUil  t  5  ISOt) 


Wuwber 


TIi»b  document  contone  informotlon  affecting  I  he  notional  defense  of  f li o  United 
jfntet  within  the  meaning  of  the  fiiplonoge  Lovr*,  Tltie  10  U  5  C,  flection*  793 
and  7V4.  If»  tranetnieelbn  or  the  revelation  of  ft*  coniont*  In  any  manner  to  an 
unuulhgi |  ltd  person  **  prohibited  by  lav/, 


Neproduoiinh,  distribution  gnd  u*e  of  thl*  document  ore  limited  o*  specified  In 
the  contract  under  which  it  wo*  prepared,  Ute  for  other  than  U,  $,  Governmental 
purpose*  I*  subject  lo  prior  approval  of  'Jolted  Aircraft  GgrporoHoM, 


Appro  veil  by  ( 


C,  W,  Bristol,  Jr, 
Project  Ennifiner 


Pratt  &  Whitney  Aircraft  <~~ 


y, 

p 


ION  Of  UN  It  ftp  AfRCMAft  CORPORATION 


t  A  D  1  II  A  K  !  I  O  l(  O 


l  O  N  N  1.  i_-  1  I -A  U  I  " 

FA  A  bl.aJhU'Y 

i  >  ,  '■  > 


HO, 


/  1 


L.WI  T 


NO 


CONFIDENTIAL 


*  IH  li  *  I  I  It  A#  1M  ll*  V  Alt 

inti Aiuruii  ami*  ii  ne*t 
not  o'*  *  i'-'y 1,1 


ihlMUMiWlllaiULb  ■!! "  Wilt'll  JililW'  II  liiWlWWUiilWtf*  MmmWWM 


ITEM  2A 

STF2I9  TURBOFAN 


V 


V&W3U 


A  .VMifNCV  AIRCRAFT 


CONFIDENTIAL. 


PWA-2600 


ITEM  ^  -  DESIGN 

OBJECTIVE 


The  contractor  shall  resolve  critical  problem 
areas  in  the  preliminary  engine  configuration 
and  undertake  the  design  of  the  STF219  duct 
heating  turbofan  engine  properly  sized  to  the 
requirements  of  the  supersonic  transport  air¬ 
craft.  The  contractor  is  also  submitting 
design  information  and  a  preliminary  layout 
of  the  STJ227  turbojet  engine. 


A.  STF219  ENGINE 
1.  OVERALL  ENGINE  DESIGN 

The  general  engine  configuration  arrived  at  during  Phase  IIA  of  the 
SST  contract  was  retained  during  Phase  IIB.  However,  the  detailed 
design  of  the  powerplant  has  resulted  in  refinement  and  changes  in  the 
details  of  the  engine  components. 

a.  Aerodynamic  Design 

The  largest  change  was  in  the  low  pressure  turbine  and  low  pressure 
turbine  exhaust  case.  These  changes  were  necessary  in  order  to 
provide  efficient  operation  at  both  the  2200"F  cruise  turbine  inlet  tem¬ 
perature  (required  for  the  prototype  and  basic  production  rating)  and 
at  1900°F  cruise  temperature  which  is  the  expected  level  at  the  start 
of  commercial  airliner  operation.  In  order  to  accomplish  this  objec¬ 
tive  the  exit  annulus  of  the  turbine  was  increased  slightly  and  an  efficient 
diffusing  section  was  added  downstream  of  the  turbine  to  accept  the 
higher  turbine  exit  Mach  numbers  at  the  2000 ‘F  TAKE  OFF  rating 
without  excessive  losses. 

Further  studies  of  the  fan  and  high  compressor  rig  results  from 
testing  conducted  during  Phase  IIA  indicated  that  lower  specific 
inlet  flows  were  necessary  for  both  the  fan  and  the  high  compressor. 
Although  some  weight  increase  is  inherent  in  this  approach  the 
performance  gains  which  were  indicated  justified  the  revisions. 

The  specific  designs  still  retain  the  advanced  light-weight 
characteristic  required  by  the  S.  S.  T.  powerplant. 
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Hu'  windmilling  brake  has  been  moved  from  the  tan  exit  section  to 
the  inlet  of  the  high  compressor.  This  change  is  justified  by 
detailed  analytical  studies  conducted  during  Phase  IIB. 

These  changes  are  discussed  in  detail  in  the  following  sections  of 
this  report. 

The  detailed  design  of  the  STF219  Fan  Engine  is  continuing, 
b.  Mechanical  Design 

To  obtain  the  maximum  benefit  from  the  Phase  IIB  design  effort, 
four  areas  of  the  STF219  engine  design  were  featured.  It  was 
necessary  to  resolve  the  many  design  trade-offs  to  determine  the 
best  component  designs  for  the  high  compressor,  high  turbine, 
duct  heater,  and  ejector-reverser  in  order  to  be  ready  to  perform 
the  complete  engine  detail  design  when  the  airframe's  engine 
requirements  are  established.  The  design  work  which  has  been 
performed  may  be  applied  to  the  engine  required  when  such 
important  features  as  engine  airflow,  secondary  airflow,  location 
and  angle  of  exhaust  nozzle  cant,  mounting  requirements,  and 
accessory  arrangements  are  established. 

The  ejcctor-reverser  design  has  evolved  from  the  Phase  IIA  twelve 
(12)  element  round  design  to  the  present  eight  (8)  element  octagonal 
configuration  with  a  translating  shroud  ejector.  This  has  resulted  in 
improved  mechanical  features  fewer  parts,  reduced  seal  leakage  area, 
and  a  better  secondary  airflow  path  while  providing  improved  installa¬ 
tion  compatibility  for  the  various  operating  conditions.  Airframe  in¬ 
stallation  requirements  have  introduced  a  downward  cant  of  the  engine 
centerline  at  approximately  the  fan  nozzle  station. 

c.  Updated  Engine  Elevation 

Figure  2A-0  represents  the  STF219  engine  defined  in  this  section  of 
the  report. 

2.  FAN 

a.  Aerodynamic  Turbofan  Studies 
(1)  Introduction 

The  Phase  II-A  study  contract  ended  with  the  design  of  a  fan  engine  which 
satisfied  the  performance  and  design  objectives  of  the  STF219  engine. 
This  fan  design  was  based  on  parametric  studies  and  data  from  a  limited 
number  of  transonic  fan  test  rigs. 
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A  detailed  analytical  study  of  test  results  from  these  and  other  Iran-  1 

sonic  stage  fans  was  undertaken  and  completed  during  the  Phase  II -A 
study  contract.  These  rig  results  covered  the  range  of  aerodynamics  " 

required  of  the  STF219  fan.  The  results  of  these  transonic  tests  were  4 

then  used  to  determine  the  final  fan  configuration  during  the  Phase  II-  | 

B  detailed  design.  This  resulted  in  some  changes  in  the  fan  flow  path 
from  that  shown  in  Phase  II-A. 


The  original  requirements  of  the  fan  were  defined  by  the  engine  cycle 
studies.  Subsequent  discussions  and  changes  during  the  detailed  design 
resulted  In  a  two-stage  fan  having  the  following  parameters: 


W  v/§T2/8T2 


A 

40 

.  0 

Pressure1  Ratio  (avg) 

2. 

62 

Pressure  Ratio  Duct 

2, 

70 

Pressure  Ratio  Engine 

2. 

50 

Hub/ Tip  Ratio 

0. 

412 

Corrected  Tip  Speed  (ft/sec) 

1552 

Other  general  requirements  which  influenced  the  fan  design  wore: 

1.  No  inlet  guide  vana  -  This  decision  was  made  largely  to  reduce 
the  fan  weight  and  noise  level. 

2.  Fan  bypass  ratio  of  1.3  -  STF219  engine  cycle  performance 
requirements . 

3.  The  Mach  number  leaving  the  duct  and  engine  wore  specified. 
(2)  Discussion  of  Design 

(a)  Flow  Path  -  The  original  aerodynamic  design  requirements 
stated  in  the  Phase  II-A  contract  determined  the  general  fan 
elevation.  The  inlet  specific  flow  w »  bub/tip  ratio  and  lip 
speed  set  the  inlet,  elevation.  These  parameters  were  varied 
somewhat  during  the  early  part  of  the  design  but  the  small 
advantages  to  bq  gained  did  not  warrant  any  appreciable  deviation 
from  the  original  design 


The  exit  diameter  of  the  fan  was  marie  compatible  will)  the  STF’2 1 9  high- 
prcssurc*  compressor,  although  some  increase  in  exit  diameter  could 
have  been  used  advantageous  I  v .  This  Increase  in  diameter  was  held  to 
a  minimum  so  that  the  radial  inflow  of  gas  along  the  inner  wall  of  the 
intermediate  (  aim  would  not  be  excessive. 
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The  specific  flow  from  the  engine  portion  of  the  fan  was  set  at  37,  0  lb/ 
sec/ft^  to  be  compatible  with  the  inlet  flow  to  the  high-preBsure  com¬ 
pressor.  The  second- stage  stator  was  designed  to  remove  only  the 
exit  swirl  necessary  to  make  it  compatible  with  the  inlet  of  the  high- 
pressure  compressor.  The  duct  exit  guide  vane  (DEGV)  discharge 
Mn  was  set  at  0.  45.  This  level  of  Mn  considered  the  amount  of  diffusion 
and  associated  diffusion  losses  necessary  to  lower  the  fan  Mn  to  an 
acceptable  level  in  the  duct  heater, 

An  IBM  program  using  flow  streamline  definition  and  radial  equilibrium 
evaluated  a  number  of  different  flow  paths  and  the  effects  of  the  following 
parameters; 

1.  stage  pressure  ratio  variation 

2.  stage  spanwise  pressure  slope 

3.  entrance  swirl  to  second- stage  stator 

4.  flow  path  overall  convergence 

5.  flow  path  wall  curvature 

6.  wheel  speed 

7.  inlet  hub/ tip  ratio 

The  airfoil  loadings  (D£actor  and  AP/q)  and  approach  Mn  were  the  most 
influential  parameters  in  determining  an  acceptable  flow  path,  Transonic 
stage  rig  studies  indicated  that  rotors  could  tolerate  higher  loading  levels 
than  stators  without  as  large  a  stage  efficiency  loss,  Therefore,  rotor 
Dj’s  were  limited  to  about  0.  6  while  stator  D^'s  were  limited  to  about 
0.  5,  The  stator  approach  Mn  was  limited  to  a  maximum  of  0.  85  to 
avoid  choking  and  excessive  losses. 

The  final  flow  path  as  shown  in  Figure  2A-1  has  a  tip  speed  of  1550  ft/ sec, 
a  compromise  between  stress  and  aerodynamic  loading.  No  inlet  swirl 
was  used  at  the  entrance  to  the  second  stage  since  the  study  showed  no 
advantage  for  this  effect. 

As  much  overall  .flow  path  convergence  as  possible  was  used  to  reduce 
loadings  without  exceeding  Mach  numbers  and  specific  flow  limits,  More 
convergence  was  put  into  the  stators  than  rotors. 

The-  wall  radii  of  curvature  was  designed  to  be  at  least  0.  5  feet  to  pre¬ 
vent  severe  distortions  of  the  flow  pattern. 

Positive  work  slopes  were  included  in  both  rotors  to  reduce  root  loadings 
to  acceptable  levels  resulting  in  an  engine  Pr  of  2,  50  and  a  duct  pressure 
ratio  of  2.70.  The  individual  rotor  pressure  ratios  of  this  design  are 
shown  in  Figures  2A-2,  2A-3  and  2A-4.  Figures  2A-5  through  2A-24 
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show  the  important  aerodynamic  parameters  of  this  design.  The 
following  table  summarizes  the  maximum  levels  of  Mach  number  and 
loadings : 


Mn 

AP/q 

"Df' 

Rotor  1 

1 .  52  (lip) 

0.  77 

0.  59 

Stator  1 

0.80  (root) 

0.45 

0.  52 

Rotor  2 

1.  39  (tip) 

0.79 

0.  61 

Stator  2 

0.85 

0.49 

0.  525 

DEGV 

0.  68 

0.  59 

0.  54 

To  obtain  the  proper  level  of  loadings  on  the  DEGV  and  second  stator, 
an  IBM  program  was  used  which  allowed  the  simulation  of  a  flow  splitter 
behind  the  second  rotor.  The  splitter  nose  was  set  close  to  the  rotor 
trailing  edge  and  slightly  inward  radially  from  a  neutral  location.  Pre¬ 
vious  engine  experience  has  shown  that  th.  s  will  cause  a  convergence 
of  the  stream  tubes  through  the  second  rotor  root  and  will  unload  the 
rotor  root  section. 

The  proximity  of  the  splitter  nose  to  the  rotor  trailing  edge  tends  to 
prevent  the  rotor  root  section  load  from  fluctuating  to  a  large  extent 
during  off-design  operation. 

The  rotor  and  stator  losses  assumed  are  shown  'n  Figures  2A-25  and 
2A-26.  These  values  were  estimated  from  data  obtained  from  the 
transonic  rigs. 

All  aerodynamic  studies  were  conducted  with  effective  wall  diameters 
with  no  provisions  for  boundary  layer  growth  or  rotor  shroud  blockage. 
For  the  final  mechanical  flow  path,  adjustments  were  made  for  both  of 
these  effects.  The  sum  total  of  the  boundary  layer  correction  for  both 
walls  was  about  0.  5%  of  the  pas sag  ;  height  at  the  first  rotor  inlet  to 
1.4%  at  the  second  rotor  exit. 

The  blades  were  designed  to  have  part  scan  shrouds  at  the  50%  and  85% 
radial  locations.  To  compensatf  for  the  shroud  blockage  effect  on  the 
flow  area,  an  area  equivalent  to  one-third  of  the  shroud  blockage  was 
assumed  to  extend  forward  to  the  blade  leading  edge  ano  a;;  equivalent 
area  ox  two-thirds  of  the  blockage  to  the  blade  trailing  edge.  This 
correction  amounted  to  approximately  1  .  1%  and  2.  1%  change  in  passage 
height  at  the  first  rotor  lea  .mg  and  trailing  edge  station  respectively 
and  1.  5%  and  3.  3%  in  passage  height  at  the  second  rotor  tations.  A 
new  wall  was  faired  through  these  rotor  diameters  to  ret.  in  the  original 
wall  curvatures. 
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The  shroud  angles  were  set  to  align  the  shrouds  with  the  average  meridional 
flow  angle  through  the  blading  at  the  shroud  spauwise  location. 

(b)  Airfoil  Type  -  The  high  Mach  numbers  at  the  rotor  tip 
indicated  a  high  Mn  airfoil  should  be  used.  Test  data  to  date 
indicates  that  "J"  blades  have  lower  losses  than  circular  arc 
(C.  A.  )  airfoils  in  the  supersonic  range.  For  this  reason  a  "J"- 
type  airfoil  section  was  used  from  about  the  1.  1  Mn  streamline 
out  to  the  tip.  Circular  arc  airfoils  were  used  at  the  root 
sections  and  in  all  stators. 

A  gradual  transition  from  C.  A.  to  "J"  section  was  made  with  an  s/b 
of  0.  5  at  the  tip.*  This  s/b  was  felt  to  be  a  reasonable  level  in  view 
of  the  Mach  number.  Enough  cambered  section  was  retained,  however, 
to  prevent  extremely  high  deviations  which  might  occur  with  a  higher 
s/b,  which  concentrates  all  of  the  turning  at  the  trailing  edge. 

*  e/b  is  the  ratio  of  straight  section  length  to  total  chord  length  for 
the  "J"  blade. 

All  airfoil  thicknesses  were  made  as  thin  as  was  practical.  The  blade 
thicknesses  (t/b)  were  set  to  0.08  at  the  root  and  0.  03  at  the  tip,  based 
on  the  chord  along  the  streamlines.  The  blade  root  spacing  (t  / b)  was 
set  slightly  less  than  0.  5,  and  the  taper  ratio  was  set  as  high  as  res 
reasonable  from  a  stress  consideration.  A  root  t/b  of  much  less 
than  0.  5  was  not  felt  to  be  possible  based  on  blade  attachment  con¬ 
siderations. 

The  first  stator  was  tapered  to  provide  a  tighter  t/b  at  the  tip  while 
the  second  stator  and  the  DEGV  have  constant  chords.  The  thickness 
ratio  (t/b)  variation  of  the  first  and  second  stators  is  0.  05  to  0.  07 
from  the  root  to  the  tip.  Local  thickness  increases  at  the  end  walls 
to  reduce  the  stress  levels  to  approximately  30,  OOC  psi  at  the  design 
point. 

f 

(c)  Airfoil  Angles  -  The  desigp  program  defines  all  required  air 
triangles  in  a  plane  perpendicular  to  the  engine  axis.  Since  the 
eirfoil  leading  and  trailing  edges  normally  do  not  lie  in  this  plane 
but  in  a  plane  canted  to  the  engine  axis,  air  angles  had  to  be 
corrected  to  adjust  them  to  the  same  axial  location  as  the  leading 
and  trailing  edges. 


(d)  Incidence  -  Studies  from  the  transonic  stage  rigs  determined 
the  amount  of  incidence  used  in  the  initial  design  of  the  rotor  blades, 
After  checking  the  blades  for  choking  tendencies,  the  incidence 
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was  adjusted.  The  final  rotor  incidence  is  shown  in  Figure  2A-27  for 
tl>e  first  and  second  stage  rotors.  Incidence  is  defined  as  an  angle 
measured  relative  to  the  surface  of  the  airfoil  (ISS).  At  these 
incidence  levels  the  average  blade  throat  A/A*  and  the  worse 


t reamline  A/ A*  are: 

A/A*(ave) 

A /A*  min 

Rotor  1 

1. 09 

1.05 

Rotor  2 

1.08 

1.06 

The  first  stator  incidence  was  initially  set  at  the  minimum  loss  angle 
at  the  design  point  but  was  later  adjusted  to  reduce  the  amount  of  accelera¬ 
tion  from  the  free  stream  to  the  throat  in  the  mean-to-tip  region.  The 
final  incidence  is  shown  in  Figure  2A-28. 

The  second  stator  incidence  was  set  at  -1  8  at  the  root  and  +1. 5°  at  the 
tip  to  give  a  smooth  reduction  in  inlet  Mach  number  entering  the  stator 
The  DEGV  incidence  was  set  at  +2°  from  root  to  tip. 

(e)  Deviation  -  Regardless  of  how  the  airfoil  section  itself  was 
defined,  the  air  turning  along  the  streamlines  would  be  used  to 
define  the  amount  of  deviation  between  the  gas  exit  angle  and  the 
blade  metal  angle.  It  was  found  that  Carter's  rule  did  not  estimate 
sufficient  deviation  for  the  type  of  blading  used.  A  correlation 

of  the  deviation  from  the  transonic  stage  rigs  is  shown  in  Figure  2A- 
29.  This  was  used  in  the  design  of  the  rotor  blades. 

The  stator  deviations  from  Pratt  &  Whitney  Aircraft  C.  A.  airfoil  cor¬ 
relations  were  found  to  be  up  to  1  0  greater  than  those  calculated  by 
Carter's  rule.  The  final  stator  deviations  were  set  by  these  correlations. 

(f)  Choking  -  The  choking  tendencies  of  all  airfoils  were  investi¬ 
gated.  The  first  and  second  rotors  and  the  first  stator  were 
checked  for  choking  by  three-dimensional  analysis.  This  involved 
determining  the  location  of  ^he  minimum  channel  passage  area 

as  calculated  from  the  channel  width  and  stream  tube  height.  The 
large  amount  of  annular  convergence  and  the  streamline  curvature 
caused  the  minimum  area  to  be  rearward  of  the  leading  edge. 

(g)  Defining  Airfoils  -  The  actual  airfoils  to  be  manufactured 
were  defined  along  cylindrical  surfaces  instead  of  stream  tubes 
or  conical  surfaces.  The  definition  of  the  cylindrical  airfoil  was 
obtained  by  rotating  the  metal  angles  from  the  meridonally  defined 
airfoil  through  the  flow  slope  angle.  This  set  the  metal  angles 
relative  to  a  cylindrical  surface. 
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In  determining  the  final  rotor  blade  shapes,  the  center  of  gravity  of  all 
airfoil  sections  were  stacked  in  a  radial  line.  This  stacking  line  was 
then  tilted  about  the  root  stacking  point  to  reduce  the  gas  bending  stresses. 
This  tilt  was  sufficient  to  just  equalize  the  gas  bending  stresses. 

The  leading  and  trailing  edge  thickness  of  all  airfoils  were  standard, 
except  the  rotors  were  thickened  somewhat  to  make  them  less  susceptible 
to  foreign  object  damage. 

b.  Mechanical  Description 

(1)  General  Description 

The  STF219  engine  includes  a  two-stage  fan  and  a  five-stage  axial  flow 
high  pressure  compressor  (see  Figure  2A-1).  Air  flows  into  the  fan  from 
the  inlet  and  is  subsequently  split  into  two  streams,  one  which  flows 
through  the  high  pressure  compressor,  and  one  which  passes  into  the  dis¬ 
charge  ducting. 

The  fan  and  compressor  sections  are  separated  by  an  intermediate  section 
which  supports  the  fan  and  compressor  sections,  and  provides  space  and 
support  for  the  number  1  and  2  thrust  bearings. 

(2)  Fan 

Analytical  studies  of  transonic  stage  fans  undertaken  during  Phase  II-B 
have  resulted  in  small  changes  to  the  fan  flowpath.  The  required  changes 
were  incorporated,  and  the  Phase  II-A  mechanical  configuration  checked 
to  determine  the  effects  of  these  changes.  The  required  flowpath  changes 
did  not  require  altering  of  the  basic  rotor  structure. 

The  Phase  II-A  design  configuration  with  the  fan  hub  supporting  both  fan 
stages  overhung  from  a  single  thrust  bearing  and  the  second  stage  disk 
with  an  integrally  flanged  spacer  fastened  to  the  first  stage  basically 
has  not  changed.  The  aerodynamic  revisions  mentioned  in  the  preceding 
section  have  been  incorporated,  and  the  aerodynamic  brake  system  has 
been  removed  from  the  fan  section  and  relocated  at  the  inlet  to  the  high 
cc  rip:  usbor. 


The  first  and  second  stage  fan  blades  have  dovetailed  roots  which  are 
inserted  into  conforming  slots  into  the  disk  rim  to  constrain  the  blades 
radially.  A  tab  on  the  forward  3ide  of  the  blade  root  prevents  the  blade 
from  being  driven  rearward  by  the  impingement  of  any  ingested  foreign 
objects.  The  first  stage  blades  are  prevented  from  moving  forward  by 
the  nose  cone  attachment  spacer.  Forward  movement  of  the  second 
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stage  blade  is  prevented  by  a  ring  with  tabs  which  lock  into  machined 
slot  in  the  blade  attachment. 

The  second  stage  interstage  seal  has  been  made  integral  with  the  lockring. 
This  combination  seal  -  lockring  is  riveted  to  a  flange  on  the  rear  of  the 
second  stage  disk.  The  disk  flange  is  also  used  for  balancing  by  inserting 
the  necessary  weights  between  scallops  in  the  lockring  flange. 

Airfoils  with  two  shrouds  have  been  incorporated  in  both  fan  stages. 

These  shrouds  are  placed  at  specific  locations  along  the  airfoil  span  to 
insure  structural  integrity  of  the  blade  and  disk  system. 

The  shrouds  are  protrusions  integral  with  the  blades  which  are  linked 
together  by  the  contacting  bearing  surfaces  of  adjacent  shrouds  when  the 
blades  are  assembled  on  the  rotor  disks.  Vibrations  normal  to  the  plane 
of  contact  are  restricted  by  the  mechanical  stiffness  of  adjacent  blades, 
and  vibrations  parallel  to  the  contact  surfac-e  are  dampened  by  frictional 
drag.  The  frictional  force  potential  is  obtained  by  the  natural  untwisting 
tendency  of  the  twisted  airfoil,  as  described  in  Fan  Structural  Analysis. 
The  contact  areas  are  flame -plated  with  tungsten  carbide,  and  sufficient 
bearing  area  is  provided  to  keep  friction  wear  to  acceptable  levels.  The 
airfoils  are  offset  forward  of  the  center  of  the  dovetail  attachment  so 
that  a  centrifugal  moment  is  induced  i.o  counteract  the  moment  caused  by 
the  gas  loading  and  to  insure  optimum  uniform  attachment  loading. 

The  first  and  second  stage  disk  and  blade  assemblies  are  statically 
balanced  to  specified  limits  by  adding  balance  weights  to  flanges  on  the 
disks.  The  disks  are  then  dynamically  balanced  together  to  minimize 
rotor  vibration.  Suitable  fits  between  mating  parts  are  obtained  to  re¬ 
sist  separation  during  all  critical  steady-state  and  transient  operating 
conditions.  This  insures  maintaining  alignment  and  concentricity  for 
dynamic  balance. 

Radial  loads  from  the  rotor  are  transmitted  to  the  number  1  bearing 
through  the  fan  hub,  which  is  supported  by  the  thrust  bearing  and  has 
mating  splines  to  transmit  torque  loads  to  the  low-speed  turbine  drive 
shaft.  The  splines  are  forward  of  the  thrust  bearing  to  insure  continued 
spline  engagement  and  to  prevent  uncoupling  of  the  fan  and  turbine  rotors 
and  the  subsequent  serious  turbine  overspeeding  should  a  major  bearing 
failure  occur. 

A  positive  pressure  differential  is  maintained  across  the  front  bearing 
compartment  seal  to  prevent  the  possibility  of  oil  leakage  from  the  com¬ 
partment.  Pressurized  air  for  this  purpose  is  bled  from  behind  the 
second  stage  rotor,  channeled  up  the  side  of  the  intermediate  case,  and 
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vented  through  holes  in  the  seal  ring  to  a  compartment  outside  of  the 
carbon  seal.  The  pressure  in  the  compartment  is  maintained  by  a  pair 
of  knil'e  -edge  seals  between  the  fan  rotor  hub  and  the  thrust  bearing 
support  structure.  An  additional  seal  is  located  on  the  rear  of  the 
second  stage  disk  to  reduce  the  thrust  loading  on  the  number  1  bearing 
and  consequently  to  increase  the  bearing  life. 

One  interstage  seal  is  used  between  the  first  and  second  fan  stages.  This 
seal  is  riveted  to  a  flange  on  the  integral  conical  spacer  of  the  second 
stage  disk  and  rotates  in  close  proximity  to  the  stator  seal  ring.  The 
clearance  between  the  seal  and  seal  ring  is  as  small  as  possible  while 
still  providing  for  the  maximum  tolerance  buildup,  the  maximum  radial 
differential  thermal  expansion  encountered  during  steady-state  operation, 
and  elastic  radial  deflections  during  high-performance  operations.  These 
provisions  will  permit  light,  non-destructive  rubbing  during  transient 
thermal  or  overspeed  operation. 

Blade  tip  clearances  were  similarly  established  with  provisions  made  for 
the  maximum  tolerance  buildup,  the  maximum  differential  radial  and 
axial  thermal  growths  anticipated  during  transient  operation,  the  radial 
elastic  disk  and  blade  growths  during  normal  high-temperature  opera¬ 
tion,  the  anticipated  effects  of  surge,  and  foreign  object  ingestion.  To 
permit  small  clearances,  an  abradable  material  is  used  inside  the  fan 
case.  This  will  prevent  severe  blade-to- case  rubbing  resulting  from 
blade  deflections  caused  by  foreign  object  ingestion  and  will  permit 
light,  non-destructive  rubbing  during  operation  at  the  maximum  ad¬ 
verse  conditions. 

Axial  gaps  between  the  forward  side  of  the  rotating  parts  and  the  adja¬ 
cent  stationary  parts  are  established  by  providing  for  the  maximum 
total  tolerance  accumulation,  the  maximum  axial  differential  thermal 
growths  during  transient  operations,  the  maximum  net  end-play  accu¬ 
mulation,  the  computed  net  intermediate  case  deflection,  the  maximum 
anticipated  forward  blade  tip  deflections  resulting  from  foreign  object 
ingestion,  and  the  deflection  encountered  during  surges. 

The  axial  gaps  and  seal  land  lengths  between  the  rear  side  of  rotating 
and  adjacent  stationary  parts  provide  for  the  maximum  total  tolerance 
accumulation,  the  maximum  axial  differential  thermal  growths  during 
transient  operation,  the  maximum  net  end-play  accumulation,  the  es¬ 
timated  fan  rotor  hub  net  rearward  deflection  resulting  from  centrifugal 
loading,  the  maximum  forward  stator  vane  deflection  resulting  from 
gas  loads  during  steady-state  operation,  the  maximum  rearward  blade 
tip  deflection  resulting  from  foreign  object*inge>- lion,  the  maximum 
deflection  during  surges,  and  the  maximum  fo-  ,/ard  seal  support  dia¬ 
phragm  deflections  resulting  from  steady- _.ta‘  -  pressure  loads. 
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The  first  stage  stator  is  made  of  forged  titanium  (PWA  1202).  Integral 
platforms  are  forged  at  the  inner  and  outer  ends  of  the  vanes  to  form 
the  flowpath  and  to  facilitate  vane  attachment.  The  vane  is  attached  to 
the  front  fan  case  by  a  flange  extension  at  the  rear  of  the  platform  and  is 
held  in  place  by  an  annular  ring  integral  with  the  fan  case  at  the  front 
of  the  platform.  The  inner  rear  feet  are  riveted  to  an  annular  ring, 
and  the  inner  forward  feet  are  riveted  to  an  annular  diaphragm  integral 
with  the  seal  ring. 

Since  the  location  of  the  aerodynamic  brake  has  been  changed,  (Refer  to 
Aerodynamic  Brake),  the  second  stage  vanes  which  were  previously 
used  as  an  aerodynamic  brake  have  been  redesigned  using  titanium 
strip  stock  (PWA  1202).  Box  shroud  construction  at  the  foil  root  and 
tip  sections  has  been  utilized.  The  splitter  ring  has  been  redesigned 
so  that  it  is  separate  and  removable  from  the  second  stage  vane  assem¬ 
bly.  The  vane  assembly  intermediate  shroud  and  outer  shroud  are 
piloted  to  the  intermediate  case.  The  inner  vane  assembly  shroud  and 
the  second  stage  seal  land  are  bolted  to  the  front  inner  flange  of  the  in¬ 
termediate  case.  Vane  torque  loads  are  absorbed  by  the  bolts  holding 
the  inner  shroud  and  by  machined  lugs  at  the  outer  shroud.  This  type 
of  construction  gives  sufficient  mechanical  flexibility  to  absorb  large 
radial  and  axial  thermal  expansions. 

The  fan  cases  and  support  cases  were  altered  where  necessary  to  con¬ 
form  to  flowpath  changes  and  to  contain  the  redesigned  blades.  The 
fan  cases,  mount  ring,  and  support  cases  are  made  of  titanium  (A- 110) 
and  are  cantilevered  from  the  front  flange  of  the  intermediate  case. 

Within  the  fan  cases  space  lias  been  allowed  for  a  liner  configuration 
suitable  for  either  abradable  material,  honeycomb,  or  a  combination 
of  the  two.  The  liner  thicknesses  and  construction  is  determined  by 
the  amount  of  blade  tip  excursion  under  adverse  conditions.  Use  of 
honeycomb  construction  as  a  liner  back-up  ring  permits  lightweight 
construction  while  maintaining  the  relative  stiffness  needed  for  large 
diameter  rings.  A  stiff  back-up  ring  will  resist  liner  buckling  if  hard 
blade  tip  rubs  should  occur. 

The  selected  configuration  allows  easy  liner  replacement  in  the  field  and 
easy  interchangeability  for  testing  new  liner  materials  under  development. 

c.  Structural  Analysis 
(1)  Introduction 

Extensive  turbofan  engine  experience  over  the  past  years  at  Pratt  & 
Whitney  Aircraft  has  led  to  the  formulation  of  a  series  of  necessary 
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structural  criteria  for  fan  designs.  Some  of  the  more  significant  items 
considered  in  the  structural  design  of  the  STF219  fan  section  are  as 
follows : 

1.  Airfoil  flutter  margin 

2.  Blade  and  disk  resonant  vibrations 

3.  Bird  ingestion  capabilities 

4.  Centrifugal  stresses 

5.  Blade  attachment  stresses 

6.  Shroud  locking  forces 

Details  of  each  category,  as  applied  to  the  STF219,  are  discussed  below. 


(2)  Airfoil  Flutter  Problems 

The  Phase  II-A  STF219  proposal  featured  high  aspect  ratio  blades  (4.  5 
first  stage  and  5.  5  second  stage)  with  one  shroud  per  stage  in  an  attempt 
to  obtain  minimum  weight.  Subsequent  test  experience  with  rigs  of  sim¬ 
ilar  geometry  and  a  review  of  Pratt  8t  Whitney  Aircraft  fan  flutter  expe¬ 
rience  in  general  led  to  the  use  of  double  shrouds  and  a  more  modest  4.  5 
aspect  ratio  on  the  second  rotor  blade.  The  resultant  design  will  incor¬ 
porate  adequate  flutter  margin  and  stilLbe  an  advanced,  lightweight  con¬ 
cept  compared  to  present  production  fans.  A  comparison  of  fan  para¬ 
meters  is  given  in  Table  1. 

Double -shrouded  fan  blades  have  been  used  successfully  in  the  C-5A 
program  for  the  JTF14F  demonstrator  engine.  This  engine  has  similar 
aspect  ratios  and  blade  series  as  the  STF219  (see  Table  1  ).  Limited 

running  on  this  engine  has  indicated  no  flutter  or  resonant  frequency 
problems . 


(3)  Blade  and  Disk  Resonant  Vibrations 


The  predicted  resonances  shown  in  Figure  2A-30  indicate  that  both 
rotors  will  be  free  of  2E  resonance  within  the  engine  running  range. 
The  2E  margin  is  well  within  the  7  1/2  percent  vibration  considered 
allowable,  based  on  previous  Pratt  &  Whitney  Aircraft  compressor 
and  fan  experience. 
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TABLE  1 

FAN  BLADE  PARAMETERS 


TF33-P-7 

Parameter  Stage  1 

t/b*  Root  0.091 

t/b  Inner  Shroud  0.049 

t/b  Outer  Shroud 

L/b  Root  (Aspect  Ratio)  4.  26 

Inner  Shroud  Station 

(%  of  Length)  63 

P/A  Stress  at  Design  45,600 
Speed  (psi) 

Blade  Series  Modified 

Circ.  arc 

No.  of  Shrouds  1 

Chord  at  Root  3.  79 


Engine  &  Stage 


JT8D-  1 

JTF14F 

STF219 

STF219 

Stage  1 

Stage  1 

Stage  1 

Stage  2 

0.  104 

0.07 

0.  086 

0.  086 

0.  050 

0.  046 

0.  052 

0.  052 

- 

0.  028 

0.  032 

0.  032 

4.  2 

4.  48 

4.  56 

4.  5 

60 

50 

50 

50 

38,300 

51,300 

46, 000 

32,000 

Circ.  arc 

J 

J 

J 

1 

2 

2 

2 

3.  08 

5.  50 

3.70 

2.41 

*  Blade  section  maximum  thickness  to  chord  ratio 


(4)  Bird  Ingestion  Capabilities 

The  bird  ingestion  capability  of  the  STF219  first  stage  fan  blade  is 
shown  in  Figure  2A-31  where  a  bending  stres sparameter  is  plotted  vs. 
blade  length.  This  parameter  is  used  on  a  comparative  basis  with 
other  Pratt  &  Whitney  Aircraft  engines  which  have  exhibited  adequate 
margin  in  this  respect. 

As  can  be  seen,  the  STF219  is  in  the  marginal  range  for  pin-jointed 
and  single-shrouded  blades.  The  use  of  two  shrouds  will,  however, 
increase  bird  ingestion  resistance  into  the  safe  range.  Again,  the 
JTF14F  is  in  a  similar  position  and  any  test  experience  gained  with  it 
will  be  useful  to  the  STF219  development  program. 

Bird  ingestion  was  not  considered  for  the  second  stage  fan  blade,  since 
Pratt  g *  Whitney  Aircraft  experience  has  shown  that  only  first  stage 
rotors  must  be  designed  to  withstand  this  hazard. 
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(5)  Centrifugal  Stresses 

The  P/A  stresses  in  the  STF219  fan  are  in  the  same  range  as  other  en¬ 
gines  (see  Table  1  and  2  ).  Adequate  creep  and  yield  margin  exists 

for  AMS  4928  titanium  at  the  Mn  2.7  cruise  condition  for  6,000  hour 
life . 


TABLE  2 

STF219  CENTRIFUGAL  STRESS 


Stage  1 

Stage  2 

SLTO  Condition 

P/A  Stress*  (psi) 

49, 000 

34, 000 

Blade  Temp  Root  (°F) 

100 

190 

0.  2%  Y.S.  AMS  4928  (psi) 

107,000 

101, 000 

MN  2.  7  65,000  feet 

P/A  Stress*  (psi) 

41, 000 

28, 500 

Blade  Root  Temp  (°F) 

518 

584 

1%  Creep,  6000  Hrs.  ,  AMS  4928 

76, 000 

70, 000 

•I1  Maximum  Deteriorated  Speed 


(6)  Blade  Attachments 

Although  no  detailed  design  work  has  been  completed  in  this  area,  a 
preliminary  analysis  indicates  that  there  is  adequate  pitch  in  the  disk 
rim  to  accomodate  the  use  of  conventional  dovetail  attachments  to  sup¬ 
port  the  blades. 


(7)  Shroud  Locking 

The  conventional  single-shrouded  compressor  blade  is  usually  assembled 
line-on-line  or  with  slight  interference  at  the  contact  surfaces.  Under 
the  influence  of  the  centrifugal  forces  the  blade  tends  to  untwist  toward 
the  root  stagger  angle  and  the  shrouds  lock  against  each  other.  This 
action  causes  the  shroud  to  act  as  one  continuous  ring  in  resisting  blade 
motion.  The  STF219  second  stage  has  a  negligible  change  in  chord  angle 
(a  c)  between  shrouds  and,  therefore,  blade  twist  alone  is  insufficient  to 
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effectively  lock  both  shrouds.  To  provide  an  adequate  locking  force  the 
blade  will  be  preloaded  at  assembly  with  about  5°  pretwist  making  the 
shroud  locking  load  compatible  with  existing  fan  stages  (see  Table  3  ). 
Since  the  second  blade  is  very  flexible,  the  forces  to  cause  this  pretwist 
are  quite  small  (about  65  in.  /lbs.  ).  Hence,  no  assembly  problems  are 
anticipated. 

The  structural  design  of  the  fan  blades  and  disks  is  continuing  at  present. 

TABLE  3 

FAN  SHROUD  LOCK  LOAD  COMPARISON 


Engine 

Stage 

Shroud  Locking  Parameter 

J  T  3D- 1 

1 

8.  2 

2 

4.  0 

JT8D 

? 

1 

6.  9 

J TF 10  A-20 

1 

12.  4 

2 

8.  5 

JTF14F 

1 

4.  9  (Sum  cf  2  shrouds) 

STF219 

2 

5.0  (Sum  of  2  shrouds) 

(FR/  Zb3) 


*  F  =  shroud  contact  force 
R  =  radius  to  shroud 
Z  =  number  of  blades 
b  =  average  chord 


Note:  High  value  of  parameter  indicates  high  shroud  locking  force. 


3.  INTERMEDIATE  SECTION 


a.  General  Description 


The  structure  between  the  fan  and  high  pressure  compressor  is  called 
the  intermediate  section.  This  section  is  largely  a  single,  welded 
AMS  56l6  stainless -steel  structure  as  seen  in  Figure  2A-1.  It  incor¬ 
porates  sections  of  the  fan  duct  outer  wall,  the  compressor  flow  path 
inner  wall,  and  the  high  compressor  flow  splitter.  Eight  radial  struts 
extend  from  the  outer  wall  to  the  inner  wall.  The  fan  exit  guide  vanes 
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are  incorporated  just  forward  of  these  struts.  The  fan  rotating  parts 
arv.  overhung  in  front,  and  the  gas  generator  is  cantilevered  from  the 
rear  of  the  splitter  ring.  In  general  the  structure  provides: 

1.  Support  for  tne  fan  and  gas  generator 

2.  Housing  and  supports  for  the  number  1  and  2  bearing  compart¬ 
ment 

3.  Power  take-off  at  the  top  vertical  centerline  for  airframe 
drive 

•1.  Power  drive  at  the  left  horizontal  centerline  for  the  engine 
gearbox  (shifted  45°  downward  for  the  Lockheed  engine) 

5.  Tachometer  drive  scavenge  pump  and  drain  for  the  number  1 
bearing  compartment  at  bottom  vertical  center  line. 

Four  of  the  eight  radial  struts  are  of  thicker  construction  to  provide 
access  to  the  number  1  and  2  bearing  compartment  for  external  power 
drives.  These  struts  are  located  on  the  engine  horizontal  and  vertical 
centerlines  as  shown  in  Figure  2A-32.  A  schematic  view  of  this  area 
is  presented  in  Figure  2A-33.  A  detailed  discussion  of  this  spacing  is 
presented  in  the  Aerodynamics  section.  One  strut  houses  an  air  line 
to  pressurize  the  labyrinth  seal  in  front  of  the  number  1  thrust  bearing. 

In  the  Phase  II-A  design  the  tachometer  drive  was  located  on  the  right 
horizontal  centerline  and  the  engine  accessory  gearbox  mounted  on  the 
bottom  vertical  centerline.  These  positions  have  been  changed  to 
remove  units  containing  combustible  fluids  from  the  bottom  of  the 
engine  as  a  landing  safety  factor. 

In  the  new  locations  positioning  of  the  external  scavenge  sump  and  pump 
remained  at  the  bottom  vertical  centerline  for  gravity  drainage  and 
space  considerations.  Provisions  were  made  to  incorporate  the  ta¬ 
chometer  drive  at  this  same  position.  Scavenge  oil  from  the  number  1 
compartment  drains  through  a  sleeve  surrounding  the  tachometer  drive. 
The  scavenge  pump  and  tachometer  are  mounted  in  the  sump. 

A  box  structure  inside  the  compressor  flowpath  inner  wall  provides 
flanges  on  the  front  and  rear  inner  section  to  mount  the  number  1  and 
number  2  bearings.  This  box  structure  also  supports  the  bearings  for 
it. a  UttVPi’ShrtU,  drive**  A  dMeriplUm  Ibis  system  PKtiiainttiH 
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The  bearings  are  lubricated  and  cooled  by  oil  irrjected  under  the  races. 
Number  1  bearing  oil  is  picked  up  from  a  jet  by  an  oil  scoop  just  aft  of 
the  bearing.  Number  2  bearing  oil  is  collected  in  an  internal  groove 
which  is  an  integral  part  of  the  accessory  gear  retaining  nut.  This 
groove  previously  was  in  a  separate  ring,  but  for  simplicity  and  lower 
weight  and  cost  the  integral  design  was  adopted  during  Phase  II-B,  The 
oil  then  flows  through  a  series  of  holes  in  the  bearing  liner  to  an  annulus 
cooling  the  inner  race.  It  then  flows  radially  to  the  bearing  compart¬ 
ment  through  a  series  of  holes  in  the  seal  rub  plate. 

Part  of  the  oil  also  flows  outward  through  a  series  of  holes  in  the  bearing 
liner  to  an  annulus  at  the  split  inner  race  of  the  number  2  bearing.  The 
inner  race  has  radial  slots  which  centrifugally  force  the  oil  into  the 
bearing  lubricating  the  balls. 

The  bearing  compartment  contains  three  carbon  face  seals,  all  supported 
by  the  intermediate  case.  Two  seals  are  between  the  ends  of  the  com¬ 
partment  and  the  low  and  high  shafts,  and  the  third  is  a  double  seal 
between  the  compartment  and  the  intershaft  annulus.  The  carbon  face 
seal  forward  of  the  number  1  bearing  has  an  oil-cooled  face  plate  which 
utilizes  oil  from  the  number  1  bearing  cooling  passages.  A  three-lip 
labyrinth  seal,  pressurized  by  fan  discharge  air,  is  employed  for  con¬ 
trolling  air  leakage  in  case  of  carbon  seal  malfunction.  Fan  discharge 
air  at  a  higher  pressure  than  that  maintained  within  the  breather  com¬ 
partment  will  always  flow  into  the  compartment.  This  prevents  con¬ 
tamination  of  the  cabin  pressurizing  air  from  oil  leakage  past  the  seal 
face.  The  double  carbon  seal  used  between  the  intershaft  annulus  and 
the  bearing  compartment  is  protected  from  excessive  air  flow  by  a 
four-lip  labyrinth  seal.  The  front  seal  plate  of  the  double  seal^is  cooled 
by  oil  from  the  number  1  bearing  oil  scoop.  The  oil-cooled  rear  seal 
face  plate  of  the  double  seal  is  supplied  with  oil  from  an  inte?'nal  groove 
fed  by  a  jet.  The  carbon  face  seal  behind  the  number  2  bearing  is  cooled 
by  oil  from  the  number  2  bearing  cooling  passages.  A  three-lip  laby¬ 
rinth  seal  protects  this  area.  The  basic  design  concepts  used  for  seals 
were  described  in  Volume  E-Vl  of  the  Phase  I  proposal. 

Two  towershafts  transmit  power  radially  from  the  high  compressor 
shaft  front  hub  to  the  power  take-off  and  accessory  drive  pads.  A 
third  toworshaft  is  required  to  transmit  the  rotational  speed  from  the 
fan  rotor  hub  to  a  tachometer  drive  pad  (AND  20005XVB).  The  es¬ 
tablished  power  requirements  are  the  same  as  quoted  in  the  Phase  II -  A 
specifications. 
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The  power  take-off  pads  are  being  designed  to  accomodate  both  the 
Boeing  and  Lockheed  installations  with  the  same  requirements  as  the 
Phase  II-A  proposal.  The  Lockheed  installation  will  have  a  right- 
angle  drive  on  the  top  of  the  intermediate  case,  while  the  Boeing  in¬ 
stallation  will  have  a  plain  pad.  The  side  mounted  gearbox  pad  will 
have  a  310  H.P  drive  for  Boeing  and  a  150  H.  P.  drive  for  Lockheed, 
Power  for  these  towershafts  is  supplied  by  a  spiral  bevel  gear  integral 
with  the  number  2  bearing  sleeve  fitted  to  the  compressor  hub.  The 
tachometer  towershaft  is  driven  from  the  rotor  hub  through  spur  and 
bevel  gears. 


The  spiral  bevel  pinions  for  the  drives  are  supported  by  a  ball  and 
roller  bearing  assembly  bolted  into  the  inner  box  structure.  The  shaft 
is  connected  to  a  stub  shaft  by  a  double  spline  coupling  at  the  lower  end. 
Loose  fits  at  the  coupling  and  at  the  shaft  supports  provide  for  possible 
misalignments. 


Convoluted  tubes  are  mechanically  attached  with  tight  pilots  and  puller 
groove  provisions  to  the  outer  portion  of  the  outer  towershaft  bearing 
support,  and  at  the  pedestals  at  the  outer  portion  of  the  case.  These 
tubes  previously  brazed.  However,  to  accommodate  repair  or  sal¬ 
vage  of  parts  the  mechanical  scheme  was  devised.  The  convoluted 
tubes  protect  the  struts  and  inner  compressor  wall  from  oil  and,  in 
cor\junction  with  flanged  bosses  on  the  outside  of  the  intermediate  case, 
provide  sealed  passageways  to  the  accessory  gearbox  and  power  take¬ 
off. 


The  intermediate  case  is  attached  to  the  rear  cases  at  four  locations. 
The  outer  fan  duct  wall  provides  a  flange  front  and  rear  for  mounting 
to  the  outer  duct  wall,  The  inner  wall  extends  rearward  to  support 
the  high  compressor  inlet  vanes  and  the  splitter  structure  extends 
rearward  to  support  the  inner  gas  generator.  A  flange  joint  is  pro¬ 
vided  on  tlie  forward  inner  box  assembly  to  support  the  inner  fan 
exit  guide  vanes. 

The  splitter  ring  is  located  at  approximately  the  50%  span  position  of 
the  struts.  .It  separates  the  engine  flow  from  the  fan  flow  and  provides 
an  attachment  ring  to  support  the  gas  generator  through  the  outer  high 
compressor  case.  This  system  allows  the  loads  resulting  from  the 
overhung  inner  engine  to  be  fed  into  the  structure  in  a  manner  which 
most  efficiently  reduces  local  deformation  and  discontinuity.  A  load 
diagram  for  the  intermediate  section  is  shown  in  Figure  2A-34, 
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b.  Fabrication 

Experience  gained  during  development  of  current  high  TBO, Pratt.  St 
Whitney  Aircraft  turbojet  engines  was  utilized  in  designing  the  inter¬ 
mediate  case.  The  use  of  butt-we.ld.ed  construction  throughout  the 
basic  structure  reduces  weld  shrinkage,  distortion,  and  built-in 
stress  concentration  points.  This  method  of  fabrication  greatly 
facilitates  inspection  and  quality  control,  and  provides  greater  relia¬ 
bility  in  the  structural  integrity  of  the  assembly. 


Between  the  outer  fan  duct  wall  and  the  inner  compressor  wall  are  eight 
hollow  machined  struts.  The  compressor  outer  wall  and  fan  duct  wall 
are  formed  by  welding  sheet  stock  to  contoured  riba  on  the  sides  of 
these  struts. 

The  case  is  fabricated  from  Greek  Ascoloy  material.  This  material 
has  been  used  very  successfully  in  similar  structures  on  several 
Pratt  &  Whitney  engines.  The  low  thermal  coefficient  of  expansion  of 
Greek  Ascoloy  reduces  the  thermal  incompatibility  of  the  steel  case 
and  the  adjoining  titanium  cases. 


c.  Vibration 


The  intermediate  case  struts  will  produce  wakes  (both  l'ore  and  alt)  and 
possible  excitation  of  the  compressor  blading.  This  has  been  taken 
into  consideration  in  the  blade  design  for  each  applicable  compressor 
stage.  This  will  be  accomplished  by  blade  frequency  selection  or 
friction  damping. 


d.  Aerodyanmics 

(1)  Fan  Duct  -  Duct  Burner  Section 


Aerodynamic  design  of  the  duct  intermediate  case  started  at.  the  strut 
leading  edge  and  was  carried  through  as  part  of  the  complete  duct 
burner  diffuser  design.  The  flow  area  occupied  by  the  strut  cross 
sections  have  been  accounted  for  by  diverging  the  annulus  walls  to 
yield  an  equivalent,  diffusion  conical  angle  of  9.  2  “  and  a  diffusion  area 
ratio  of  1,  27.  This  was  included  in  the  complete  design  of  the  duct 
burner  diffuser,  so  that  the  intermediate  case  exit  annulus  is  mated 
to  the  duct  with  no  discontinuities  in  the  flowpath. 
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(2)  Fan  Duct  -  High  Compreimor  Inlet  Secllon 

Originally  thin  portion  of  the  inter mediate  case  w/m  required  to  provide 
a  constant  area  duct  to  the  inlet  of  the  high  pressure  compressor.  To 
rrliove  a  cascade  choke  problem  at  the  root  of  Hip  high  compressor 
first  rotor  and  stator,  it  was  found  necessary  to  lower  the  specific 
flow  Into  the  high  compressor.  Thin  chanf-'c  was  made  by  reducing  l.’-c 
high  compressor  Inlet  inner  diameter  1,  1h  inches  and  necessitated  a 
redesign  of  the  intermediate?  case  flowpath.  To  insure  that  the  thick 
strut  fairings  would  not  unfavorably  alter  the  diffusion  rate  required 
in  the  duct  passage,  throe  I,  D,  contours  were  examined  in  detail  rela¬ 
tive  to  the  diffusion  conical  angle,  the  diffusion  area  ratio  and  the  area 
distribution  each  contour  yielded.  The  three  1.  D,  contours  were  po¬ 
sitioned  between  two  axial  stations  which  wore  considered  Inviolate; 
the  fan  rotor  exit,  and  the  high  compressor  rotor  inlet,  fitful  blockage 
waa  accounted  for  with  each  flowpath  and  the  diffusion  conical  angle, 
the  maximum  diffusion  conical  angle,  and  the  maximum  diffusion  «u'«,i 
ratio  were  as  followst 


Contour  I.  D, 


Diffusion  Conical  Angle 


Maximum  Area  Hallo 


A  9.4  1.1437 

B  9. 35  1,1615 

C  9.  ,311  1.1307 

I.  D.  Contour  C  was  chosen  for  the  design  because  It  yielded  the  lowest 
m-iximum  diffusion  area  ratio  without  compromising  the  diffusion 
conical  angle. 


(3)  DlHueer  Conical  Anglo 


The  otruta  in  the  engine  portion  of  the  Intermediate  cubp  are  staggered 
75’,  an  shown  in  Sections  A-A  and  J3-B  of  Figure  2A-3?.,  to  alleviate  a 
marginal  choke  problem  and  to  reduce  the  turning  required  from  the 
fan  exit  stator.  The  stator  was  originally  designed  <il  a  low  gap/chord 
ratio  so  that  ail  the  fan  root  awirl  could  bo  removed  with  one  row  of 
stators.  Two  factors  interior  red  with  tills  approach:  the?  low  gap/chord 
yielded  a  low  chokr  margin  at  sea  level  take-off  flow  and,  because  of 
high  compressor  design,  it  wan  no  ionger  desirable  to  turn  the  flow 
axially  at  the  fan  exit.  For  these  reasons  the  fan  exit  stator  g,ip/i  hord 
ratio  wan  increased,  and  its  turning  was  reduced  to  exit  at  7  3*.  To 
maintain  this  swirl  the  strata  were  oriented  to  align  with  llio  flow  and 
to  continue  the  fan  exit  swirl  into  the  high  pressure*  compressor.  The 
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four  struts  are  structurally  and  aer odynamically  larger  than  necessary 
to  accomodate  accessory  and  lubrication  requirements.  These  struts 
are  placed  around  the  duct  circumference  alternately  with  the  thinner 
struts  to  minimize  asymmetrical  distortion. 

e.  Structures 


Two  cones  provide  support  for  the  number  1  and  2  bearings.  Both  cones 
are  connected  together  at  their  O.  D.  and  I.  D.  to  stiffen  the  structure 
and  to  reduce  axial  deflections  caused  by  rotor  thrust  loads.  The  im¬ 
portant  feature  in  this  structure  is  the  included  angle  or  apex  angle  of 
these  cones.  The  smaller  the  angle,  the  stiffer  this  shell  becomes. 

The  forward  or  number  1  bearing  cone  carries  most  of  the  thrust  load 
for  both  the  number  1  and  2  bearings.  Maximum  axial  deflection  is 
expected  to  be  between  0.  010  and  0.  020  inches,  depending  on  the  final 
thrust  balance  loads,  and  maximum  stress  less  than  50,000  psi.  At¬ 
tention  was  given  to  transition  pieces  in  the  bearing  support  structure. 
Since  local  high  stresses  will  develop  at  the  ends  of  the  cones,  the 
section  transition  or  connecting  shells  were  thickened  locally.  The 
sections  were  butt-welded  to  secure  the  best  possible  joint.  This  de¬ 
sign  should  keep  manufacturing  costs  and  weight  low. 

The  struts  and  support  rings  were  structurally  analyzed  for  the  engine 
loads  shown  in  Figure  2A-34.  These  loads  are  bearing  loads,  inner 
engine  thrust  load,  maneuver  loads,  and  aerodynamic  loads.  The  most 
efficient  design  from  a  weight  standpoint  results  when  the  rings  sup¬ 
porting  the  main  engine  flowpath  struts  are  as  stiff  as  possible.  The 
bearing  support  cones  provide  considerable  stiffness  to  the  inner  rings. 
The  outer  rings  are  stiffened  by  the  axial  beams  connecting  the  forward 
and  aft  rings.  This  feature  makes  this  section  act  as  a  large  box 
section,  which  is  very  efficient  for  the  torsional  loading  induced  by  the 
strut  reactions.  The  support  rings  were  kept  as  close  as  possible  to 
the  leading  and  trailing  edge  of  the  struts  to  provide  as  much  moment 
arm  as  possible.  Also,  the  strut  chord  length  was  kept  large  to  mini¬ 
mize  the  ring  stresses  and  deflections.  A  solid  connection  between 
the  struts  and  support  rings  is  also  provided.  Thus,  the  weight  of  the 
struts  and  rings  are  kept  to  a  minimum  while  the  flexibility  of  manu¬ 
facturing  and  structural  integrity  is  maintained. 

4.  AERODYNAMIC  BRAKE 

a.  Introduction 

At  high  flight  speeds  where  a  high  inlet-to-exit  pressure  ratio  is  im¬ 
posed  on  the  engine,  the  rotor  speeds  are  nearly  independent  of  throttle 
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setting.  That  is,  flight  idle  or  even  windmilling  operation  does  not 
significantly  reduce  rotor  speeds  because  of  the  high  inlet-to-exit 
pressure  ratios  imposed  on  the  engine.  In  the  event  of  an  in-flight 
shutdown,  low  shaft  speeds  are  required  to  reduce  the  possibility  of 
damage  to  the  engine.  A  windmilling  throttle  valve  is  required  to 
provide  for  this  speed  reduction. 


b.  Discussion 


The  preliminary  studies  in  Phase  II-A  indicated  that  some  throttling 
would  be  required  in  both  the  duct  and  engine  streams.  This  was  to 
be  accomplished  by  closing  the  exit  vane  of  the  fan. 

A  more  detailed  analysis  of  this  problem  was  carried  out  in  Phase  II-B. 
This  analysis  consistedof  establishing  a  computer  program  using  en¬ 
gine  component  characteristics  and  ’’flying"  the  engine  over  a  range  of 
Mach  numbers  with  two  basic  throttling  schemes.  The  first  scheme  is 
described  above,  the  second  throttled  only  the  gas  generator.  The 
second  scheme  showed  that  with  the  fan  duct  exit  nozzle  fully  closed 
the  low  spool  rpm  can  be  reduced  to  1500  rpm  with  a  high  spool  rpm 
of  2000  at  cruise  Mach  number.  This  combination  of  speeds  is  ade¬ 
quate  to  maintain  oil  pressure  and  low  enough  to  eliminate  engine 
damage.  The  second  scheme  has  another  advantage  in  that  the  gas 
generator  valve  will  be  the  inlet  vane  to  the  high  compressor.  This 
same  mechanism  can  be  used  as  an  aerodynamic  variable  inlet  vane 
during  development.  The  characteristics  of  this  scheme  are  shown  in 
Figures  2A-35,  36,  and  37. 

As  noted  in  the  previous  discussion,  the  basic  concept  and  control  of 
the  aerodynamic  brake  has  been  changed  from  that  described  in  the 
Phase  II-A  Report,  although  its  basic  functions  remain  the  same.  The 
fan  exit  vanes  are  now  stationary  and  the  inlet  guide  vanes  of  the  high 
pressure  compressor  serve  two  functions  -  aerodynamic  brake  and 
variable  inlet  guide  vane.  When  the  braking  system  is  actuated,  air¬ 
flow  through  the  compressor  is  decreased  and  rotor  speeds  are  reduced 
to  a  range  which  has  proven  safe  for  subsonic  windmilling  engines. 

To  withstand  the  high  stresses  produced  by  aerodynamic  braking,  the 
compressor  inlet  guide  vanes  are  made  from  PWA  1202  (Type  811 
Titanium  Alloy). 

As  shown  in  Figure  2A-38,  the  inlet  guide  vanes  are  pivoted  on  steel- 
backed  carbon  sleeve  bushings  at  the  outer  intermediate  case  and  the 
split  inner  intermediate  flange.  The  vanes  are  rotated  by  a  unison 
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ring  connected  by  levers  to  the  shaft  extension  on  each  vane.  The 
unison  ring  is  located  between  the  outer  intermediate  case  and  the 
inner  duct  burner  case,  and  is  guided  and  supported  by  the  vane  con¬ 
necting  levers.  Two  pneumatic  actuators,  spaced  180°  apart  on  the 
outside  of  the  intermediate  case  and  each  operating  a  bellcrank  and 
torque  rod,  move  the  unison  ring  tangentially  and  permit  rotation  of 
the  vanes.  The  two  torque  rods  are  inserted  through  fan  diffuser  case 
struts  located  180°  apart.  Torque  from  these  rods  is  transmitted  to 
the  unison  ring  by  levers  and  a  slip  joint. 

Power  for  the  actuators  will  be  provided  by  engine  bleed  air  during 
normal  engine  operation  while  the  vanes  are  operating  as  inlet  guide 
vanes.  When  the  vanes  are  required  to  operate  as  an  aerodynamic 
brake,  power  for  the  actuators  will  be  provided  by  high  pressure  gas 
bottles,  provided  in  the  airframe  for  emergency  control  system  power. 


5.  HIGH  PRESSURE  COMPRESSOR 
a.  Aerodynamic  Design 
(1)  Introduction 

During  Phase  II-A  a  high  compressor  was  defined  that  accomplished  an 
overall  pressure  ratio  of  4.4  in  five  stages  with  a  target  efficiency  of 
86%.  Since  that  time  some  changes  have  occurred  which  have  slightly 
altered  the  design  approach.  The  detailed  design  of  the  fan  indicated 
advantages  were  to  be  gamed  by  lowering  the  fan  root  pressure  ratio 
from  2.7  to  2.5.  This  meant  that  the  high  compressor  would  have  to 
be  increased  in  pressure  ratio  to  maintain  a  constant  overall  engine 
match  point.  In  addition,  more  detailed  information  was  accumulated 
from  the  five  stage  rig  indicating  changes  in  the  early  aerodynamic 
approach. 

The  design  goals  of  the  STF219  high  pressure  compressor  are  now: 

Sea  Level  Static  Cruise 

Pressure  Ratio  Pt4^T3  4.77  2.84 

Corrected  Flow  (lb/ sec)  130  97.5 

Adiabatic  Efficiency  0. 86  0. 86 

These  goals  are  consistent  with  a  650  lb/ sec  turbofan  engine  with  a 
bypass  ratio  of  1.3. 
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The  detailed  aerodynamic  design  was  based  on  the  following  general 
ground  rules: 

1)  The  average  exit  Mn  from  the  compressor  should  not  exceed 
0.38. 

2)  The  compressor  average  aerodynamic  loading  should  be  limited 
to  a  A  P/q  of  approximately  0.43. 

3)  A  constant  mean  diameter  design  should  be  maintained. 

4)  The  total  work  required  of  the  high  compressor  should  be  ac¬ 
complished  in  five  stages. 

After  some  preliminary  studies  a  general  design  approach  was  defined 
as  follows: 

1.  Maximum  stator  Mn's  were  limited  to  0.8  and  maximum  rotor 
Mn's  to  1.0. 

2.  Stage  choking  margins  were  to  be  kept  within  present  experience 
levels. 

3.  Negative  work  slopes  {higher  stage  work  at  root  than  at  tip) 
were  to  be  used  to  aid  in  setting  adequate  surge  margin  and 
cruise  performance. 

4.  The  last  stage  was  designed  to  give  the  desired  diffuser 
profile. 

5.  Rotor  and  stator  incidences  were  to  be  compromised  for  full- 
and  part-speed  requirements. 
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6.  The  final  airfoil  series  were  to  be  chosen  based  on  inlet  Mach 
numbers  as  follows: 

Mn 


Above  0,  8 
0.6  to  0.8 
0.4  to  0.6 

(2)  Discussion  of  Detailed  Design 

(a)  RPM  Selection  -  Having  established  inlet  and  exit  diameters  based 
on  specific  flow  and  exit  Mach  number  requirements,  it  was  possible 


Airfoil 

Series 


Circular  Arc 

65 

400 
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to  estimate  the  rpm  required  for  the  desired  average  loading  of  P/q  = 
0.43.  This  was  done  based  on  nondimensional  work  and  flow  coefficients 
correlated  with  loading.  The  required  high  compressor  speed  was  found 
to  be  8140  rpm. 

(b)  Work  Distribution  -  The  STF219  high  compressor  requirements  are 
very  similar  to  the  JT11D-20  fifth  through  ninth  stages  with  the  exception 
of  the  higher  required  loadings.  Because  of  this  similarity  and  the  suc¬ 
cess  of  the  JT11D-20  compressor,  the  same  general  design  philosophy 
was  used  in  the  design  of  this  compressor.  The  stage  work  distribution 
was  selected  based  on  balanced  loadings  and  incidence  ranges  required 
of  a  specific  stage.  The  resulting  stage  pressure  ratio  distribution  is 
shown  in  Figure  2A-3  9. 

Radial  work  distribution  was  chosen  to  maintain  high  velocities  along 
the  I.  D.  wall.  This  was  done  for  two  reasons: 

•  First,  part  speed  operation  tends  to  shift  flow  toward  the  tip  sections 
of  the  compressor  leaving  the  roots  with  low  velocity  air  (commonly 
called  a  root  defect).  This  root  defect  occurs  primarily  in  the  front 
stages  and  causes  incidence  mismatch  and  poor  compressor  efficiency. 
Higher  root  velocities  at  design  point,  however,  tend  to  reduce  this 
problem. 

•  Second,  as  the  surge  line  is  approached  along  a  constant  speed  line, 
the  flow  tends  to  shift  from  the  roots  causing  the  root  sections  to 
separate  before  the  tips.  This  separation  occurs  primarily  in  rear 
stages  at  high  corrected  speed  and  eventually  leads  to  compressor 
surge.  Greater  root  velocities  improve  compressor  high  speed 
surge  margin. 

The  last  stage  radial  work  distribution  was  determined  by  the  required 
velocity  profile  into  the  diffuser.  This  profile  was  biased  toward  the 
cruise  condition  because  the  compressor  exit  Mach  number  is  highest 
at  this  flight  condition.  The  resulting  exit  profiles  are  shown  in  Figure 
2A-40. 

(c)  Incidence  Selection  -  Incidence  selection  was  based  on  a  balance 
between  full-  and  part-  speed  requirements.  Cascade  loss  buckets 
were  examined  at  the  two  extreme  conditions,  and,  wherever  possible, 
incidences  were  selected  to  minimize  losses.  Rear  stage  roots  were 
biased  slightly  toward  the  full-speed  surge  line.  The  resulting  mid¬ 
span  incidences  at  full-  and  part-speed  are  shown  in  Figures  2A-41 
and  2A-42. 
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(d)  Chord  Selection  -  In  selecting  the  chords  for  the  STJ219  turbofan 
engine  the  following  parameters  were  considered: 

1.  Stress 

2.  Aerodynamic  Wall  Loading 

3.  Aspect  Ratio 

4.  Reynolds  Number 

Combined  P/A  and  bending  stresses  were  not  allowed  to  exceed  57% 
of  0.  2%  yield  on  rotors  or  85%  of  0.  2%  yield  on  stators. 

An  aerodynamic  loading  limit  was  applied  to  this  design  as  a  discipline 
on  chord  selection.  This  loading  limit  was  derived  from  data  obtained 
during  the  development  of  the  JT11D-20  compressor. 

Aspect  ratios  were  compared  to  other  successful  compressors  and  were 
determined  acceptable.  The  Reynolds  Numbers  were  also  found  acceptable. 

The  final  chords  chosen  for  the  compressor  design  are  shown  in  Figure 
2 A -43.  The  first  three  stages  on  the  curve  are  approaching  the  stress 
limit  level,  and  the  last  two  chords  were  set  by  aerodynamic  wall  loading. 

(e)  Reaction  Optimization  -  The  ground  rules  previously  stated  limiting 
rotor  and  stator  Mach  numbers  dictated  the  reaction  of  the  first  two 
stages.  Where  there  was  a  choice  to  be  made,  consideration  was  given 
to  the  incidence  range  and  peak  loading  required  on  that  stage. 

Experience  indicates  that  rotor's  can  stand  higher  loadings  than  stators. 
Stators,  however,  are  more  tolerant  to  incidence  because  of  lower 
Mach  numbers.  This  reasoning  forces  the  design  toward  higher  reaction 
levels. 

The  final  stage  reaction  distribution  is  shown  in  Figure  2A-44. 

(f)  Choke  Margin  -  A  preliminary  design  estimate  of  40  lb/sec/ft^ 

was  used  in  sizing  the  inlet  of  the  high  pressure  compressor.  However, 
after  analyzing  the  detailed  design  of  the  first  rotor,  it  became  apparent 
that  the  choke  margin  of  this  stage  was  not  sufficient. 

Figure  2A-45  la  an  experience  plot  of  choking  area/available  area  as  a 
function  of  inlet  relative  Mach  number.  This  correlation  is  used  only  for 
compressors  with  relatively  high  hub/ tip  ratios.  In  general,  designs 
on  or  below  this  curve  have  been  successful  in  attaining  their  specific 
flow,  but  the  majority  of  the  compressors  designed  above  the  curve  fall 
short  of  their  goal.  This  curve  should  not  be  considered  as  an  absolute 
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barrier,  since  some  compressors  operate  slightly  outside  this  curve. 
Designs  which  are  far  above  this  curve,  however,  would  not  be  expected 
tc  meet  their  specific  flow  requirements  with  good  efficiency. 

With  a  specific  flow  of  40  lb/sec/ft^  into  the  compressor  the  first  rotor 
choke  parameter  was  located  at  point  A  in  Figure  2A-45.  Three 
design  approaches  were  studied  in  an  attempt  to  improve  this  condition. 

The  first  approach  studied  the  effect  of  increasing  design  incidence 
shown  by  points  B,  C,  D  and  E,  which  are  for  incidences  of  1,  2,  3, 
and  4  degrees,  respectively.  Increased  incidence  effectively  staggers 
the  blade  open  which  increases  its  minimum  area.  However  there  were 
problems  encountered  in  this  procedure.  The  losses  due  to  incidence 
mismatch  begin  to  rise  sharply  past  2°  and,  in  order  to  have  some 
margin  for  error,  1°  was  considered  the  maximum  allowable  value. 

Also  at  the  cruise  flight  condition  this  incidence  becomes  higher  and 
is  detrimental  to  compressor  efficiency. 

A  lower  inlet  guide  vane  exit  angle  was  then  investigated.  This  improved 
the  choke  margin  by  opening  the  blading  and  reducing  the  inlet  relative 
Mach  number.  Point  F  indicates  the  result  of  decreasing  the  angle  from 
75°  to  70°.  This  procedure,  however,  increased  the  first  stator  root 
Mach  number.  An  IGV  angle  of  70°  was  the  minimum  allowable  to  keep 
the  first  stator  root  Mach  number  below  0.8. 

The  third  approach  was  to  increase  the  annulus  area  of  the  compressor 
in  the  first  two  stages.  This  was  accomplished  by  decreasing  the  I.D. 
as  any  O.  D.  changes  would  affect  engine  envelope.  Points  G,  H  and  I 
show  the  effect  of  decreasing  the  inside  radius  by  0.  5,  0.  7,  and  1.5 
inches,  respectively.  The  increased  area  resulted  in  higher  stage 
loadings  and  an  increased  divergence  angle  in  the  fan  high  compressor 
intermediate  case.  Analysis  showed  that  the  0.  5  inch  radius  decrease 
would  be  acceptable. 

By  combining  the  acceptable  portions  of  the  three  design  approaches, 
the  choke  parameter  was  moved  to  point  J  in  Figure  2A-45.  This  re¬ 
sulted  in  a  design  with  marginal  choke  capability  in  an  area  which  has 
previously  been  attained. 

The  stage  elevations  for  the  resulting  design  are  shown  in  Figure 
2A  -46. 

(g)  Aerodynamic  Loading  Distribution  -  The  preliminary  design  estimate 
on  compressor  averageAP/q  was  0.  43.  After  completing  the  detailed 
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design  the  average  loading  was  0.437.  Although  this  is  a  relatively  high 
loading,  recent  results  with  the  SST  five  stage  rig  and  the  STF200  high 
compressor  indicate  this  value  is  attainable. 

Another  important  loading  parameter  which  was  considered  was  the 
NACA  derived  diffusion  factor.  This  parameter  is  advantageous  over 
AP/q  because  it  contains  the  effect  of  gap/chord  ratio.  Both  parame¬ 
ters  were  considered  with  AP/q  being  used  primarily  as  a  measure 
of  wall  loading  and  with  the  D-factor  used  to  limit  balde  and  vane  loading. 

As  a  result  of  data  from  the  SST  five  stage  rig  and  because  of  the 
relatively  highAP/q  values,  gap/chord  ratios  were  set  at  approximately 
0.7  at  the  mid-span  location  to  maintain  reasonable  diffusion  factors. 

The  resulting  stage  loadings  are  shown  in  Figure  2A-47  and  2A-48. 

(h)  Inlet  Guide  Vane  Design  -  Analysis  of  the  STF219  windmilling  charac¬ 
teristics  indicates  that  the  high  compressor  inlet  guide  vane  could  be  used 
as  an  aerodynamic  brake.  By  rotating  the  vanes  closed  the  engine  air¬ 
flow  can  be  maintained  at  the  level  required  for  a  desirable  windmilling 
rotational  speed. 

Since  this  vane  has  variable  stagger  capability,  it  will  be  used  for 
performance  improvements  or  aerodynamic  flutter  tolerance  during 
the  development  process, 

(j)  Stresses  -  Figures  2A-49  and  ZA-50  show  the  maximum  P/A  plus 
restored  bending  stresses  and  allowable  stresses  for  each  blade  and 
vane  row. 

(3)  Vibration  Analysis 
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The  design  of  the  STF219  compressor  has  been  Set  to  eliminate  the 
primary  mode  blade-disk  resonances  from  the  engine  running  range. 

Figures  2A-51  through  2A-54  show  the  expected  frequency  responses 
from  the  various  compressor  stages.  Slight  variations  in  these  values 
may  be  necessary  as  the  design  progresses  to  insure  adequate  resonance 
margin  on  each  stage. 

In  addition  to  frequency  selection,  extended  root  damping  was  employed 
on  the  third  stage  blades  to  overcome  the  effects  of  flow  disturbances 
caused  by  the  intermediate  struts.  The  seventh  stage  blades  also  in¬ 
corporate  extended  root  damping  to  minimize  blade  stresses  caused 
by  the  upstream  excitation  of  the  compressor  exhaust  section.  This 
damping  is  accomplished  by  centrifugally-forced  toggle  weights  bearing 
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on  the  blade  platforms  and  the  disk  coverplates.  Rubbing  contact 
caused  by  the  motion  of  the  blade  platform  relative  to  the  disk  creates 
damping  forces  which  are  optimized  by  the  selection  of  toggle  damper 
weights.  Similar  damping  can  be  incorporated  on  fourth,  fifth  and 
sixth  stage,  with  only  slight  modifications  if  necessary. 

The  vibration  analysis  of  the  high  compressor  disks  and  blades  is 
proceeding. 

b.  Mechanical  Description 

(1)  Introduction 

As  discussed  in  the  Structural  Analysis  section  which  follows  thermal 
stress  and  low  cycle  fatigue  life  operation  experience 
from  the  JT11D-20  engine  were  applied  to  the  analysis  of  the  basic 
rotor  construction  undertaken  during  the  Phase  II-B  program.  The  re¬ 
sulting  configuration,  shown  in  Figure  2A-1,  is  the  current  design 
approach  to  the  solution  of  the  rotor  thermal  stress  problems. 

(2)  Discussion 

The  rotating  portion  of  the  high  compressor  consists  of  five  rows  of 
blades  and  tneir  supporting  disks  and  shafts.  The  fourth  through  seventh 
stages  are  joined  and  positioned  axially  by  three  cylindrical  inner  and 
outer  spacers.  The  third  stage  is  overhung  forward  and  positioned 
axially  by  a  spacer  bolted  to  the  front  face  of  the  fourth  disk  at  the  outer 
spacer  diameter. 

Cover  plates  are  presently  being  studied  to  reduce  the  low  cycle  fatigue 
(DCF)  of  the  third  through  sixth  rotor.  The  plates  channel  hot  com¬ 
pressor  discharge  air  to  the  disk  rims  and  reduce  the  thermal  gradient 
from  bore  to  rim.  Radial  knife-edge  seals  are  included  on  the  cover 
plates  to  provide  the  sealing  required  between  stages.  The  cover  plate 
on  the  third  rotor  also  serves  as  the  support  for  damping  weights  re¬ 
quired  on  that  stage.  The  third  rotor  front  cover  plate  is  bolted  in 
place  with  the  support  spacer  and  the  rear  cove”  plate  is  piloted  on  a 
flange  and  retained  by  a  bolted  spacer.  The  next  three  cover  plates 
are  piloted  on  flanges  and  held  in  place  by  the  outer  bolted  spacer.  The 
blades  have  dovetail  roots  inserted  in  slots  machined  into  the  disk  rims. 
Mechanical  damping  devices  and  extended  blade  roots  are  employed  on 
the  third  through  seven  stages  to  reduce  the  effects  of  blade  vibrations. 
Damping  weights  are  attached  to  cover  plates  on  the  third  rotor  and  to 
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riveted  damper  support  plateB  on  the  seventh  rotor.  Extended  roots 
on  the  fourth,,  fifth  and  sixth  stages  are  used  to  improve  the  LCF  life 
of  the  disk  rim  by  reducing  bore~to-rim  thermal  gradients.  Axial 
movement  of  the  blades  is  restrained  by  cover  plates  in  the  third  through 
sixth  stages  and  by  damper  support  plates  on  the  seventh  stage.  The 
compressor  blades,  hubs,  disks,  spacers  and  cover  plates  are  to  be 
fabricated  of  Waspaloy  (PWA  1007)  nickel  alloy. 

Each  disk  and  blade  assembly  and  the  front  hub  are  statically  balanced. 
The  rotor  shaft  is  dynamically  balanced.  The  rotor  ^embly  is  then 
dynamically  balanced  as  a  unit  by  adding  weights  to  flanges  provided  on 
the  third  stage  disk  and  the  seventh  stage  seal  disk.  Throughout  the 
rotor  structure,  fillet  radii,  careful  blending  of  intersecting  surfaces, 
and  the  use  of  rounded  or  chamfered  corners  are  provided  to  reduce 
stress  Levels  in  locations  where  stress  concentrations  occur. 

The  thrust  loading  on  the  rotor  is  transmitted  to  the  number  2  bearing 
from  the  outer  spacers  through  the  disks  and  conical  front  hub.  Radial 
loads  are  tranmitted  to  the  number  2  bearing  through  the  front  hub  and 
to  the  number  3  bearing  through  a  conical  shaft  seemed  by  the  tiebolts 
to  the  rear  side  of  the  seventh  stage  disk.  This  shaft  extends  rearward 
to  engage  a  spline  on  the  high  speed  turbine  shaft. 

The  cold  static  radial  clearances  of  all  knife-edge  seals  in  the  high 
pressure  compressor  were  made  as  small  as  possible  while  providiaig 
for  the  maximum  tolerance  build-up,  the  maximum  radial  differential 
thermal,  growths  during  steady-state  operation,  and  the  maximum  elas¬ 
tic  radial  deflections  during  operation.  Light,  non-destructive  rubbing 
will  occur  during  thermal  transient  or  overspeed  during  initial  operation. 

Blade  tip  radial  clearances  were  established  to  provide  for  the  maximum 
tolerance  build-up,  the  maximum  differential  radial  and  axial  thermal 
growth  during  transient  operation,  and  radial  elastic  blade  and  disk 
growths  at  normal  high  temperature  operating  speeds, 

Axial  gaps  on  the  forward  side  of  all  rotating  parts  and  adjacent  sta¬ 
tionary  parts  provide  for  the  maximum  total  tolerance  accumulate  in, 
the  maximum  axial  differential  thermal  growths  during  transient  opera¬ 
tion,  the  estimated  net  forward  deflection  of  the  end  bell  resulting  from 
centrifugal  action,  the  maximum  forward  blade  tip  deflections  resulting 
from  the  steady-state  gas  loads,  and  the  maximum  forward  blade  tip 
deflection  resulting  from  surge  gas  loads. 


The  axial  gaps  and  the  seal  land  lengths  between  the  rear  of  the  rotating 
parts  and  the  adjacent  stationary  parts  provide  for  the  maximum  tolerance 


PAGE  NO.  2A-30 


CONFIDENTIAL 


BOWMmftJ  Af  *  YlAX  IMT**V£4I| 

**rt*  if  run 

ocx>  o*  «JM>co 


V 


llf'iiSl'iHilllilHwtriiiTr  "r  *“*  ‘  -»>■»«»<*» 


PRATT  &  WHITNEY  AIRCRAFT 


CONPIOSNTsAB- 


PWA-2600 


accumulation,  the  maximum  axial  differential  thermal  growths  during 
transient  operation,  the  maximum  net  thrust  bearing  end  play,  the 
maximum  disk  rim  deflection  resulting  from  surge  gas  loads,  the  maxi¬ 
mum  forward  stator  vane  deflections  resulting  from  steady-state  gas 
loads,  and  the  maximum  forward  seal  support  diaphragm  deflections 
resulting  from  steady-state  static  pressure  loads. 


c,  Structural  Analysis 


(1)  Introduction 

The  preliminary  design  effort  conducted  during  Phase  II-A  on  the  high 
pressure  compressor  resulted  in  a  structural  design  concept  which 
utilized  lightweight  disk  construction  in  combination  with  a  doable 
spacer  arrangement  to  maintain  overall  rotor  rigidity.  Detailed  design 
work  during  Phase  H-B  has  resulted  in  the  definition  of  a  disk  3tress 
problem  which  may  warrant  a  change  in  this  design  approach.  The 
problem  arose  as  a  result  of  the  high  average  disk  stress  level  resulting 
from  the  lightweight  construction  and  an  initial  Phase  II-B  thrust  balance 
system  which  circulated  hot  gases  through  the  bores  of  the  high  compres¬ 
sor  disks.  The  hot  gases  on  the  bore  resulted  in  an  inverse  thermal 
gradient  (i.  e.  bore  temperatures  higher  than  rim  temperatures)  on 
some  of  the  disks.  This  inverse  gradient  is  accentuated  by  the 
deceleration  from  high  flight  Mach  numbers,  where  the  disk  rims  res¬ 
pond  quickly  tc  the  resultant  decrease  in  gas  temperature  while  the 
disk  Dores  lag.  The  overall  result  of  these  two  effects  (i,  e.  high 
average  otre'ses  and  inverse  thermal  gradient)  is  to  increase  the  rim 
tangential  stress  above  normal.  This  stress  level  is  further  increased 
by  a  stress  concentration  factor  resulting  from  rim  discontinuities  at 
the  blade  attachment  slots.  The  resultant  local  stresses  at  the  blade 
attachment  slots  are  forced  well  over  the  yield  stress  of  the  disk 
material,  This  stress  cycle,  repeated  once  on  each  flight,  would  re¬ 
sult  in  ultimate  cracking  of  the  disk  at  a  stress  concentration  point. 

This  problem  though  less  severe,  is  common  to  a.ll  turbojet  engines 
and  is  termed  low  cycle  fatigue  (LCF),  The  design  objective  of  the 
STF219  engine  is  8000  DCF  cycles. 


(2)  Discussion 

One  approach  to  the  problem  would  be  to  lower  the  average  disk  tangen¬ 
tial  stress  level  by  increasing  disk  thickness.  The  effect  of  this  approach 
on  a  typical  disk  weight  is  shown  in  Figure  2 A -55.  This  figure  illustrates 
the  prohibitive  weight  increase  resulting  from  this  approach. 
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Three  other  approaches  are  now  being  investigated  to  resolve  this  prob¬ 
lem.  They  are  as  follows; 


1  >  Reduction  of  stress  concentration  factors  at  blade  attach¬ 
ment  slots, 

2.  Elimination  of  the  inverse  thermal  gradient  by  circulating  cooler 
gases  around  and  through  the  disk  bores, 

3.  Elimination  of  the  inverse  thermal  grau-„nt  by  thermally  shielding 
the  disk  rims  with  "coverplates"  . 

Laboratory  test  programs  have  been  initiated  to  determine  a  means  of 
reducing  disk  rim  stress  concentration  factors.  One  program  involves 
a  photoelastic  analysis  to  determine  the  effects  on  the  concentration 
facccr  of  an  elliptical  (rather  than  circular)  radius  in  the  blade  attach¬ 
ment  slot.  Another  program  is  investigating  the  optimum  disk  slot-to- 
neck  width  ratio  by  use  of  an  electrical  analog.  A  third  program  is  in¬ 
vestigating  the  improvements  in  the  concentration  factor  to  be  gained  by 
shot-peening  the  attachment  slots  .  The  second  approach  is  discussed  in 
detail  in  the  Thrust  Balance  section  of  this  report. 

Since  the  third  approach  is  the  only  scheme  involving  major  mechanical 
changes,  it  was  studied  in  some  detail  during  Phase  XI-B.  The  cover- 
plate  approach  provides  for  hot  gas  circulation  around  the  rims  of  all 
compressor  stages  and,  thereby,  eliminates  the  inverse  thermal  gradient. 
In  addition,  the  plates  provide  a  barrier  between  the  disk  rims  and  the 
static  stator  walls,  further  reducing  heat  transfer  rates.  This  effect 
decreases  the  rim  response  to  thermal  transients. 

A  final  approach  resolving  this  LCF  problem  has  not  been  chosen. 

Studies  are  continuing  to  produce  a  high  compressor  structural  configu¬ 
ration  which  will  meet  the  stated  requirements  of  the  Supersonic  Trans¬ 
port  powerplant. 


Stator  and  Case  Design 


(1 )  Discussion 


The  high  compressor-  Aor  and  case  design  as  presented  in  the  STF219 
Phase  II-A  report  1  further  studied  and  has  been  revised  in  several 
respects.  It  was  e  rblished  that  the  provisions  for  an  abradable  shroud 
were  not  sufficient  therefore,  the  design  was  revised  to  incorporate  a 
recessed  tip  seal  i  ivity.  This  seal  cavity  can  be  used  to  house  various 
types  of  tip  seals  nd  has  had  successful  application  in  the  JT11D-20 
turbojet  engine, 
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A  second  area  revision  was  n  motliod  of  retaining  the  outer  rntls  of  tile  j 

vanes.  A  change  wan  made  to  the  double  outer,  or  box,  shroud  <u n&-  I 

t  ruction,  shown  on  Figure  2A  - 1 .  This  revision  was  necessitated  by  ! 

t  he  axial  tol e  rant c  build-up  within  the  flanged  portions  of  thr  individual 
vanes  In  the  Phase  II -  A  design.  j 

This  fir  si  attempt  to  change  the  Phase  Il-A  design  is  presented  In  hlguie 
2A-G6.  Tills  scheme  incorporates  a  bladu  lip  seal  cavity  Mid  uiirninntes 
the  flanged  poi'Lion  of  tl.a  iorgud  vane.  The  flange  suction  of  vane  is 
replaced  by  a  separate  uno-pioee  flange  with  provisions  on  the  1,  D,  to 
retain  the  vanes  of  that  stage  and  hold  the  neal  In  |>ln<  y,  An  alternate 
case  profile  Is  also  shown  which  reduces  the  discontinuities  in  the 
outer  case  wall  h notion.  This  design  was  connidu red  an  improvement 
relative  to  the  Phase  II-A  design  but  it  was  not  carried  hwtlicr  because 
the  preliminary  weight  estimates  indicated  other  configtir.il inns  under 
study  promised  to  be  lighter. 

It  was  felt  that  the  design  of  tile  stators  and  canon  could  be  made  lighter 
by  using  a  JT-3  and  JT-4  engine  outer  case  design,  consisting  of  a 
single  outer  case  to  take  engine  loads  with  ths  vanes  and  soais  piloted 
on  the  I.D.  of  tills  case.  This  type  of  casci  1b  shown  tn  Flgurn  2A-37, 

It  was  found  that  with  thla  design  the  Individual  rings  required  to 
take  the  vane  bonding  moment  could  not  lake  the  buckling  loads  imposed 
on  them. 

A  strip  stock  fabricated  vane  was  then  Investigated  to  save  weight  and 
reduce  manufacturing  costfl.  The  resulting  Bchemos  had  apparent 
structural  deficiencies,  probable  susceptibility  to  long-term  crack 
formation,  and  wear  problems.  Thu  studies  of  tills  design  uchomu  have 
boon  curtailed. 

Further  studies  indicated  that  the  individually  replaceable  vaneo  increased 
weight,  therefore  it  was  decided  to  concentrate  uu  tbo  ligbtuwi  weight 
design. 

Figure  2A-1  is  a  design  similar  to  that  uBod  in  the  JT11D-20  engine. 

The  compressor  outer  wail  is  formed  by  stacking  a  combined  short 
case  and  stator  assembly  together,  one  for  each  of  five  stages.  Each 
case  and  stator  assembly  provides  a  seal  cavity  into  which  many  types 
of  blade  tip  seals  may  be  tested.  A  box  structure  to  which  the  outer 
ends  of  the  forged  vane  s  aie  brazed  is  provided  at  the  other  end  of  the 
seal  cavity  ca^e.  The  inner  ends  of  the  vanes  have  integral  tabs 
riveted  to  a  diaphragm.  This  diaphragm  supports  the  interstage  seal 
rings  b,  rivets  and  spacers  in  radially- slotted  holes  to  accommodate 
thermal  growth.  The  seventh  stage  stators  and  exit  guide  vanes  are 
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made  of  rolled  atrip  stock  Inserted  Into  pre-punched  slots  in  Iho  outer 
olu'oud  ring,  They  aro  twisted  and  forced  Into  the  Inner  shroud  r I f i h 
and  are  located  radially  by  ring*  at  the  l.D,  and  O.D,  The  Inner  sltroud 
ring  la  bolted  to  ilia  adjoining  diffuser  taaa  flange.  The  oui»r  tdirmid 
ring  Is  supported  by  the  seventh  stage  eomprranor  outer  <  a«e  with 
provisions  for  thermal  expaiiflion  and  fabrication  lolernnrnn. 

A  study  was  made  of  a  revision  lo  the  preceding  design  whereby  Ilia  Inter  - 
mediate  flanges  wars  eliminated  and  the  cases  hold  by  llorods.  This 
was  an  attempt  to  eliminate  the  inlorniadinttj  flanges  and  their  small 
bolts,  The  now  dasign  would  replace  them  with  tlorodo  which  would  have 
greater  energy  absorption  ability.  It  turned  out  lhaL  32  tiorods  of  0.379 
inch  diameter  wore  required.  Tills  increased  the  design  weight,  to  20 
lbs.  over  than  the  refofonco  design. 

Also,  an  attempt  was  made  to  Incorporate  a  single  ouler  ensg  design, 
similar  to  Figure  2A-57,  but  with  box  shroud  stator  construction.  Tills 
turned  out  heavier  than  the  tiorod  design, 

The  design  of  Figure  2A-1  was  evaluated  ns  the  most  promising  and  Is 
incorporated  in  the  current  engine  assembly. 

To  save  additional  weight,  it  may  bo  possible  to  revise  the  design  and 
make  the  third  and  fourth  stage  vanes  of  titanium  in  a  small  indepen¬ 
dent  box  structure  contained  in  steel  cases.  The  outer  casus  would  ba 
lighter  using  steel  because  they  aro  buekling-lliniled, 


6,  DIFFUSER  CASE 

(a)  ^/!c  chan  leal  Dose  riptlon 

The  current  diffuser  case  Is  an  Inconel  710  weldment  consisting  of  an 
Inner  and  outer  machined  forged  ring  connected  by  sixteen  equally 
spaced  struts  butt-welded  to  the  rings.  The  weldment  provides  an 
outer  sheet  metal  manifold  with  various  welded  accessory  bosses,  The 
case  weldment  also  provides  the  necessary  passages  and  supports  for 
the  accessory  air  requirements,  number  3  bearing  oil  and  air  lines, 
fuel  nozzles,  and  forward  burner  can  support. 


Figure  2A-1  shows  a  typical  cross  section  through  a  strut  of  the  pre¬ 
sent  case.  Although  the  general  purpose  and  requirements  of  the  dif¬ 
fuser  case  have  remained  the  same,  many  differences  have  evolved  from 
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I'm  Plumy  H "A  design.  Thu  more  n pp,i rant  clinngao  In  the  dlifunur  enuu 
fll't-  lint'1  (I  '‘clow: 

a,  General  flow  path  il/,f  mid  shape  h/ive  Lhmiged. 

l»,  The  Phase  11- It  case  lui  h  lit  struts,  The  Phase  1 1  -  A  nine  had 
1 Z  ml  ruin. 

c,  Thy  Phase  11=  B  easy  has  32  fuel  nozzles,  The  Phase  II- A 
cage  had  2*1  no?,?, leg, 

d,  Tlie  Phage  II- B  case  fuel  nozzle  plane  la  behind  the  strut1 

The  Phase  1 1  -  A  ease  fuel  nozzles  plane  wan  between  the  struts, 

#,  Tlie  Phase  II  -  A  ease  provided  Inner  bleed  air  pauengou  for 
seventh  stage  compressor  and  turbine  cooling  air.  The  pre¬ 
sent  ease  does  nut  pi'ovld*  this  feature. 

f.  The  present  external  two  compartment  manifold  bleeds  high 
compressor  discharge  total  pressure  air  from  each  strut 
lending  edge  for  aircraft  cabin  air  bleed,  aircraft  anti -icing 
and  the  duct  healer  fuol  turbopump,  It  also  bleeds  discharge 
static  air  from  the  sides  of  each  strut  for  the  duct  flnmeholder , 
The  Phase  II -A  case  provided  cabin  ntr  bleed  from  the  leading 
edge  of  each  strut  and  other  aircraft  air  from  the  outer  wall. 
The  duct  flameholder  air  was  bled  from  the  burner  outer  case 
wall, 

g.  General  fabrication  and  structural  changes  are  reflected  In  the 
Phase  II- D  design  as  a  result  of  above  changes  in  requirements. 

Changes  "a"  through  "d"  were  primarily  tho  result  of  a  reduction  in 
engine  size,  additional  lest  rig  data,  and  further  evaluation  of  the  ram 
Inductor  burner.  These  studies  demonstrated  that  it  is  possible  to 
reduce  the  Bize  of  the  forward  portion  of  the  burner  can.  This  allows 
the  diffuser  to  lit*  resized  to  provide  better  diffusion  characteristics 
with  reduced  flow  losses. 

The  number  of  fuel  nozzles  was  increaued  lu  3?,  to  improve  flame  uni¬ 
formity,  Th 1  s  increase  required  a  change  in  tire  number  of  struts  as 
it  was  desired  to  maintain  equally  spaced  struts  for  even  stress  dis¬ 
tribution,  un  formity  of  flame  pattern,  and  vibration  considerations. 

To  limit  strut  width  (wake  size  limitation)  and  provide  adequate  strut 
cross  sectional  area  (for  the  number  3  bearing  lines  and  manifold  air), 
it  was  found  necessary  to  provide  a  minimum  of  16  struts. 
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Wltli  the  large  number  of  strata  and  nozzle  required,  it  was  then  found 
necessary  to  place  the  nozzle  plane  behind  the  strata  to  provide  sufficient 
clearance  for  the  nozzle  swlrlem  {Figure  2A-ri8).  The  Main  Combustion 
Chamber  section  dencrlbca  the  burner  requirements  more  fully, 

Continuing  thrust  balance  and  turbine  cooling  air  studies  indicate  that 
the  inner  bleed  air  passages  o|  llio  Phase  II  -  A  cane  should  be  omitted 
(change  e),  It  was  found  that  by  ducting  compressor  air  along  llio 
Innur  burner  wall  through  holes  in  the  roar  and  of  the  llnar  air  could 
be  fed  to  turbine  cooling  passages  at  a  higher  total  preoMure  than 
111  OUgh  tubes,  as  originally  specified  In  Phase  1I-A.  The  latest  thrust 
bahnea  and  compressor  disk  cooling  schemes  indicate  that  compressor 
total  ut  tch arge  pressure  from  the  center  of  lli  ?  flowpath  is  not  required, 
The  tiUdles  also  Indicate  that  the  original  scheme  could  lead  to  com¬ 
promises  in  compressor  elfielcney.  The  removal  of  this  ducting  sim¬ 
plifies  and  lightens  the  diffuser  case, 


It  was  decided  to  bleed  the  fan  duct  flamcholder  air  from  the  side  walls 
a f  the  diffuser  case  atrut  because  at  this  locution  the  effecte  of  variations 
In  the  percentage  of  blood  flow  and  also  completely  shutting  off  the  bleed 
would  be  common  to  both  the  Inner  and  outer  burner  nnnull.  If  bled 
only  from  Lhc  outer  burner  case  wall,  flow  variations  and  blond  air 
shut-off  would  affect  the  outer  burnor  annulus  flow  only,  and  would 
probably  alter  the  burner  discharge  temperature  pattern.  Th<-  dlse;.„  ”fjc 
bosjes  for  flamoholdor  air  are  placed  to  the  rear  of  the  plane  of  the  fuel 
nozzles  nnd  behind  the  oil  lines  to  simplify  the  manifolding  and  i0  pro¬ 
vide  us  much  room  as  possible  for  other  lines  going  through  the  area, 

It  was  decided  to  take  all  high  compressor  discharge  total  pressure 
bleed  air  through  the  strut  leading  edge  for  the  following  reasons: 

a.  It  provides  the  clean  air  necessary  for  cabin  air, 

b.  It  provides  the  required  air  without  promising  size  or 
configuration, 

c.  It  has  simpler  manifolding  and  fabrication  than  the  Phase 
II-A  design. 

d.  It  results  in  a  lighter,  easier  to  fabricate  configuration. 

The  Phase  II-A  turning  vanes  incorporated  in  the  cabin  bleed  struts 
were  omitted  for  simplicity.  They  can  be  added  if  initial  engine  testing 
indicates  that  they  are  needed  for  pressure  recovery.  Figures  2A-59 
and  2A-60  show  typical  fabrication  techniques  considered  for  the  diffuser 
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c/isg,  Tin!  inner  and  outer  caHnK  lira  mipporl  ml  I  j  y  Blrutii  .1  ml  strengthened 
■  il  thr  Iniir  lornei’M  by  (  i  n  omfc  1‘1-nt  is  I  ring  l|.iii);<'«  to  supporl  <1  nrl  flmln 
bulc  llti'  lo.idh  Hnpopml  by  thi’  inner  din  1  (mmilirl'  3  bc.i  r ing  loads  anil 
a  x  l/i  1  pressure  loads  on  the  numher  3  bearing  wall),  Integral  gunnels 
III.II  limed  1,1  tin-  inner  amt  miler  tase  walls  oppontle  the  «l  l"ll  a  1 1  a  1  h  1 1  ie  lit 
p  re  jeit  mil  fi  aid  i  n  d  1  hi  I' 1  hii  1 1  nji  the  loads  between  the  alrulit  .mil  the 
Inner  and  i  nler  oases  and  their  stiffening  flanges,  Figures  2A-59  and 
2A-60  iihuw  Chu  various  methods  of  fabricating  Ihltt  configuration  Figure 
2A-59  shows  ji  one-p|ern  machined  Inner  and  outer  ring  with  fabricated 
struts  (furgi»g»  ami  alied  rnutaj)  bull-welded  to  the  rlnga  at  airfoil 
contoured  projection*]  machined  Integral  with  the  rings,  Figure  2A-60 
provides  pronssomblnd  fnbrlcnlod  bItuIh  with  Integral  feet  weldud  to 
cutouts  In  the  Inner  and  outer  rlnga  to  provide  for  the  struts,  An 
additional  configuration  not  uhown  Ih  simliur  to  Figure  2A-6  except 
l  ha  I  l  ho  al  rut  s  are  cast  as  one  piece.  The  emphasis  In  each  design 
la  In  the  elimination  of  fillet  and  lap  welda  which  have  disadvantages 
fur  long  life  structural  joints  due  to  their  tracking  formation  tendency 
and  flic  difficulties  in  Inspecting  and  repairing.  All  of  the  above 
Bcoi.’iiieS  depend  exclusively  on  bull-wolding  techniques. 

The  first  design,  Figure  2A-59,  is  proposed  for  the  Phase  II-B  design 
lor  the  following  reasons: 

a.  It  provides  for  minimum  weld  distortion  of  the  final  assembly. 

b.  It  provides  the  least  amount  of  welding  in  highly  stressed 
areas . 

The  additional  cost  of  tills  design  would  lie  overcome  by  the 
advantages , 

d.  Consideration  of  the  east  strain  was  deferred  until  more  ex¬ 
perience  lias  been  gained  in  casting  and  welding  complex  weld¬ 
ments  with  cast  Inconel  7  11)  components. 

Inconel  7  18  nickel  alloy  (PWA  1009  and  1033)  in  forged  and  sheet  forms 
was  chosen  because  of  Its  high  strength  al  the  operating  temperature 
and  its  relative  ease  of  weldability  and  repair,  Waspaloy  was  not  con¬ 
sidered,  since  the  engine  is  now  limited  to  Mach  2.7  operation  and  the 
higher  temperature  strength  of  Waspaloy  is  not  considered  necessary. 

(b)  Structural  Analysis 

The  major  loads  on  the  diffuser  case  assembly  are  caused  by  aircraft 
maneuvers,  thermal  gradients  between  the  inner  and  outer  walls,  and 
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gaa  preHBurr  differentials,  Of  these,  the  pressure  differential  across 
the  inner  wall  produces  the  predominate  load  on  the  structure.  This 
load  is  transferred  from  the  inner  wall  to  the  diffuser  struts,  and  hence 
to  the  outer  wall  which  is  reinforced  with  continuous  rings  and  loc  al 
connecting  ribs.  The  pressure  differential  on  the  inner  wall  causes  a 
collapsing  load  on  the  structure  resulting  In  a  huckling-limited  case. 

The  limiting  circumferential  and  axial  streams  are  <16,000  and  MS,  100 
pal,  respectively.  The  actual  stresses  are  16,000  and  30,200  psia. 

To  keep  local  stresses  low  and  'ilmc'ure  stiffness  high,  the  diffuser 
struts  v/ere  used  as  a  bridge  between  the  two  pairs  of  support  rings. 

One  pair  of  rings  was  located  at  the  I.  D,  and  lire  ulher  at  the  O.  D.  of 
the  case,  The  rings  were  placed  over  the  leading  and  trailing  edge  of 
the  strut  to  give  s  direct  connection  between  tins  structures.  Upon 
determining  the  loads,  the  support  rings  wore  si /.ed  accordingly  and 
the  4i?,rr avtoe  In  the  struts  checked.  NASA  technical  notes  TN  D-dOO 
arid  TN  D-402  were  Ui tied  for  the  ring  structural  analysis.  Creep  and 
strains  rupture  Ilf#  was  chocked  to  determine  if  this  criteria  was 
Limiting,  It  wart  ItWtud,  however,  that  a  yield  criterion  is  limiting  at 
sea  leval  ram  condillnno,  Therefore,  the  rings  were  sized  accordingly. 

1  /. 

Tim  bflifdc  design  provides  flexibility  of  manufacture  and  process. 
Several  alternate  designs  were  Investigated  from  a  manufacturing  view¬ 
point,  however,  the  fabricated  design  shown  was  chosen  as  being  the 
most  practice),  and  leaait  tixpenaive, 

7.  MAIN  COMBUSTION  CHAMBER 
a .  Gil M eral  Description 

The  main  combustion  chamber  section  encompaGeeB  that  part  of  the 
engine  between  the  compressor  exit  and  the  turbine  inlet,  This 
include  a  the  compressor  discharge  air  diffuser,  the  Inner  and  outer 
combustion  chamber  cases,  the  single  annular  combustion  chamber, 
the  transition  duct  into  the  turbine,  a  fuel  supply  system,  an  ignition 
aou*(C<i,  and  seals.  These  features  are  shown  in  Figure  2A-61. 

The  combustion  chamber  ie  an  advanced-design  annular  ram  induction 
burner ,  The  annular  burner  permits  the  maximum  utilization  of  avail¬ 
able  angirie  apecc  by  combining  the  burner  and  diffuser  in  a  common 
volume.  The  ram  induction  burner  is  basically  aa  proposed  in  Phase 
LI-A  with  minor  modifications  for  differences  in  the  engine  flowpath 
and  the  increased  number  of  diffuser  case  struts.  As  in  the  Phase 
II- A  design,  airflow  into  the  ram  induction  burner  is  accomplished  by 

r-Aoc  no.  2A-38 


OVNWiMt  I  *»**  «i*l*<*U 
»^I«  <■  »!*■-» 
MO  O*  i  JDS  <a 


G<9Ne*95S®(MTSAIL 


ram  pressure.  The  use  of  velocity  head  for  penetration  requires  less 
diffusion  between  the  compressor  and  combustion  area,  thu#  lowering 
diffuser  pressure  loss.  The  high  momentum  of  the  compressed  air  is 
utilized  to  inject  primary  and  secondary  air  into  the  combustion  chamber 
and  to  mix  fuel  vapors,  burned  gases,  and  dilution  air.  In  conventional 
systems,  the  penetration  and  turbulence  are  a  function  of  the  static 
pressure  differential  at  the  holes  in  the  combustion  chamber  liner. 

With  the  name  burner,  however,  the  use  of  total  pressure  rather  than 
static  pressure  permits  greater  control  over  mixing  characteristics 
without  incurring  a  significant  pressure  loss. 

High  velocity  diffuser  discharge  air  is  introduced  into  the  combustion 
chamber  through  a  aeries  of  small  ram  air  scoops  in  the  primary  zone. 
Additional  rows  of  larger  scoops  in  the  secondary  zone  provide  further 
mixing  of  the  dr  and  gases.  Fuel  is  injected  directly  into  the  combustion 
chamber  by  means  of  swirl  atomizing  nozzles.  Since  the  ram  air  scoops 
provide  a  high  level  of  turbulence  and  mixing,  adequate  fuel  preparation 
can  take  place  in  the  primary  section  of  the  combustion  chamber.  Con¬ 
sequently,  the  primary  scoop  arrangement  provides  a  mechanical  method 
of  fuel  preparation  and  eliminates  requirements  for  heat  cone  premixing. 

The  ram  induction  burner  also  provides  certain  structural  advantages. 
First,  because  this  type  of  burner  does  not  rely  upon  a  static  pressure 
differential  across  the  combustion  chamber  liner  as  does  the  conven¬ 
tional  combustion  chamber,  the  pressure  loading  of  the  liner  is  much 
lower,  Second,  the  high  velocity  flow  over  the  liner  and  through  the 
ram  air  scoops  provides  basic  cooling  by  convection,  Supplementary  film 
cooling  is  utilized  to  cool  the  surfaces  which  are  exposed  to  the  hot  gases. 
Figure  2A-62  shows  a  detailed  section  of  a  scoop  with  film -cooled 
louvers  on  the  portion  exposed  to  the  hot  gas. 

Downstream  of  the  secondary  scoop  section  is  the  transition  duct  section 
of  the  combustion  chamber.  The  convectively -cooled  inner  and  outer 
transition  ducts  serve  to  channel  the  burned  gases  into  the  turbine  inlet. 
Air  supply  for  transition  duct  cooling  is  taken  from  between  the  combus¬ 
tion  chamber  walls  and  liners.  The  pressure  gradient  between  the  for¬ 
ward  and  aft  ends  of  the  transition  duct  liner  accelerates  the  cooling  air 
between  the  concentric  walls  of  the  liner.  This  air  is  discharged  at  the 
turbine  inlet,  thuB  film  cooling  the  Bhrouds  of  the  first  stage  turbine 
vane. 

The  extensive  use  of  convective  cooling  in  the  combustion  chamber  sec¬ 
tion  significantly  reduces  the  amount  of  transpiration  and  film  cooling 
required.  Consequently,  a  greater  portion  of  the  airflow  is  available  to 
tailor  the  burner  exit  profile  than  in  a  iiner  using  other  cooling  methods. 
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(i)  Compressor  Discharge  Air  Diffuser 

The  diffuser  flowpath  between  the  compressor  exit  vanes  and  ram  air 
scoops  shown  in  the  Phase  II-A  report  was  primarily  a  scaled  version 
of  the  STF2.00  engine  combustor  diffusion  section.  The  fairing  on  the 
front  of  the  inner  burner  case  extended  into  the  flared  rear  section  of 
the  compressor  to  the  strut  leading  edge.  This  formed  two  parallel  dif¬ 
fusers  with  entry  and  exit  ducting.  A  smaller  central  diffuser  in  the  nose 
of  the  extended  burner  can  fairing  diffused  the  initial  primary  air  before 
dumping  into  the  cavity  where  it  feeds  the  vane  swirler. 


The  diffuser  flowpaths  were  carefully  analyzed  to  determine  local  regions 
of  excessive  diffusion  on  each  surface  due  to  wall  and  flow  curvature  as 
well  as  expected  diffuser  inlet  flow  profiles.  Other  situations  which 
could  cause  local  flow  separation  or  diffuser  instability  (i.  e.  mechanical 
tolerances  and  thermal  displacements  of  mating  wall  surfaces, unavoidable 
leakage  into  and  out  of  the  diffusely  the  wakes  shed  from  the  struts  and 
fuel  nozzle  supports,  the  effect  on  the  flow  through  the  primary  scoops 
and,  in  turn,  the  combustor,  and  the  thick  boundary  layer  on  the  inner 
burner  case  wall)  were  analyzed.  As  a  result  of  this  study,  the  diffuser 
flowpath  underwent  several  changes  to  insure  stable  and  unseparated 
flow  to  the  ram  air  scoops  at  all  flight  conditions  with  good  recovery 
efficiency  and  low  flow  losses. 

More  recent  combustor  rig  testing  has  indicated  that  combustor  flow 
areas  need  not  be  as  great  in  the  mixing  region  as  the  burning  zone.  By 
reducing  combustor  inlet  size,  the  amount  of  divergence  of  the  diffuser 
was  reduced  and  the  diffuser  inlet  wall  curvature  problems  were  greatly 
reduced. 

The  suppression  of  strut  wakes  and  the  elimination  of  boundary  feeding 
'into  the  primary  scoops  was  accomplished  by  taking  the  primary  scoop 
air  and  swirler  cup  air  through  the  central  diffuser.  The  swirler  air 
bleeds  into  the  combustor  while  the  remainder  is  accelerated  through  a 
nozzle  to  feed  the  primary  scoops.  The  air  passing  through  the  main 
diffuser  then  supplies  secondary  scoop  air  and  turbine  cooling  air. 


(2)  Inner  and  Outer  Combustion  Chamber  Cases 

The  outer  combustion  chamber  case  consists  of  two  sections.  The  front 
section  of  the  outer  case  attaches  to  the  rear  flange  of  the  diffuser  case. 
The  rear  flange  of  the  rear  section  joins  with  the  turbine  case  and  the 
end  of  the  outer  transition  duct.  The  outer  case  is  pressure-limited  and 
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was  designed  to  withstand  the  pressure  differential  between  the  high  j 

pressure  compressor  discharge  air  and  the  lower  fan  duct  pressure.  At  j 

sea  level,  Mach  0.,  7  this  pressure  will  be  159.5  psi.  The  flange  was  de-  i 

signed  to  creep  no  more  than  0.  5%  in  6000  hours  at  Mach  2.  7  at  65,000  ! 

feet.  Both  sections  of  the  outer  case  are  flow-turned  from  Waspaloy  j 

(PWA  1030)  with  an  integral  front  flange.  The  front  outer  combustion 
case  contains  six  welded  engine  bleed  ports  and  a  flange  to  support  the 
actuator  ring  of  the  duct  flameholder  valves.  Both  the  front  and  rear 
cases  have  welded  rear  flanges. 

The  inner  combustion  case  also  consists  of  two  Waspaloy  sections.  The 
front  flange  of  the  forward  section  attaches  to  the  rear  of  the  diffuser 
case  and  the  Number  3  bearing  support  flange.  Number  3  bearing  loads 
are  channeled  directly  into  the  diffuser  case,  thus  eliminating  the  require¬ 
ment  of  a  reinforced  forward  inner  case  as  employed  in  the  Phase  II-A 
design.  The  rear  flange  of  the  rear  section  joins  with  the  turbine  fir3t 
stage  vane  support  flange.  The  allowable  stress  for  the  inner  case  was 
calculated  to  provide  a  1.3  buckling  margin.  This  allowance  has  been 
found  adequate  in  other  Pratt  &  Whitney  Aircraft  engines. 

The  rear  outer  combustion  case  flanges  permit  rearward  movement  over 
the  turbine  case  for  hot  section  inspection.  The  rear  flange  of  the  case 
and  its  mating  turbine  case  flange  are  scalloped  to  interlock  over  a  com¬ 
mon  internal  flange  for  assembly  of  the  cases.  The  inner  and  outer  walls 
of  the  transition  duct  can  be  moved  forward  over  the  primary  and  secon¬ 
dary  ram  air  scoop  sections.  At  this  point,  the  first  stage  turbine  vane 
retaining  segments  may  be  unbolted  and  moved  forward  for  vane  re¬ 
placement.  The  inner  rear  combustion  chamber  case  was  designed  to 
move  forward  over  the  front  section  presenting  a  five-inch  access  to  the 

Number  3  bearing  rear  labyrinth  seal  supports.  With  the  release  of 
these  seals,  the  first  stage  turbine  rotor  and  shaft  may  bo  removed  as  a 
unit.  Further  design  studies  of  the  Number  3  bearing  compartment  and 
compressor-to-turbine  shaft  assembly  may  make  it  possible  to  remove 
the  turbine  without  going  through  the  rear  section  of  the  combustion 
chamber.  In  this  case,  the  inner  combustion  chamber  case  may  be  a 
single  segment. 

The  alternate  design  for  an  axially  split  combustor  presented  in  the 
Phase  II-A  report  has  been  studied  and  discontinued.  The  factor  of 
maintenance  accessibility  was  weighed  against  compromises  in  cost, 
performance,  and  development  effort  required.  An  axially  split  com¬ 
bustion  chamber  and  outer  combustion  chamber  case  would  be  more 
expensive  to  fabricate.  The  case  would  be  more  difficult  to  seal 
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against  external  air  leakage  and  would  have  lower  allowable  stresses 
than  the  present  flow-turned  design  in  which  hoop  stresses  do  not 
cross  longitudinal  welded  joints.  More  elaborate  fixtures  and  hoisting 
equipment  would  be  required  for  the  non- split  design  to  prevent  damage 
to  adjacent  sliding  part3.  The  alternate  scheme  will  be  investigated 
during  the  next  phase. 

(3)  Annular  Combustion  Cnamber 

The  annular  combustion  chamber  is  divided  axially  into  two  sections. 

The  first  or  forward  section  is  the  primary  injection  section.  Air  is  in¬ 
jected  into  this  section  throu;  h  a  series  of  ram  air  scoops  to  provide  a 
stoichiometric  .air/fuel  mixture  in  the  combustion  chamber.  There  are 
three  axially  staggered  primary  scoops  in  both  the  inner  and  outer  com¬ 
bustion  chamber  walls  for  each  fuel  nozzle.  These  scoops  are  formed  of 
sheet  metal  and  are  welded  intc  the  chamber  walls.  The  secondary  r 
aft  section  of  the  combustion  chamber  is  located  immediately  behind  the 
last  row  of  primary  injection  scoops.  The  secondary  scoops  are  shaped 
to  insure  uniform  mixing  and  dilution  of  the  burning  primary  gases  and 
furnish  both  a  suitable  temperature  and  temperature  profile  to  the  tur¬ 
bine,  There  are  two  axially  staggered  secondary  scoops  on  the  chamber 
walls  for  each  fuel  nozzle,  Fabrication  of  the  secondary  section  is 
sir  .r  to  the  primary  except  for  the  inclusion  of  tab-ended  cascade  vanes 
whioii  are  punched  and  welded  into  the  side  of  the  secondary  scoops. 

The  scoop  walls  in  both  the  primary  and  secondary  sections  are  convec- 
tively  cooled  by  air  flowing  through  the  scoops.  Combustion  chamber 
wall  cooling  is  achieved  by  a  boundary  layer  film  produced  by  a  series 
of  louvers  in  the  walls  between  the  scoope.  Fabrication  of  the  scoops 
by  casting,  as  mentioned  in  the  Phase  T.X-A  report,  has  undergone 
further  study.  It  was  found  that  while  costing  less  a  cast  scoop  would 
also  have  to  be  welded  into  the  chamber  walls  as  do  the  formed  scoops. 
The  low  loading  on  each  scoop  along  with  convectiveiy-cooied  walls, 
dictated  a  thin  scoop  wall,  Vhic  could  not  bo  achieved  by  casting  with¬ 
out  a  considerable  amount  of  casting  process  refinement  which  would  in 
turn  increase  the  cost, 

A  single  sheet  metal  wall  is  placed  between  each  combustion  chamber 
scoop  wall  and  the  adjoining  combustion  chamber  case.  The  wall  serves 
to  maintain  the  air  velocity  supplying  the  ram  air  scoops  and  to  minimize 
radiation. 

The  short  front  section  of  the  combustion  chamber  abound  the  fuel  nozzle 
discharge  is  a  single  wall  construction  cooled  both  internally  and  exter¬ 
nally,  Internally,  the  wall  »b  boundary  layer  film -cooled  with  air  issuing 
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from  holea  located  in  the  vicinity  of  the  nozzle  face.  Externally,  the 
wall  is  convectively-cooled  by  initial  air  which  ie  accelerated  from  the 
forward  cavity  into  the  ram  air  scoop  feed  passages.  Development  of 
the  front  section  of  the  chamber  has  moved  the  fuel  nozzle  aft  from 
earlier  designs,  thus  eliminating  the  Phase  II-A  requirement  of  a 
double  wall  for  transpiration  cooling. 

The  swirl  cup  is  the  forwardmost  part  of  the  combustion  chamber.  The 
cup  is  installed  by  sliding  tabs  through  mating  gaps  in  the  collar  on  the 
forward  section  of  the  combustion  chamber.  The  cup  is  then  turned  90° 
and  is  held  in  place  by  tabs  on  the  lockring.  The  lockring  is  then  tack- 
welded  to  the  combustion  chamber  collar  making  the  swirl  cup  replace¬ 
able.  When  the  lockring  and  swirl  cup  are  in  position,  they  form  a  radial 
groove  which  receives  the  fuel  nozzle  swirler  flange. 

The  combustion  chamber  section  containing  the  swirl  cup  and  lockring 
assembly  and  the  primary  and  secondary  scoops  is  held  in  place  by  eight 
radial  pins.  The  pins  are  inserted  from  the  outside  of  the  diffuser  case 
and  pass  within  the  trailing  edge  of  the  diffuser  struts  into  inserts  in  the 
combustion  chamber  front  section.  The  pins  take  the  thrust  load  on  the  J  ' 
combustion  section  and  also  position  it  axially  and  concentrically  with  the 
diffuser  discharge.  A  radial  clearance  gap  at  each  pin  allows  for  dif¬ 
ferential  thermal  expansion  and  tolerance  accumulation  between  the 
diffuser  case  and  the  combustion  section. 

The  basic  sheet  metal  of  the  combustion  section  including  ram  air  scoops, 
combustion  chamber  walls,  and  the  front  section  of  the  combustion  cham¬ 
ber  is  Hastelloy  X  (AMS  5536)  nickel  alloy,  L-605  (AMS  5537)  was  con¬ 
sidered  for  the  above  applications  as  yield  and  rupture  strengths  of  L-605 
are  superior  to  those  of  Hastelloy  X  at  the  temperatures  to  which  it  will 
be  subjected.  The  oxidation  resistance  of  this  material  is,  however, 
inferior.  The  air  guide  swirl/.  re  cast  Stellite  31  (AMS  5382)  cobalt 
alloy.  Combustion  chamber  r  ..lining  pins  arc  Waspaioy  (PWA  1004) 
nickel  alloy  and  the  retaining  inserts  on  the  front  section  of  the  combus¬ 
tion  chamber  are  L-605  (AMS  5759). 

(4)  Transition  Duct 

The  rear  or  transition  duct  section  of  the  combustion  section  is  an  annular 
passage  which  further  mixes  the  burned  combustion  gases  and  leads  them 
into  the  turbine  section.  The  transition  duct  is  composed  of  independent 
inner  and  outer  shells,  each  of  which  is  fabricated  with  double -wall  con¬ 
struction.  The  /alls  are  formed  sheet  metal  (Hastelloy  X  AMS  5536)  weld¬ 
ments  The  wall  is  eonvectively  cooled  with  air  taken  in  at  diffuser  dis¬ 
charge  pressure  at  thu  forward  end  of  the  wall  and  discharged  at  the  aft 
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end  just  forward  of  the  turbine  inlet  guide  vanes  at  turbine  inlet  pressure. 
Analysis  has  shown  that  an  excessive  amount  of  air  would  be  required  to 
boundary  layer  film  cool  the  duct  and  that  a  porous  wall  construction, 
as  proposed  in  Phase  II-A,  would  not  have  the  desired  durability.  The 
cool,  shielded  skin  of  each  wall  provides  the  structural  support  to 
withstand  the  pressure  gradient  while  the  skin  exposed  to  the  combustion 
gases  provides  the  channel  for  convection  cooling.  The  transition  duct 
walls  are  held  rigidly  with  respect  to  each  other  at  the  forward  end.  The 
aft  ends  of  the  inner  and  outer  skin  of  each  wall  are  held  concentric,  but 
are  free  to  allow  for  radial  and  axial  differential  thermal  growth. 

(5)  Fuel  System 

The  fuel  system  for  the  annular  ram  induction  combustion  chamber  con¬ 
sists  of  32  individually  removable  dual  orifice  nozzles  having  a  turndown 
ratio  of  60:1.  The  pressurizing  valves  for  the  dual  orifice  system  are 
incorporated  in  the  nozzle  housing  as  close  as  possible  to  the  orifices  to 
avoid  coking  effects  which  might  occur  in  the  interconnecting  passages 
v'hen  the  valves  are  located  farther  from  the  nozzles.  Each  nozzle  and 
swirler  are  an  integral  assembly  which  slides  radially  inward  through 
the  diffuser  case  to  engage  a  positioning  groove.  As  described  earlier, 
the  groove  is  formed  when  the  swirl  cup  and  lockring  were'  tack  welded  to 
the  front  section  of  the  combustion  chamber.  The  integral  nozzle/ 
swirler  provides  excellent  concentricity  between  swirl  air  and  injected 
fuel,  thus  insuring  more  uniform  mixing.  The  assembly  also  allows 
removal  of  the  nozzle  and  swirler  for  inspection  or  replacement.  The 
nozzle  support  has  an  airfoil-shaped  sheet  metal  heatshield  attached 
where  it  passes  through  the  compressor  discharge  air  annulus.  The 
fuel  nozzles  are  retained  by  flanges  bolted  to  the  outer  wall  of  the  dif¬ 
fuser  case. 


(6)  Ignition  System 

Ignition  is  provided  by  two  electrical  igniters  which  penetrate  into  the 
front  section  of  the  combustion  chamber.  These  igniters  and  their  ex¬ 
tended  torque  tubes  pass  through  the  fan  discharge  duct  and  are  individually 
removable  without  removing  the  duct,  as  in  the  Phase  II-A  design. 


(7)  Seals 


Large  diameter  seals  (30  to  40  inches)  are  required  at  throe  locations  in 
the  main  combustion  chamber  of  the  engine.  The  first  two  locations  are 
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at  the  joints  between  the  inner  and  outer  scoops  and  their  respective 
transition  duct  walls.  The  third  location  is  at  the  aft  end  of  the  outer 
transition  duct.  The  main  problem  in  the  design  of  these  seals  was  not 
the  pressure  gradient,  but  the  high  radial  and  axial  thermal  displace¬ 
ments.  For  this  reason,  the  seals  must  have  good  flexibility  and  must 
be  able  to  withstand  temperatures  in  the  1200  F  to  1800  F  range. 

Two  types  of  seals  have  been  studied  for  use  with  the  annular  combustion 
chamber.  These  seals  are  shown  in  Figure  2A-63.  The  first  seal  is 
similar  to  the  JT11  combustion  chamber  seal.  The  sealing  ability  of  this 
configuration  has  proven  accpetable,  However,  extensive  testing  has 
shown  that  the  durability  of  the  seal  will  require  extensive  development. 
The  second  seal  is  similar  to  that  used  in  the  STF200.  This  seal  has 
undergone  a  considerable  amount  of  testing  and  has  shown  promise  of  ■ 
having  adequate  durability. 

The  second  seal  consists  of  two  adjacent  conical  sheet  metal  strips  and 
an  annular  rub  ring.  The  outer  edges  of  the  seal  are  riveted  to  their 
support,  while  the  inner  edges  are  joined  by  folding  one  strip  over  the 
other.  The  adjacent  strips  contain  alternating  slots  which  begin  at 
the  folded  edge  of  the  seal  and  end  just  short  of  the  rivet  drill  holes. 

•The  alternating  slots  in  the  two  strips  eliminate  a  direct  leakage  path 
into  the  combustion  chamber  and,  at  the  same  time,  allow  relative 
Circumferential  movement  between  the  two  strips  as  the  folded 
edge  of  the  seal  undergoes  radial  displacement.  A  finger  pattern  in  each 
strip  results  from  cutting  the  slots.  When  tl  i  folded  edge  of  the  seal  is 
displaced  racially,  the  fingers  are  stressed  as  •  antilevers  and  are  thus 
more  durab  chan  a  hoop  configuration.  The  remainder  of  the  seal  is  the 
annular  rub  ring  against  which  the  folued  edge  is  preloaded  at  assembly. 
Variations  of  this  seal  are  being  studied  for  use  in  three  locations  men¬ 
tioned  above. 

STF200  testing  is  being  carried  out  on  an  Inconel  X  (AMS  5542)  nickel 
alloy  seal  with  silver-plating  (AMS  2410)  on  the  rubbing  edge.  The  rub 
ring  is  Incoloy  901  (AMS  5660)  nickel  alloy.  The  higher  turbine  inlet 
temperature  in  the  STF219  engine  results  in  higher  seal  temperatures 
ani  consequently  more  durable  materials  are  required.  Materials  select¬ 
ed  for  the  STF219  seals  are  Astroloy  (PWA  1013)  nickel  seals  plated  in 
the  rubbing  area  with  PWA  586-1  moly-disulfide.  The  rub  ring  is  L-605 
(AMS  f  *59)  cobalt  alloy. 

b  .  Gene'- al  Combustor  Co nfigur ation 

During  Phase  II-B,  testing  of  the  ram  induction  burner  has  progressed 
through  several  modifications.  Touting  has  shown  tluil  tills  type  of  burner 
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is  very  tolerant  to  changes  in  inlet  flow  profile.  In  addition,  the  testing 
has  shown  that  turbine  inlet  temperature  profile  can  be  changed  substan¬ 
tially  without  major  burner  redesign.  Both  of  these  characteristics  are 
very  desirable,  since  experience  has  shown  that  the  final  burner  hole 
and  scoop  configuration  can  be  developed  only  on  an  engine.  The  burner 
configuration  showing  the  best  test  results,  Modification  #2-7,  was  used 
as  the  model  for  the  STF219  combustor  design. 

Figures  2A-64  through  2A-66  show  the  estimated  pressures,  flow 
areas,  and  Mach  numbers  through  the  combustor  section.  Overall 
combustion  chamber  length  from  compressor  exit  to  turbine  inlet,  is 
28  inches  while  the  actual  burning  length  is  20.  8  inches. 


The  general  parameters  for  this  burner  are  as  follows; 


Sea  Level 

Cruise 

Space  Heating  Rate 

5.5  x  106 

Btu/ft^/hr  atmospheri 

Shroud  Mn 

0.21 

0.255 

Liner  Velocity  (ft/ sec) 

113 

r 

Burner  Pressure  Loss  (AP/Ft  ) 

6.0 

co 

• 

Ratio  of  Maximum  Burner  AT  to 
Average  Aa 

1.  11 

8.  TURBINE  DESIGN 


a.  Introduction 


The  turbine  design  work  conducted  in  the  Phase  II-B  SST  contract  period 
was  directed  toward  the  selection  of  the  turbine  configuration  best  suited 
to  fulfilling  the  basic  objective  established  in  Phase  II-A.  This  objective 
is  the  design  of  an  engine  with  an  Initial  Rating  of  2000 ®F  TIT  and  the 
capability  of  eventual  development  to  the  Basic  Rating  of  2300® I*  TIT. 

In  addition  the  Initial  design  must  have  the  capability  of  meeting  a 
2300°F  Turbine  Inlet  Temperature  FTS  rating. 
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In  the  selection  of  the  turbine  designs,  a  strong  consideration  has  been 
given  to  state-of-the-art  in  terms  of  background  experience.  At  any 
given  time,  high  performance,  low  TBO  military  fighter  engines  operate 
with  higher  turbine  temperatures  than  transport  aircraft  engines  which 
require  much  longer  part  life.  At  the  same  time,  development  engines 
experiment  with  and  prove  out  designs  and  materials  for  the  next  logical 
advancement  for  reliable  flight  operation.  In  each  new  design, 
judgment  must  be  exercised  to  determine  how  much  to  extend  the 
design  beyond  the  current  state-of-the-art  with  respect  to  turbine  inlet 
temperature  levels  and  coolant  flow  requirements  so  that  an  acceptable 
balance  of  engine  performance  and  durability  can  be  achieved.  The 
STF219  turbine  design  represents  a  reasonable  extrapolation  of  past 
engine  experience. 


A  three  stage  turbine  consisting  of  a  single  high  pressure  stage  and  two 
low  pressure  stages  was  selected  for  the  STF219  engine  as  a  result  of 
optimization  studies  performed  under  the  Phase  II- A  study  contract. 
These  studies  evaluated  the  weight,  diameter,  efficiency,  and  life 
trade-off  factors  necessary  to  set  the  turbine  flowpath  for  the  optimum 
engine. 


D ,  Di  s  cuss  ion  of  Detailed.  Design 

The  objectives  stated  in  the  previous  section  are  satisfied  by  the  turbine 
flowpath  shown  in  Figure  2A-67.  This  flowpath  does  not  deviate  to  any 
large  extent  from  that  developed  during  Phase  Il-A. 


During  the  Phase  I1~.B  detailed  aesign  of  the  turbine,,  several  design 
changes  were  made  to  the  preliminary  turbine  flowpath  to  assure  at¬ 
tainment  of  the  final  engine  performance  requirements.  The  most 
significant  change  was  the  decision  to  design  a  turbine  flowpath  that 
would  assure  the  required  efficiency  at  maximum  turbine  inlet  tempera¬ 
tures  ranging  from  2000  nF  (initial  rating)  to  2300  "F  {basic  rating). 
This  temperature  rise  must  be  accomplished  without  major  mechanical 
changes  to  the  turbine  hardware.  Since  the  compressor  and  fan  match 
point  will  remain  the  same  throughout  this  turbine  inlet  temperature 
range,  the  2000 "F  rating  represented  the  more  difficult  aerodynamic 
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design  task.  For  this  reason  a  new  design  point  was  established  having 
the  following  parameters: 


Airflow  (lbs/sec)  650 

M  aximum  T,  I.  T.  <  'F)  2000 

Work  (Btu/lbs) 

High  Pressure  Turbine  113.4 

Low  Pressure  Turbine  104.0 

Rim  Velocity  Ratio 

High  Pressure  Turbine  0.44 

Low  Pressure  Turbine  0.42 

Rotor  Speed  (rpm) 

High  Pressure  8140 

Low  Pressure  6160 

Efficiency  (%) 

High  Pressure  Turbine  88 

Low  Pressure  Turbine  87.2 

Turbine  Exit  Mn  0.  58 

Turbine  Exit  Hub/ Tip  Ratio  0.  562 

Last  Stage  Tip  Diameter  (in.)  43.7 

Required  Life  (hrs. )  3000 


(1)  Velocity  Ratio 

The  efficiency  level  of  a  turbine  is  determined  primarily  by  the  velocity 
ratio  and  the  through  flow  gas  velocity  to  rim  wheel  speed  ratio.  Since 
low  weight  and  minimum  tip  diameter  were  desirable,  a  high  through 
flow  gas  velocity  (Mach  number)  and  relatively  low  velocity  ratio  tur- 
bine  were  desired.  A  number  of  turbine  flowpaths  with  varying  inner 
wall  diameters  were  investigated  in  an  attempt  to  obtain  the  minimum 
velocity  ratio  which  would  achieve  the  desired  efficiency  levels.  Some 
compromise  was  necessary  between  the  high  pressure  and  low  pressure 
turbines.  The  high  pressure  turbine  required  a  substantially  larger 
diameter  than  the  low  pressure  turbine  to  obtain  the  design  efficiency 
level.  This  resulted  in  a  steep  inner  wall  angle  which  was  limited  to 
a  17°  slope  initially  so  that  the  flow  would  remain  attached  to  the  inner 
wall.  Subsequent  changes  in  the  design  reduced  this  wall  angle  slightly, 

(2)  Mach  Number 

The  high  axial  Mach  number  in  all  stages  reduced  the  turbine  tip  diam¬ 
eters  and  helped  keep  the  blade  centrifugal  stresses  low.  The  rpm  of 
both  the  high  and  low  pressure  turbines  was  set  by  the  high  compressor 
and  the  fan,  although  there  was  some  consideration  for  the  high  pres¬ 
sure  turbine  stresses  in  setting  the  high  rotor  speed. 
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(3)  Turbine  Inlet  Temperature  Effect  on  Mach  Number 

Changing  the  match  temperature  of  the  engine  changes  the  expansion 
ratio  of  the  turbine  significantly,  since  the  work  requirement  is  constant 
at  both  2000  °F  and  2300  “F  turbine  inlet  temperature.  The  lower  tem¬ 
perature  match  requires  the  greater  expansion  ratio  and,  therefore, 
a  greater  volume  flow  at  the  turbine  exhaust.  A  higher  Mach  number 
occurs  for  a  given  turbine  exit  annulus  area. 

At  the  turbine  diameters  indicated  in  the  Phase  II-A  report,  the  lower 
turbine  match  temperature  increased  the  turbine  exit  Mach  number  to 
unacceptably  high  levels.  The  last  stage  turbine  tip  diameter  and  an¬ 
nulus  area  was  increased  so  that  the  exit  Mach  number  was  reduced  to 
approximately  0.  6.  This  resulted  in  an  exit  Mach  level  of  0.  5  at  the 
higher  temperature  match,  somewhat  below  that  quoted  in  the  Phase 
II-A  study. 


(4)  Turbine  Cooling  Losses 

The  effects  of  cooling  air  on  turbine  efficiency  were  also  investigated 
during  Phase  II-B.  In  addition  to  the  thermodynamic  effects  on  the 
overall  engine  cycle  performance,  the’-e  are  some  aerodynamic  effects 
on  the  turbine  performance.  These  effects  are  stated  below: 

a.  Cooling  air  injected  into  the  turbine  gas  stream  requires 
some  portion  of  the  main  stream  energy  to  accelerate  the 
cooling  air-to-main  gas  stream  velocity  levels.  Turbine 
tests  have  been  run  indicating  desirable  methods  of  intro¬ 
ducing  this  cooling  air  into  the  gas  path  with  a  minimum 
loss, 

b.  Compromises  in  the  airfoil  design  (mainly  leading  and  trailing 
edge  thicknesses)  required  to  effectively  cool  and  protect 

the  airfoils  from  low  cycle  fatigue,  creep  and  erosion  add 
some  losses  to  the  turbine. 

c.  Pumping  losses  in  the  blades  also  add  to  the  turbine  work 
requirements . 

These  losses  were  estimated  to  result  in  a  total  high  turbine  efficiency 
loss  of  approximately  1.5%.  Even  with  these  losses,  the  required 
turbine  efficiency  ol  88%  is  maintained. 
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c.  Turbine  Exhaust  Section 


The  major  change  resulting  from  the  decision  to  design  a  2000  “F  tur¬ 
bine  with  growth  potential  to  2300  °F  without  major  mechanical  change 
occurs  in  the  turbine  exhaust  section.  The  high  exit  Mn  at  the  lower 
turbine  inlet  temperature  requires  a  diffusing  section  before  the  air  is 
turned  to  enter  the  nozzle  in  an  axial  direction.  This  has  increased  the 
length  of  the  turbine  exhaust  section  approximately  11  inches.  As  the 
engine  is  updated  to  the  final  turbine  inlet  temperature,  the  exit  Mach 
number  will  drop,  further  increasing  the  efficiency  of  this  section. 


Figure  2A-68 


TURBINE  MEAN  LINE  AERODYNAMICS 
AT  1900  "F  CRUISE  CONDITION 


Stage 

Vane 

Inlet  Velocity  (ft/ sec) 

Inlet  Mach  number  at  19006F 
Axial  Velocity 
Swirl  Velocity 
Gas  Inlet  Angle  (deg. ) 

Exit  Velocity  (ft/sec) 

Exit  Mach  number 
Axial  Velocity  (ft/sec) 

Swirl  Velocity  (ft/sec) 

Gas  Exit  Angle  (deg. ) 

Blade 

Inlet  Relative  Velocity  (ft/sec) 
Inlet  Relative  Mach  number 
Axial  Velocity  (ft/sec) 

Relative  Swirl  Velocity  (ft/sec) 
Inlet  Wheel  Speed  (ft/ sec) 

Inlet  Relative  Gas  Angle  (deg.) 
Exit  Relative  Velocity  (ft/ sec) 
Exit  Relative  Mach  number 
Axial  Velocity  (ft/sec) 

Relative  Swirl  Velocity  (ft /sec) 
Exit  Wheel  Speed  (ft/aec) 

Exit  Relative  Gas  Angle  (deg.  ) 
Stage  Work  (Btu/lb) 


1 

2 

3 

577.9 

1063. 

997.  1 

- 

0. 5153 

0. 5079 

577.9 

963.  1 

933.  6 

- 

450. 

350. 

90.0 

64.  96 

69.45 

2100.8 

1569. 2 

1516. 0 

0.  9731 

0. 7796 

0.7935 

800.4 

941.  5 

996.  3 

1942.4 

1255. 4 

1142.7 

22.  39 

36.  87 

41. 08 

1926.  6 

1028. 3 

1041. 8 

0. 4958 

0. 5109 

0. 5453 

800.4 

941,  5 

996.  3 

710.  6 

413.  5 

304.  4 

1231. 7 

841.  9 

838.  3 

48.  4 

66.  29 

73.  01 

1926.  6 

1510, 4 

1709. 0 

0.9339 

0. 7694 

0. 9341 

963.  1 

933.  6 

1179.7 

1668.  6 

1187. 3 

1236. 6 

1218. 6 

837.  3 

836.  6 

29.  99 

38.  18 

43.  65 

113.4 

53.  0 

51.0 
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d.  Aerodynamics 

The  mean  line  gas  velocity  triangles  and  some  of  the  more  important 
thermodynamic  properties  of  the  turbine  design  are  listed  in  Figure 
2A-68.  Since  the  detailed  design  work  is  only  50%  complete,  the  root 
and  tip  velocity  triangles  are  not  listed.  The  airfoh.  design  will  be 
completed  by  1  July  1965. 


e.  Design  Evaluation  of  the  Turbine  Rotors 

Detailed  studies  of  designs  to  meet  the  requirements  of  a  high  perform¬ 
ance,  high  temperature  turbine  were  undertaken  at  the  beginning  of 
Phase  II-B. 

To  achieve  the  desired  flow  through  the  blades,  it  was  necessary  to 
provide  air  to  the  blades  at  as  high  a  pressure  as  feasible.  The  design 
goal  was  to  provide  cooling  air  at  90%  of  the  compressor  exit  pressure. 
This  requirement  dictated  a  minimum  pressure  loss  system  to  duct  the 
air  from  the  compressor  exit  into  the  blades.  The  air  was  to*be  sup¬ 
plied  r.o  the  turbine  compartment  forward  of  the  first  disk  through  an 
annular  duct,  providing  minimum  flow  losses. 

The  basic  design  problem  was  to  provide  a  minimum  loss  passage  for 
the  air  from  the  forward  turbine  compartment  to  the  blades,  and  still 
meet  the  rotor  life  and  overall  engine  performance  requirements. 

At  this  point  in  the  design  of  the  engine, neither  the  turbine  flowpath  nor 
the  number  of  blades  or  airfoil  geometry  had  been  established.  A  gen¬ 
eral  study  was  therefore  undertaken  to  investigate  different  configurations 
meeting  the  basic  design  requirements. 


A  configuration  introducing  cooling  air  to  the  bore  of  the  first  stage 
disk  and  conducting  it  to  the  blade  roots  through  radial  passages  is 
shown  in  Figure  2A-69.  Accompanying  design  features  include  extended 
root  blades  with  air  sealing  plugs  between  blades  at  the  "fir-tree"  root 
connections  to  prevent  leakage  from  the  air  distiibution  annulus  in  the 
disk  rim.  Blade  sealing  extensions  on  the  disk  rim  also  support  vi¬ 
bration  damping  weights  at  the  rear  end  of  each  blade  root  platform. 
Possible  advantages  of  this  configuration  are:  lower  pressure  loss, 
introduction  of  cooling  air  into  the  rotating  disk,  benefits  from  disk 
pumping  action,  uniform  disk  cooling,  and  an  effective  sealing  system 
between  the  blade  roots  and  the  disk  rim. 
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Variations  of  this  basic  design  were  also  studied,  including  connecting 
the  front  and  rear  half  of  the  disk  by  radial  ribs  to  provide  airflow  pas¬ 
sages.  As  the  curbine  detailed  design  work  progresses,  this  configura¬ 
tion  will  be  analyzed  as  an  alternate  design.  The  suitability  of  this  de¬ 
sign  is  highly  influenced  by  the  final  number  of  turbine  blades  and  the 
required  cooling  airflow  per  blade.  Other  areas  of  design  investigation 
are  machining  methods  and  costs,  forgeability  of  the  disk  and  hub,  and 
possible  methods  of  weight  reduction, 

A  parallel  study  was  made  for  a  more  conventional  disk  and  blade  cooling 
system,  (drawing  upon  background  J 58  engine  experience)  with  cover 
plates  at  the  disk  rim.  This  study  evolved  into  the  design  shown  in 
Figure  2A-70.  In  this  design,  cover  plates  are  fastened  on  the  front  and 
rear  of  the  disk  rim  by  through  bolts  and  cooling  air  is  introduced 
through  holes  in  the  front  plate. 

In  the  double  cover  plate  design,  the  sealing  at  the  front  of  the  first 
cover  plate  is  accomplished  by  a  single  knife  edge  on  the  I,  D.  of  the 
seal  land  and  by  a  double  knife  edge  with  spoiler  on  thTB"  O.  Dr|  of  the 
seal  land.  The  front  cover  plate  of  this  design  is  slotted  radially  from 
the  I.  D.  to  the  cooling  air  feed  holes.  The  seal  land  L  a  full  hoop.  The 
rear  cover  plate  acts  as  a  full  diaphragm  to  prevent  circulation  of  air 
between  the  extended  necks  and  carries  the  damper  weights.  Studies  of 
this  approach  are  still  being  carried  out.  This  design  is  shown  on  the 
general  engine  arrangement  drawing,  as  preliminary  weight  calculations 
indicate  that  it  is  lighter  than  the  Phase  II-A  design. 

The  major  changes  on  the  low  turbine  rotor  from  the  original  Phase  II-A 
design  are: 

a.  The  disks  and  disk-to-blade  attachments  are  sized.  This  includes 
LCF  calculations,  and  the  3econd  stage  change  to  a  solid  disk. 

b.  The  second  stage  blades  are  damped  by  tip  shroud^  instead  of  an 
extended  root  type  damping  scheme, 

c. The  low  rotor  labyrinth  seal  diameters  have  been  changed  to  revise 
the  thrust  balance. 

Disks  were  sized  for  various  turbines  which  have  been  considered  in 
this  study  (2300  "F  and  2000 "F  inlet  temperatures,  various  exit  Mach 
numbers,  etc).  The  fir  tree  root  attachments  selected  for  the  laBt 
turbine  considered  (2000 °F  inlet  temperature,  approximately  4,  5  percent 
total  cooling  air)  were  the  J58  Model  1  first  and  second  stage  roots  for 
the  low  rotor  second  and  third  stages.  The  latest  temperature  estimates 
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for  these  attachments  are  lower  than  the  original  estimates,  therefore 
the  disk  rim  widths  were  set  at  minimum  value  {1/2  blade  root  chord). 
When  the  final  turbine  configuration  is  set,  these  attachments  can  be 
optimized.  Another  factor  which  will  affect  the  second  stage  root  is  the 
consideration  of  cooling  the  second  stage  blades.  Two  designs  are 
now  being  investigated.  The  first  utilizes  an  uncooled,  root-damped, 
shroudless  blade,  the  second  approach  utilizes  a  cooled  shrouded 
design.  Both  designs  will  be  capable  of  long  time  operation  at  2000°F 
T.I.  T.  and  short  time  operation  at  2300°F  as  an  initial  requirement. 

The  second  stage  disk  was  made  solid  when  the  disk  synthesis  runs  on 
a  bored  disk  showed  high  tangential  stresses  at  the  bore.  When  the 
bore  diameter  was  increased  to  obtain  acceptable  bore  stresses,  the 
cone  angles  of  the  shafts  became  large  and  excessively  heavy  cone  wall 
thickness  were  requied  to  meet  the  shaft  critical  speed.  All  subsequent 
turbine  sketches  show  a  solid  disk  with  cooling  air  holes  as  required. 

The  second  and  third  stage  disks  are  both  fabricated  of  Waspaloy.  The 
second  stage  disk  is  LCF  limited.  Currently  the  same  LCF  allowances 
are  used  for  Astroloy  and  Waspaloy,  therefore  the  slight  weight  saving 
because  of  density  differences  would  not  offset  the  cost  factor.  An 
Incoloy  901  third  stage  disk  was  investigated  and  rejected  because  it 
was  too  heavy. 

Preliminary  weight  investigations  has  shown  some  weight  advantages 
for  a  tip  shrouded  design  for  the  second  Btage  blades.  Most  of  this 
weight  difference  was  in  the  blade  extended  necks,  which  have  to  be 
long  enough  to  provide  a  disk  rim -to-damped  surface  length  of  1/4  of 
the  airfoil  length.  If  the  second  stage  blades  arc  cooled,  the  weight 
difference  is  smaller.  The  second  stage  blades  are  hollow  to  reduce 
stresses  during  thermal  shocks  and  to  reduce  weight. 

The  low  rotor  labyrinth  seal  diameters  were  increased  to  obtain  a  thrust 
balance  system  which  would  keep  the  bearing  out  of  tin:  skid  range  at  all 
times.  The  critical  condition  for  the  seal  was  3LTO. 

The  cone  attaching  the  third  fitage  difik  tr,  the  second  stage  was  original¬ 
ly  integral  with  the  third  stage  disk.  This  part  was  changed  to  a  two 
piece  design  to  simplify  forging. 

The  Bocond -to- third  stage  rim  g pacer  -  seal  support  was  iicninly  bolted 
at  both  ends.  Tills  was  ace  cimpli  shed  by  moving  it  outward  during  the 
tb ru h L  balance  changes  previously  mentioned  and  bringing  H  conveniently 
close  to  the  existing  dink  bolt  circles.  On  occasion  .1  T  i  11.) -20  spacers 
which  are  held  only  by  snaps  have  shifted. 
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All  labyrinth  seals  arc  designed  with  sufficient  axial  clearance  to  allow 
the  low  rotor  to  shift  aft  far  enough  to  destroy  blade  airfoils  in  case  of 
failure  of  the  forward  shaft.  This  is  a  safety  feature  to  prevent  over¬ 
speeding  of  an  unloaded  rotor  and  possible  subsequent  bursting  of  disks. 


f.  Turbine  Structural  Analysis 

(1)  General  Description 


The  STF2  19  engine  uses  a  single-stage  high  pressure  turbine  and  a  two- 
stage  low  pressure  turbine,  as  seen  in  Figure  2A-70.  It  is  enclosed  in 
a  forged  two-piece  case  bolted  together  at  interlocking  scalloped  tianges, 
Relative  to  the  Phase  II- A  design,  there  are  dimensional  changes 
resulting  from  changes  in  the  engine  size  and  in  the  turbine  flowpath. 
More  detailed  changes  are  discussed  within  each  component. 


(2)  Turbine  Cases 

The  outer  turoine  case  consists  of  two  sections,  both  cf  which  are  one- 
piece  forgings  of  Waspaloy  (PW  A  1004).  The  front  turbine  case  is 
flanged  at  the  front  and  rear  and  contains  twe  conical  sections  which 
meet  at  the  minimum  diameter.  The  front  flange  scalloped  to  inter¬ 
lock  with  the  scalloped  rear  flange  of  the  outer  combustion  chamber 
case.  The  rear  turbine  case  is  a  conical  section  flanged  at  the  front 
and  rear,  The  third  stage  vane  retention  ring  is  sandwiched  between 
the  rear  flange  of  the  rear  turbine  case  and  the  front  flange  of  the 
turbine  exhaust  case.  The  three  flanges  involved  are  ali  deeply 
scalloped  to  reduce  thermal  stresses,  tc  reduce  weight,  and  to  provide 
clearance  for  tubes  passing  over  the  flanges.  Grooves  and  flanges 
integral  with  both  turbine  cases  provide  support  for  the  turbine  stators. 

(3)  First  Stags  Vanes 

It  is  now  planned  to  cast  the  first  stage  turbine  vanes  from  B190C 
(PWA  663),  a  nickel  base  alloy  with  moderate  high  temperature  strength 
and  creep  properties  and  excellent  thermal  shock  resistance.  Other 
material  types  are  still  being  considered  for  this  application.  The 
decision  to  use  this  material  instead  of  WI-52,  as  proposed  in  the 
Phase  II-A  report,  was  based  on  high  temperature  experience  with 
B1900  vanes  in  the  J58  and  other  Pratt  &  Whitney  Aircraft  engines. 

The  vanes  are  air  cooled  and  structurally  supported  at  the  end  plat¬ 
form  attachment  points  to  withstand  airfoil  gas  loads.  This  attach¬ 
ment  scheme  is  shown  in  Figure  2A-71.  The  inner  and  outer  attach¬ 
ments  are  locked  in  such  a  way  that,  in  event  of  a  vane  airfoil  failure, 
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the  broken  end  will  be  retained  and  will  not  pass  through  the  turbine. 

The  inner  support  for  the  first  vane  consists  of  the  inner  turbine 
nozzle  vane  case  and  the  inner  vane  retaining  plate.  At  the  outer 
platform  the  vane  feet  are  inserted  into  a  circumferential  groove  on  the 
rear  of  the  turbine  case  and  into  slots  on  the  front  of  the  first  vane  outer 
retaining  plates.  At  the  inner  vane  platform,  the  attachment  takes  thrust 
and  side  loads,  but  allows  free  radial  movement  between  the  vane  and 
the  inner  suppoit  case.  This  radial  looseness  allows  for  thermal  dif¬ 
ferentials  between  the  inner  and  outer  case  and  prevents  the  number 
3  bearing  loads  from  being  transmitted  through  the  vanes.  The  inner 
support  case  also  supports  an  assembly  of  labyrintn  seals  to  reduce 
the  leakage  of  cooling  air  into  the  turbine  gas  stream. 

The  first  stage  vanes  are  cooled  by  internal  impingement  and  convection, 
Air  enters  the  vane  through  an  internal  distribution  tube  from  a  plenum 
between  the  outer  platform  and  turbine  case.  The  cooling  air  from 
compressor  discharge  reaches  the  vane  by  passing  between  the  combustion 
chamber  outer  liner  and  outer  case  and  through  holes  in  the  outer  vane 
retaining  plates.  The  air  distribution  tube  inside  the  vane  airfoil  has  a 
number  of  small  holes  which  direct  air  to  impingement  cool  the  inside 
of  the  leading  edge  and  to  convectively  cool  the  sides  of  the  airfoil. 

Small  protrusions  on  the  sides  of  the  tube  control  the  gap  between  the 
tube  and  the  airfoil  inner  wall.  They  help  maintain  effective  convective 
cooling  as  the  air  flows  around  the  tube  and  exits  through  slots  in  the 
trailing  edge  of  the  airfoil. 


(4)  Second  and  Third  Stage  Vanes 

The  second  and  third  stage  vanes  are  cast  from  a  nickel  base  alloy 
(PWA  658)  and  are  cantilevered  from  the  turbine  case.  The  vanes  are 
subjected  to  loading  by  gas  pressure  on  the  airfoils  and  inner  vane 
supports,  They  are  secured  front  and  rear  by  feet  integral  with  the 
vane  platforms  and  engage  circumferential  grooves  in  the  turbine  cases. 
The  tangential  shear  loads  are  transferred  to  lugs  on  the  first  and 
second  stage  tip  seals.  The  inner  platforms  of  the  second  and  third 
stage  vanes  are  provided  with  lugs  which  engage  mating  lugs  in  an 
annular  channel- shaped  inner  support  fabricated  from  Waspaloy 
(PWA  687).  Rings  carrying  knife-edge  seal  lips  are  riveted  to  the 
forward  inner  edges  of  the  annular  channels.  Both  second  and  third 
vanes  are  uncooled;  the  second  stage  vanes  can  be  readily  cooled  by 
air  admitted  to  their  outer  shroud  annulus  as  development  proceeds  to 
higher  gas  temperatures. 
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(5)  Blade  Tip  Shrouds 

The  blade  tip  seals  are  fabricated  from  Hastslloy  X  because  of  its  high 
oxidation  resistance  and  strength.  The  first  stage  blade  tip  seal  is  held 
in  place  by  the  outer  support  of  the  first  stage  vanes  and  by  the  second 
stage  vanes.  The  seal  is  cooled  by  compressor  discharge  air  traveling 
between  the  seal  and  the  outer  turbine  case,  and  by  a  flow  of  air  which 
is  metered  through  holes  in  the  outer  support.  The  second  stage  blade 
seal  is  held  in  place  by  the  second  and  third  stage  vanes.  The  first 
stage  blade  tip  seal  has  a  pressurized  axial  seal  ring  in  a  groove  at  its 
forward  edge  which  bears  against  the  inner  flange  of  the  first  stage  vane 
outer  support.  Replaceable  wear  rings  are  sandwiched  between  the  first 
and  second  stage  seal  rear  edges  and  the  forward  surfaces  of  the  second 
and  third  stage  vanes  respectively,  in  addition,  the  first  and  second 
stage  blade  tip  seals  have  torque  lugs  at  the  rear  which  engage  grooves 
in  the  turbine  case  and  then  extend  rearward  into  the  flow  passage  in  the 
outer  front  foot  of  the  following  vane.  Adequate  radial  and  axial  clear¬ 
ances  have  been  provided  between  the  seal  lugs  and  case  lugs  to  ensve 
that  the  relative  thermal  expansion  of  the  parts  will  not  constrain  the 
seals  during  steady-state  or  transient  operation.  The  third  stage  blade 
tip  sea]  is  held  in  place  by  the  third  stage  vane  retention  ring  and  by  a 
shoulder  on  the  turbine  exhaust  case  grooved  to  engage  the  seal  torque 
lugs.  Also,  the  contact  surfaces  between  the  vanes  and  the  seals  are 
hardfaced  to  prevent  galling. 

(6)  Fail-Safe  Features  and  Blade  Containment 

Each  of  the  vanes  is  secured  at  both  ends  to  prevent  any  part  of  a 
fractured  or  burned  vane  from  being  carried  downstream.  In  addition, 
the  knife-edge  seals  have  been  designed  to  allow  unrestricted  rearward 
travel  of  the  rotor.  Hence,  in  the  event  of  a  shaft  failure  the  rotor 
shifts  axially  into  the  stator.  This  dissipates  the  stored  rotational 
energy  within  the  engine  and  batters  the  airfoils  to  reduce  their  torque 
input  to  the  rotor.  Containment  of  broken  blades  is  provided  partially  by 
the  turbine  cases  and  the  duct  heater  cases.  Additional  containment 
is  provided  with  the  minimum  addition  of  weight  by  the  heatshield  liner 
located  just  inside  the  duct  heater  outer  case.  The  total  containment 
thicknesses  were  based  on  the  strength  and  toughness  factors  for  each 
different  containment  material  at  their  maximum  operating  temperatures, 

(7)  Turbine  Hot- Parts  Inspection 

Provision  has  been  made  for  the  inspection  of  the  first  stage  vanes  and 
the  first  stage  turbine  blades  without  a  complete  disassembly  of  the 
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engine.  The  outer  combustion  chamber  can  be  moved  afL  r  the  oil 
and  cooling  air  tubes  to  the  number  •!  bearing  compartment  an-  removed 
from  the  turbine  case.  The  combust  on  chamber  outer  liner  then  is 
moved  forward  exposing  the  vanes.  ^dividual  vanes  may  be  removed 
by  sliding  the  inner  combustion  chamber  liner  forward  and  removing 
the  inner  and  outer  vane  retaining  plates.  Visual  inspection  of  the  first 
stage  blades  is  possible  after  the  vanes  are  removed. 


DescripFon  of  Rotating  Parts 


As  discussed  in  the  Design  Evolution  of  the  Turbine  Rotors,  the  high 
pressure  rotor  consists  of  the  first  stage  disk  and  blade  assembly,  the 
first  stage  rear  seal  ring,  and  the  first  stage  turbine  front  shaft.  The 
disk  and  blade  assembly  includes  the  disk  front  and  rear  cover  plates 
and  the  front  cover  plate  cover. 


The  self-supporting  disk  seals  shown  in  the  Phase  II- A  final  design  report 
have  been  replaced  by  cover  plates  supported  on  pilot  diameters  of  the 
main  disk  for  reduced  weight. 

The  disk  and  blade  assembly  and  the  rear  inner  seal  ring  are  bolted  to 
the  rear  flange  of  the  turbine  front  shaft  by  16  hollow  tiebolts  (5/8  inch). 

The  front  and  rear  cover  plates  and  the  front  cover  plate  cover  are  mounted 
on  snap  diameters  on  the  disk  and  retained  by  50  bolts  (1/4  inch).  Cooling 
air  for  the  rear  face  of  the  first  disk  flows  through  the  hollow  tiebolts. 

The  disk  front  cover  plate  fulfills  two  functions.  First,  it  provides  a 
sealing  surface  for  the  knife-edge  seals  mounted  on  the  first  stator 
inner  support,  and  second  it  acts  as  a  feeder  plate  to  distribute  cooling 
air  to  the  first  stage  blades. 

Elliptical  holes  in  the  front  cover  plate  are  aligned  with  cooling  air 
passages  in  the  front:  of  the  extended  necks  of  the  blades.  To  prevent 
leakage  of  blade  cooling  air,  the  blades  are  held  against  the  rear  face 
of  the  front  cover  plate  by  the  tight  axial  fit  of  the  blades  between  the 
front  and  rear  cover  plates.  The  front  cover  plate  is  slotted  radially 
from  the  inside  diameter  to  the  seal  ring.  This  reduces  the  thermal 
stresses  due  to  temperature  gradients.  The  front  cover  plate  cover 
prevents  cooling  air  leakage  through  the  slots  in  the  front  cover  plate 
The  roar  cover  plate  retains  the  blades,  provides  a  mount  for  the  blade 
vibration  damping  weights,  and  acts  as  an  air  baffle  preventing  the 
circulation  of  hot  turbine  gases  past  the  blade  necks  and  platforms. 

The  rear  cover  plate  is  conical  in  shape  and  offsets  the  gas  pressure 
loads  by  centrifugal  force.  The  rear  cover  plate  is  slotted  from  the 
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outside  diameter  inward  to  reduce  thermal  stresses.  The  slots  are 
aligned  with  extensions  on  rear  face  of  the  blade  necks  which  serve  to 
prevent  leakage  through  the  slots. 

Air  sealing  at  the  rear  of  the  first  disk  and  the  front  of  the  second  disk 
is  provided  hy  a  number  of  knife-edge  seals,  all  of  which  are  supported 
by  the  second  stage  stator  inner  shroud.  To  assure  a  uniform  tempera¬ 
ture  across  the  first  disk,  a  chamber  is  formed  at  the  rear  of  the  disk 
by  a  seal  at  the  first  blade  platform,  and  another  at  a  seal  ring  mounted 
at  the  tiebolt  circle.  This  chamber  is  pressurized  by  air  passing  through 
the  hollow  cover  plate  bolts.  Sealing  at  the  front  of  the  second  disk  is 
provided  by  a  double  knife-edge  and  seal  ring  bolted  to  the  second  stage 
disk  and  a  single  knife-edge  seal  at  the  second  blade  platform. 

The  low  pressure  rotor  consists  of  the  second  stage  disk  and  blade 
assembly,  the  interstage  spacer  and  seal  support,  the  second  stage 
front  seal,  the  third  stage  disk  support  cone,  the  third  stage  disk  and 
blade  assembly,  the  third  stage  disk  rear  seal,  the  low  pressure  turbine 
rear  hub,  and  the  low  pressure  turbine  front  shaft. 

The  rear  flange  of  the  low  pressure  turbine  front  shaft,  the  second  disk 
and  blade  assembly,  the  low  pressure  turbine  rear  hub,  and  the  third 
disk  support  cone  are  bolted  together  with  18  tiebolts  (5/8  inch).  The 
third  disk  support  cone  rear  flange,  the  interstage  spacer  and  seal 
support,  and  the  third  disk  and  blade  assembly  are  bolted  together  with 
24  tiebolts  (3/8  inch). 

The  cylindrical  interstage  spacer  and  seal  support  provides  disk  stiffening 
and  raises  the  resonant  vibration  frequency  of  the  third  stage  disk.  This 
brings  the  disk  out  of  the  frequency  range  excited  by  the  upstream  flow 
pattern  of  the  turbine  exhaust  struts.  In  addition,  the  spacer  supports 
the  knife-edge  seals  which  mate  with  the  seal  surface  mounted  on  the 
third  stage  stator  inner  shroud. 

In  all  turbine  stages,  the  blade  roots  are  attached  to  the  disk  by  a  multiple 
serration  "fir  tree"  root.  This  provides  an  attachment  that  withstands 
fatigue  and  stresses  resulting  from  centrifugal  forces  and  aerodynamically 
excited  vibrations.  Experience  has  shown  that  this  method  of  attachment 
is  reliable  and  efficient.  Extended  blade  roots,  similar  to  the  J58  engine 
in  which  the  blade  neck  extends  between  the  platform  and  root  attachment, 
are  used  on  the  first  stage  blades  to  displace  the  disk  rim  and  attachment 
away  from  the  hot  turbine  gas  stream  and  to  facilitate  their  cooling. 
Cooling  air  enters  the  blade  through  an  elliptical  hole  in  the  front  of 
the  extended  neck  just  outboard  of  the  root  attachment  and  passes  through 
the  hollow  neck  to  the  airfoil.  The  first  stage  blades  are  retained  by 
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bolted  front  and  rear  cover  plates.  The  second  and  third  blades  are 
uncooled  and  have  their  root  attachment  immediately  adjacent  tu  the 
platform  for  minimum  weight.  The  second  and  third  blades  are  retained 
by  rivets  through  the  apex  of  the  fir  tree. 


Vibration  damping  for  the  first  stage  blades  is  provided  by  damper  weights 
riveted  to  the  first  disk  rear  cover  plate.  Centrifugal  force  causes  the 
weights  to  bear  against  the  blade  platform  and  a  surface  on  the  cover 
plate  to  provide  frictional  damping  of  blade  vibrations.  The  change  to 
the  riveted  type  damper  instead  of  the  Phase  II- A  pin  type  was  based  on 
extensive  experience  with  the  J58  engine. 


The  second  and  third  stage  blades  have  interlocking  tip  shrouds  to  control 
blade  vibiations.  The  tip  shroud  bearing  surfaces  are  hardfaced  to 
prevent  excessive  wear.  The  shrouds  also  carry  two  knife-edge  seals 
which  mate  with  a  stepped  sea’  ring  mounted  in  the  turbine  case.  The 
second  stage  blades  airfoils  are  hollow  for  reduced  weight  and  greater 
resistance  to  thermal  shock.  The  alternate  second  stage  blade  design 
without  tip  shrouds  will  utilize  extended  roots  and  friction  damping. 


(  1 )  Blade  Platform 


All  turbine  blades  have  integral  platforms  at  the  root  which  extend  to 
form  cylindrical  surfaces  to  mate  with  stationary  interstage  knife-edge 
seals.  These  seal&  prevent  the  hot  turbine  gases  from  circulating  into 
the  cavities  between  the  disks,  and  therefore  the  temperature  gradient 
between  the  disk  bore  and  rim  is  reduced  together  with  the  resultant 
thermal  stresses.  The  outer  surfaces  of  the  platform  form  the  inner 
boundary  for  the  gas  path. 


/  ?  ^  Hi  c  V’  K/C~>  +  { 


The  primary  element  in  the  design  of  a  satisfactory  life  turbine  disk  is 
the  selection  of  mate:  ials  with  the  necessary  properties  to  meet  the 
requirements  dictated  by  the  levels  of  stress  and  temperature  under 
which  the  disk  must  operate.  The  determination  of  the  mechanical 
properties  of  these  materials  has  been  accomplished  largely  by  Pratt  & 
Whitney  Aircraft,  although  some  data  were  supported  by  material 
published  by  material  producers,  government  agencies,  research 
corporations,  and  full  scale  spin  testing. 

Nickel  alloy  (PWA  1013)  has  been  selected  for  the  first  stage  turbine 
disk  and  another  nickel  alloy  (PWA  1007)  for  the  first  disk  cover  plates. 
The  second  and  third  stage  disk  are  also  PWA  1007.  Experience  with 
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these  materials  in  Pratt  &  Whitney  Aircraft  engined  indicates  that  they 
will  provide  satisfactory  life  at  the  temperature  and  stress  levels  pre¬ 
dicted  for  the  STF2  19. 


h.  Turbine  Stress  Analysis 

Computer  programs  were  utilized  to  accurately  determine  the  stresses 
in  the  rotating  components.  These  programs  analyzed  both  symmetrical 
and  asymmetrical  shapes  with  both  symmetrical  and  asymmetrical  loading 
The  analyses  provided  information  needed  to  determine  burst  speed,  low 
cycle  fatigue  capabilities,  creep  growth,  and  disk  blade  resonance. 

To  ensure  that  the  best  disk  material  would  be  chosen  for  each  stage, 
three  different  materials  were  considered:  Inconel  901,  Waspaloy,  and 
.Astroloy.  In  selecting  the  material  for  a  stage  the  designs  in  the  three 
materials  were  judged  on  the  basis  of  optimum  weight,  shape  and  cost. 


J 

I 

I 

1 

I 

s 

I 
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By  utilizing  Astroloy's  high  creep  and  stress  rupturv  properties  the 
lightest  disk  with  an  optimum  sized  root  attachment  was  designed  for 
the  first  disk,  The  disk  is  burst  limited. 


\ 


FIRST  TURBINE  DISK  STRESS  SUMMARY 


Material 

A  str oloy 

Average  Temperature  (  °F) 

1120 

Maximum  Gradient  { °F) 

125 

Average  Tangential  (psi) 

-v] 

o 

o 

yield  margin  (%) 

18 

burst  margin  (%) 

30 

Low  Cycle  Fatigue  Life  (hrs) 

bore 

50,  000 

main  bolt  c  ircle 

35, 000 

coverplate  bolt  circle 

90,  000 

rim 

35,  000 

Waspaloy  was  chosen  for  the  second  turbine  disk  because  of  its  excellent 
low  cycle  fatigue  properties, 
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SECOND  TURBINE  DISK  STRESS  SUMMARY 


Material 

Waspaloy 

Average  Temperature  (  °F) 

!  160 

Maximum  Gradient  (°F) 

70 

Average  Tangential  (psi) 

66, 100 

yield  margin  (%) 

14 

burst  margin  (%) 

Low  Cycle  Fatigue  Life  (hrs) 

38 

center 

8,  000 

main  bolt  circle 

30,  000 

rim  spacer 

30,  000 

rim 

30, 000 

The  third  stage  disk  material  was  changed  to  Waspaloy  to  provide  a 
light-weight  disk  at  reasonable  cost.  This  disk  is  burst  limited. 


THIRD  TURBINE  DISK  STRESS  SUMMARY 


Material 

Waspaloy 

Average  Temperature  ( °F) 

1130 

Maximum  Gradient  (°F) 

45 

Average  Tangential  (psi) 

75, 300 

yield  margin  (%) 

7 

burst  margin  (%) 

Low  Cycle  Fatigue  Life  (hrs) 

30 

bore 

100,  000 

main  bolt  c ircle 

20,  000 

rim  spacer 

20,  000 

r  i  ft  j 

9,  000 

Blade-to-disk  fir  tree  attachments  are  either  the  same  or  similar  to 
those  which  have  many  hours  of  successful  experience  at  similar 
temperatures  in  the  JT11D-20.  The  allowable  stress  ratios  have  been 
derived  from  both  the  JT11D-20  engine  program  and  other  applicable 
experience.  The  following  is  a  stress  summary  of  a  typical  root  attach 
ment: 

Waspaloy 
1200 
IN-  100 
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Disk  Material 

Attachment  Temperature  (  °F) 
Blade  Materia] 
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DISK  STRESSES 


Str e  s  s 


P/A  (First  Neck)  32,000 

MC/I  (First  Tooth)  23,500 

Shear  (First  Tooth)  20,900 

Combined  (First  Neck)  55,  500 

Bearing  (First  Tooth)  61,700 


Ratio 

Allowable  (Stress  /  A 1  low  able ) 

54,  500  (65%  6000  Hr.  S.  R,  )  .59 

33,600  (40%  "  "  "  )  .70 

25,300(30%  ”  "  "  )  .83 

88,200 (105%  "  "  "  )  . 63 

63,  300  (80%  x  .  2%  yield)  .98 


P/A  (First  Neck) 

MC/I  (First  Tooth) 
Shear  (First  Tooth) 
Combined  (First  Neck) 
Bearing  (First  Tooth) 


BLADE  STRESSES 

Ratio 

Stress  Allowable  (StreBS  /  Allowable) 

44,800  50,  200  (60%  6000  Hr.  S.  R.  )  .89 

22,100  33.400  (40%  "  "  "  )  .66 

20,500  25,100(30%  "  "  11  )  ,82 

66, 000  83,  500  (100%  "  "  "  )  .  79 

56,200  56,  200  (80%  y  .  2%  yield)  1,0 


(I)  Blade  Material 

Pratt  St  Whitney  Aircraft  turbine  blade  materials  are  Belected  to 
achieve  the  beat  combination  of  ductility,  corrosion  resistance,  and 
high  tensile  and  stress  rupture  properties  to  satisfy  the  design  re¬ 
quirements  Inconel  100  (PWA  658)  was  chosen  as  the  blade  material 
fur  all  three  turbine  stages.  Based  on  current  engine  experience, 
this  material  shows  promise  of  demonstrating  satisfactory  blade  at¬ 
tachment  life  at  predicted  temperatures  and  attachment  stress  levels. 


(2)  Turbina  Cooling 


I 
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i 
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I 
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I 
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Cooling  air  for  turbine  parts  is  obtained  from  the  last  stage  of  the  com¬ 
pressor,  and  arrives  at  the  turbine  via  two  routes.  The  outer  portion 
of  the  first  stage  disk  and  blades  is  fed  through  holes  in  the  inner  burner 
case  into  the  plenum  at  the  front  of  the  first  disk,  A  small  portion  of 
this  air  is  metered  through  the  first  disk  by  means  of  hollow  cover 
plate  bolts  lo  cool  the  rear  face  of  the  first  disk,  Cooling  air  for  the 
first  turbine  blades  is  supplied  from  the  plenum.  The  remainder  of 


RAGE  NO.  2  A  “  62 


•<  i  in#  ^‘«*** 
MIUIMM  -t 

M*  M  (MM 


CONFIDENTIAL 


ulutliUshnU  -w 


‘<C> 


CONFIDENTIAL 


1  'Vv  A-,' <.00 


i!m‘;  •lir  ,s  !,ist  through  leakage  past  the  knife-edge  seals  at  the  front 
i  over  ptalc.  !  he  second  source  of  turbine  cooling  air  from  the  seventh 

■  t  ine  compressor  discharge  leaks  past  the  knife-edge  seals  at  tin*  rear 
ot  the  compressor  seventh  disk,  flows  through  holes  in  the  high  speed 
compressor  rear  hub,  passes  through  the  annulus  between  the  high  and 
low  speed  turbine  shafts,  and  then  passes  between  the  bore  of  the  first 

■  tage  turbine  disk  and  the  low  speed  turbine  shaft.  This  air  establishes 
the  bore  temperature  of  tin;  first  stage  disk  and  cools  all  of  the  low 
speed  turbine  rotor.  From  the  plenum  in  front  of  the  second  stage  disk, 
the  air  splits  into  three  paths.  Part  is  lost  past  the  knife-edge  seals 

at  the  front  ol  the  second  stage  disk;  part  passes  through  holes  in  the 
second  disk,  cools  the  rear  face  of  this  disk  and  the  inter-stage  spacer 
and  seal  support,  then  leaks  past  the  knife-edge  seals  at  the  second 
and  third  blade  platforms;  the  remainder  passes  through  holes  in  the 
low  speed  shaft,  through  holes  in  the  solid  second  disk,  through  holes 
in  the  low  rotor  rear  hub  to  cool  the  third  stage  turbine  disk,  and  leaks 
past  the  knife-edge  seal  at  the  rear  of  the  third  blade  platform.  Very 
little  pressure  differential  exists  across  the  inner  seal  at  the  rear  of 
the  first  stage  disk  and  the  direction  of  flow  past  this  seal  may  reverse 
at  some  flight  conditions.  The  primary  function  of  this  seal  is  to 
separate  the  high  rotor  cooling  air  from  the  low  rotor  cooling  air  and 
to  assure  a  uniform  air  temperature  on  both  sides  of  the  first  stage 
disk.  Experience  on  the  JT11D-30  has  shown  that  temperature  gradients 
across  a  disk  can  be  very  troublesome  as  they  may  produce  high  bending 
stresses  in  the  disk  well.  Base  cooling  the  first  disk  and  the  second  and 
third  stages  with  compressor  fourth  stage  air,  as  proposed  in  Phase  II- A, 
was  abandoned  because  the  resultant  radial  thermal  gra  ien;s  in  the  disks 
produced  unsatisfactory  low  cycle  fatigue  life. 

The  first  stage  blade  is  cooled  convectively  by  air  flowing  radially  through 
the  airfoil.  The  air  enters  the  root  extended  neck  and  flows  through  a 
relatively  large  hollow  neck  to  the  airfoil.  A  series  of  baffles  in  the 
airfoil  core  passage  begin  at  approximately  midspan  to  restrict  the  flow 
and  to  increase  the  gas  velocity  for  more  effective  cooling.  The  tip  of 
the  airfoil  is  extended  slightly  on  the  high  pressure  side  insuring  that 
the  exiting  cooling  air  will  exhaust  to  the  low  pressure  side.  This 
baffle  type  hollow  blade  has  been  used  successfully  on  the  JT  1  1  turbine. 

(3)  Turbine  Rotor  Balance 

Before  assembly,  the  high  speed  front  turbine  shaft  is  dynamically 
balanced  by  removing  material  from  the  rear  flange  and  by  inserting 
plugs  into  holes  provided  in  the  front  of  the  shaft.  The  first  stage  disk 
and  blade  assembly  is  statically  balanced  by  pairing  blades  by  moment 
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weight  during  assembly,  by  mounting  the  front  and  rear  cover  plates 
with  heavy  sides  opposite,  and  by  subsequently  inserting  plugs  into 
holes  provided  between  the  tiebolts  in  the  disk.  The  plugs  are  trapped 
after  assembly  by  adjacent  flanges. 

The  turbine  rotor  is  assembled  together  with  the  number  3  bearing  com¬ 
partment  and  support,  the  combustion  chamber  inner  and  outer  cases, 
the  first  stage  turbine  stators,  and  all  associated  hardware.  The  entire 
assembly  is  then  balanced  using  nuts  on  the  high  speed  turbine  tiebolts 
which  are  classed  by  weight  and  by  adding  riveted  weights  on  an  extension 
of  the  seventh  stage  compressor  seal  disk.  The  system  of  weight  classed 
nuts  has  been  proved  satisfactory  for  JT11D-20  turbine  rotor  balancing. 

The  low  speed  turbine  front  shaft  is  balanced  by  machining  corrections 
in  the  flange  provided  just  behind  the  high  pressure  compressor  and  by 
machining  the  outside  of  the  rear  flange.  The  second  stage  disk  and 
blade  assembly  is  balanced  in  the  manner  described  for  the  first  stage. 
The  third  stage  disk  and  blade  assembly  is  rough  balanced  by  the  blade 
pairing  moment  weight  method. 

The  low  speed  rotor  is  then  assembled  with  the  turbine  rear  case  and 
the  third  stage  stators  and  inner  shroud.  The  rotor  is  also  balanced 
by  using  classed  nuts  on  the  tiebolts  at  the  rear  of  the  third  stage  turbine 
disk  and  the  tiebolts  at  the  low  rotor  turbine  shaft  rear  flange.  This 
method  of  turbine  rotor  balancing  was  selected  over  the  riveted  weights- 
extension  system  used  in  Phase  II-A  to  simplify  the  disk  forging. 


j.  Turbine  Vibrations 
(1)  First  Stage 

The  first  stage  turbine  incorporates  damped  extended  root  blades  because 
of  high  blade  buffeting  excitations  from  the  burner.  Damping  similar 
to  the  J58  first  stage  is  accomplished  by  the  use  of  centrifugal  toggle 
weights.  The  toggles  contact  the  aft  blade  platforms  and  a  land  on  the 
coverplate.  Each  toggle  can  adjust  radially,  but  is  retained  by  a  rivet 
to  the  aft  disk  coverplate.  Relative  motion  between  the  blade  platforms 
and  coverplate  is  provided  by  a  flexible  blade  root  extension.  In  the 
fundamental  blade  vibration  modes,  friction  forces  caused  by  the 
toggles  rubbing  on  the  contact  surfaces  dampen  the  motion  and  reduce 
stresses.  Damping  effectiveness  is  sensitive  to  the  friction  forces. 
Optimum  friction  force  was  achieved  by  properly  sizing  the  toggle 
weights. 
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I  he  first  stage  blade  and  disk  assembly  exhibits  no  resonanc  e  in  the 
running  range.  Figure  2A-72  shows  the  bladed  disk  coupled  mode.  A 
seven  nodal  diameter  mode  lies  in  the  running  range,  but  this  mode 
should  have  very  little  exritation. 

(2)  Second  and  Thi  Stage 

The  second  and  third  stage  blades  are  tip-shrouded  to  increase  blade 
stiffness  and  blade  resonance  above  2E  at  speed.  The  alternate  un¬ 
shrouded  second  stage  blades  utilize  extended  roots  and  friction  damp¬ 
ing  for  vibration  control.  Blade  stresses  are  reduced  by  positioning 
the  shroud  angle  parallel  to  the  blade  bending  motion  in  the  fundamental 
vibration  mode.  Damping  is  thus  assured  in  the  modes  where  maximum 
stresses  are  expected.  A  disk  spacer  was  necessary  to  stiffen  the  disk 
to  provide  the  2E  margin  in  the  bladed  disk  coupled  vibrations  mode. 
Figures  2A-73  and  2A-74  show  the  disk  blade  coupled  frequencies. 

A  rim  .  pacer  was  used  on  these  stages  because  it  was  found  impractical 
to  extend  the  bolt  circle  of  the  shaft  radially  outward  enough  to  lend 
sufficient  stiffness  to  the  disk  for  2E  margin.  With  a  rim  spacer  the 
location  of  the  shaft  bolt  spacer  has  little  effect  on  disk  stiffness. 
Straight  through  bolting  of  the  shaft  is  then  possible.  This  yields 
a  lighter, stiffer  turbine  shaft  for  critical  speed  purposes. 

9.  TURBINE  COOLING  ANALYSIS 
a.  Introduction 


Design  emphasis  has  been  placed  on  the  efficient  use  of  cooling  air 
within  the  demonstrated  state  of  the  art  of  cooling  techniques,  materials 
and  erosion-corrosion  preventative  coatings.  The  blade  and  vane  de¬ 
signs  proposed  for  the  Initial  Engi.v  operation  use  current  production 
engine  materials,  coatings  and  cooling  techniques.  The  Basic  Engine 
blade  and  vane  designs  use  current  production  engine  materials  and 
coatings.  The  effectiveness  of  the  advanced  cooling  techniques  has 
been  documented  on  Turbine  Development  Engines. 

The  blade  and  vane  coolant  airflow  requirements  for  the  Initial  Engine 
and  Basic  Engine  cruise  conditions  are  summarized  in  the  table  below. 
The  design  coolant  airflows  for  this  conservative  approach  limit  the 
maximum  local  metal  temperatures  to  levels  consistent  with  current 
experience  (  1735°F).  As  a  result,  flows  at  the  Basic  Engine  cruise 
condition  are  somewhat  higher  than  desired  for  good  thermodynamic 
performance.  Cooling  flow  requirements  are  expected  to  be  eased 
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substantially  during  the  development  of  the  Basic  Engine  as  a  result 
of  advances  that  have  been  made,  but  not  proven  in  long  time  production 
engine  service,  in  erosion-corrosion  preventative  coatings  and  in  the 
use  of  materials  such  as  PWA  664,  the  dir ectionally- solidified-grain 
casting  process  for  Mar  M-200. 

Blade  and  Vane  Design  Cooling  Flow 
Requirements  Based  on  Current  State  of  the  Art 


Initial  Engine 

Basic  Engine 

Cruise 

Cruise 

First  Stage  Vane 

1.5% 

4.0% 

First  Stage  Blade 

1.0% 

3.9% 

Second  Stage  Vane 

0.0% 

1 . 25% 

2.5% 

9.  15% 

Some  of  the  effort  expended  in  Phase  II-B  has  been  used  in  the  develop¬ 
ment  and  calibration  of  new  analytical  techniques  needed  in  the  design 
of  advanced  cooling  schemes  and  in  obtaining  and  interpreting  data  em¬ 
ployed  to  describe  the  physical  properties  U6ed  in  design  work.  The 
areas  in  which  this  work  is  most  important  are  basic  heat  transfer,  the 
performance  properties  of  materials,  and  cooling  configurations .  Any 
changes  from  the  techniques  and  data  used  in  Phase  II-  A  Pre  noted  in  the 
specific  sections  below  as  they  are  incorporated  into  the  design.  Also 
reflected  in  the  design  described  is  a  basic  difference  from  Phase  Ila 
in  that  the  Basic  Rating  at  2300 °F  is  actually  a  specific  design  to  be 
arrived  at  through  an  ordered  process  of  development- evolution.  In 
Phase  II-A  a  single  design  was  proposed  which  would  be  essentially 
operating  at  an  "off  design"  condition  at  the  initial  turbine  inlet  tem¬ 
perature. 


b.  Design  Requirements 

•  The  TBO  goal  for  turbine  blades  and  vanes  is  3000  hrs. 

•  Blades  and  vanes  designed  for  initial  engine  TIT  of  2000°  at  take¬ 
off  for  a  3000  hour  TBO  and  for  capability  of  meeting  a  2300°F  Turbine 
Inlet  Temperature  FTS  rating. 
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•  Burner  temperature  profiles  -  Average  radial  profile  requirement 
is  shown  Figure  2A-75, The  peak  average  gas  temp,  is  2070°F  for  take¬ 
off  condition.  The  burner  design  objective  is  A  TV  R  ~  jLlliiUU  ’  1*  1  1 

T. 


avg. 

for  the  2300  “F  TIT  engine.  Tlie  initial  engine  bind-  and  vane  design 
is  predicated  on  a  ATVR  of  .  18  to  ensure  adequate  design  margin, 

•  Hot  spot  vane  peak  gas  temperature  of  2240°  at  2000  T  TIT  take¬ 
off  condition.  This  would  give  a  hottest  vane  metal  temperature  about 
1!0“F  highc  than  average  vane  maximum  temperature. 

•  Structural  requi  cements  -  the  design  must  satisfy  Ihu  following 
structural  requirements  for  3000  hr,  T130. 

Slrnsa  Rupture  and  Creep 
Kruslon  -  Corrosion 
Thermal  Fatigue 
High  Frequency  Fatigue 
Imps  ct 

•  P« rfo rmancti  -  Cooling  flow  quantity  must  bu  minimized  and  the 
rrolhod  of  injection  into  the  turbine  flow  path  must  not  Seriously  n/fuct 
lurbinu  efficiency . 

•  Weight  and  coat  are  minimized  consistent  with  at  mete rtt  I ,  life  and 
po  rfu  I'm  y.m.'  e  requi  rem  ents  . 

•  Growth  Capability  -  The  vane  and  binds  configurations  will  permit 
the  required  Increases  In  TIT  without,  rndirn.'  changes  In  cooling  supply 
pressure,  vane  or  blade  construction  and  with  comparable  life, 

c ,  Hlado  and  Vnno  Dofllgn  Choice 

The  first  stage  turbine  van©  designs  chosen  for  the  ST  F'  219  engines  are 
suiomar  I  zed  liolovr . 

The  Impingement  cuoleci  van©  design  was  chosen  for  Die  initial  Fngine. 
The  vane  configuration  is  uiril  In  the  ,TTJ  ID-20  and  the  turbine  develop, 
me nt  engines,  This  vane  has  adequate  margin  for  2I40“F  TIT  trans¬ 
port  operation  with  3000  hour  design  life,  and  for  2300  “F  TIT  develop¬ 
ment  operation  with  at  least  900  hours  engine  fife, 

I  l.e  Basic  I  engine  vane  design  •itlli/.es  .i  highly  roiined  version  of 
impingement  cooling  whh  li  is  a  deVelopinriit  of  the  Initial  vane  design 
to  provide  additional  (oollng  for  long  time  operation  at  2  300 “I1'  TIT, 

A  film  inided  vane  was  designed  as  a  Ian.  I'll p  for  the  Jlasli  Fnglne  coil* 
vim  lively  i  noled  vane  and  to  permit  growth  in  turbine  iidel  te  mpe  ra  tu  re , 
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The  following  design  possibilities  were  considered: 


(1)  Van-  Design  Selection 

A,  The  vane  design  chosen  for  the  initial  engine  is  shown  in  Figure 
2A-7o  with  the  impingement  cooled  leading  edge  and  convectivcly 
coaled  pedestal-core  trailing  edge.  This  configuration  is  the  one 
developed  for  and  used  by  the  JT11D-20  engine  with  very  satis¬ 
factory  results  at  turbine  inlet  temperatures  substantially  in  ex¬ 
cess  of  initial  STF219  engine  requirements. 

In  this  design,  coolant  is  introduced  into  a  dead  ended  coolant 
tube.  The  coolant  impinges  on  the  vane  leading  edge  through  holes 
in  the  tube,  flows  around  the  tube  toward  the  trailing  edge,  and  is 
injected  into  the  gas  path  through  a  trailing  edge  pedestal  supported 
slot.  This  configuration  has  several  significant  features: 

(a)  The  span  wise  gradient,  Figure  2A-77,  is  low  because  the  coolant 
flow  diroctlon  is  chordwiats  and  coolant,  at  essentially  constant 
min'mum  temperature,  la  Introduced  to  all  parts  of  the  span 
simultaneously. 

(k)  Leading  edge  metal  temperalur ea  are  low  because  the  impinge¬ 
ment  coolant  heal  transfer  coefficients  are  very  high. 

(c)  Ejection  of  coolnnl  into  the  flow  path  is  through  a  trailing  edge 
slot  with  minimum  aerodynamic  loss. 
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The  material  chosen  for  the  vane  is  B-1900  (PWA663),  The  al«  | 

lernnle  material  selected  for  this  vane  is  PWA664,  The  vane 
design  life  limit  of  3000  hours  In  met  at  the  d&ftlgti  coolant  flow. 

Growth  capability  is  excellent,  the  only  modification  required  being 
the  enlargement  of  the  coolant,  feed  spigot  m  provide  additional  air. 

Figure  2A-7U  allows  the  growth  capability  of  this  configuration  at  the  [ 

design  flow  and  at  the  maximum  flow  possible  without  purl  roopera- 

tlon.  The  vane  is  erosion  limited  and  growth  limits  are  shown 

bason  on  results  of  current  Pratt  8<  Whitney  Aircraft  experience 

with  the  PWA49  coating. 

The  vane  design  shown  lor  the  Basic  Hating  of  I  lie  engine  lor  opera¬ 
tion  at  2300“F  TIT  is  shown  in  Figure  2A-79,  with  the  impinge¬ 
ment  cooled  leading  edge  with  leading  edge  coolant  air  ej«<ier| 
the  vane  u.  D,  and  the  c unvet lively  cooled  finned  oud-chord 
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section  with  A  pedestal  core  trailing  edge  slot.  This  configuration 
is  a  modification  of  the  one  used  by  the  JT1  ID-20  engine  and  pro¬ 
posed  for  the  ir-iiial  5TF219  engines. 

In  this  design,  the  coolant  used  to  protect  the  loading  edge  is  in¬ 
troduced  at  Lhe  vane  1.  D.  The  coolant  used  to  protect  the  mid¬ 
chord  and  trailing  edge  is  introduced  as  required  along  the  chord 
and  finally  injected  into  the  gas  path  through  the  trailing  edge  slot. 
This  configuration  has  the  following  features: 

1.  The  spanwise  gradient,  Figure  2A-80,  is  comparable  to  that  of 
the  initial  engine  configuration  even  at  the  very  high  gas  tem¬ 
peratures  as  a  result  of  the  introduction  of  coolant  at  constant 
minimum  temperature  to  all  parts  of  the  span  simultaneously, 

2.  Leading  edge  cooling  requirements  arc  more  severe  than 
those  of  the  initial  engine  configuration.  This  configuration 
permits  the  high  impingement  velocities  to  be  realized  at  in¬ 
creased  mass  flows  that  are  required.  This  design  allows  the 
use  of  a  high  pressure  ratio  across  the  impingement  tube  in¬ 
suring  that  maximum  cooling  can  be  obtained, 

The  material  chosen  for  the  vane  is  PWA664.  The  alternate 
material  is  J3-1900  (PWA663).  The  vane  design  life  limit  of 
3000  hours  is  mot  at  the  design  coolant  flow. 


Growth  capability  of  this  scheme  is  shown  in  2A-81.  The 
vane  is  erosion  limited  and  growth  limits  are  shown  based  on 
results  of  current  Pratt  &  Whitney  Aircraft  experience  with 
the  PWA45  coaling.  Additional  growth  margin  (100°F  or 
more)  will  be  realized  as  the  new  coatings  are  proven,  such 
a h  the  Tantalum  enriched  AlCo  coating  system  now  being 
tested. 


C,  An  alternate  vane  design  ia  shown  in  Figure  2A-82  for  the  basic 
rating  at  2300  °F  TIT.  The  leading  edge  in  impingement  cooled 
with  coolant  ejected  at  the  vane  O.  D,  The  trailing  edge  and  mid 
chord  are  film  cooled.  The  configuration  lias  the  advantage  that 
the  spanwise  gradient,  Figure  2A-8.3,  is  very  flat,  even  at  the  very 
nigh  gas  temperatures  as  a  result  of  the  leading  edge  impingement 
cooling  and  the  protection  of  the  air  film  over  the  mid  chord  and 
trailing  edge. 
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PWA664  was  chosen  as  the  vane  material.  The  vane  design  life 
limit  of  3000  hours  is  met  at  the  design  coolant  flow. 


Growth  capability  of  this  scheme  is  shown  in  Figure  2A-84.  The 
vane  erosion  limits  and  growth  limits  are  shown  based  on  re¬ 
sults  of  current  Pratt  &  Whitney  Aircraft  experience  with  PWA45 
and  PWA47  coatings. 


(2)  Blade  Design  Selection 

The  first  stage  turbine  blade  designs  chosen  for  the  STF219  engines  are 
summarized  below. 

A  three-cavity  convectively  cooled  blade  design  was  chosen  for  the  Initial 
Engine.  This  blade  in  PWA658  (IN  100)  has  growth  margin  for  2110oF 
TIT  transport  operation  with  3000  hours  engine  life, and  for  2300  °F  TIT 
development  operation  with  at  least  400  hour  life, 

A  baffled  passage,  single  cavity,  convectively  cooled  blade  was  designed 
as  an  alternate  for  the  Initial  Engine.  This  configuration  is  the  proven 
JT 1  ID  - 20  cooling  scheme  and  has  adequate  margin  for  2075°F  TIT  trans¬ 
port  operation,  and  for  2300°F  TIT  development  operation  with  at  least 
300  hour  life . 

The  Basic  Rating  blade  design  is  a  modification  of  the  Initial  Engine  design 
to  provide  additional  coding  t  ■>'•  long  time  operation  at  2300  °F  TIT  and 
above.  This  blade  uses  a  showerhead  leading  edge,  convectively  cooled 
midchord  and  film  cooled  trailing  edge. 


A.  The  blade  design  chosen  for  tiro  initial  engine  is  shown  in  Figure 

2A-85.  This  blade  has  a  three  cavity,  convectively  cooled  foil  with 
metered  flow  to  each  cavity,  Leading  and  trailing  edge  cavities 
flow  coolant  at  a  higher  mass  flow  rate  than  the  mid-chord  cavity. 
The  mass  cross-section  distribution  and  the  coolant  flow  are  ad¬ 
justed  to  provide  the  required  erosion  life  at  the  leading  and  trail¬ 
ing  edges  without  creating  the  chordwisc  thermal  gradients  which 
would  create  a  cyclic  life  problem.  This  blade  has  a  400  Hour  life 
capability  at  2300°F  TIT. 
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This  blade  configuration  has  the  advantage  of  good  growth  margin 
as  a  convec'cively  cooled  blade  with  the  built  in  capability  of  being 
converted  to  the  Basic  Rating  engine  blade,  Figure  2A-86,  by  the 
addition  of  film  cooling  provisions. 

Figure  2A-87  shows  the  first  turbine  blade  metal  temperature  for 
the  2000  °F  TIT  take-off  condition.  The  allowable  metal  tempera¬ 
tures  are  based  on  the  creep  strength  of  IN- 100. 

IN- 100  (PWA658)  was  chosen  as  the  blade  material,  and  B-1000 
(PWA663)  was  chosen  as  an  alternate  material.  The  blade  design 
life  limit  of  3000  hours  is  met  at  the  design  coolant  flow  with 
either  IN- 100  or  B-1900  material. 

Growth  capability  is  excellent,  the  only  modification  required  is 
to  open  the  flow  metering  restrictions  to  permit  higher  coolant 
airflow.  Figure  2A-88  shows  the  growth  capability  of  this  config¬ 
uration  at  the  design  flow  and  at  the  maximum  flow  possible. 

The  blade  in  IN- 100  (PWA-658)  or  B-1900  (PWA663)  is  cyclic 
fatigue  limited  with  approximately  a  60  °F  temperature  margin, 
allowing  an  initial  growth  to  2060 °F  takeoff  TIT.  Approximately 
100  °F  additional  TIT  margin  could  be  obtained  by  the  direct  ma¬ 
terial  substitution  of  PWA664,  Mar  M.-200  material  cast  with 
directionally  solidified  grain  '•'’•iented  along  the  blade  span.  The 
PWA664  blade  with  very  high  thermal  cyclic  fatigue  strength  is 
essentially  erosion  limited  as  the  cyclic  fatigue  limit  approaches 
the  erosion  limit. 


B.  An  alternate  blade  design  for  the  Initial  Engine  is  shown  in  Figure 
2A-89.  This  blade  Is  convectivcly  cooled,  single  cavity  with  baf¬ 
fles  arranged  to  direct  the  coolant  toward  the  leading  and  trailing 
edges.  This  configuration  is  one  developed  for  and  used  in  the 
J 58  engine  with  very  satisfactory  results  and  at  turbine  inlet 
temperatures  in  excess  of  initial  STF219  engine  requirements, 

Figure  2A-90  shows  tne  first  turbine  blade  metal  temperature  for 
the  2000 #F  TIT  takeoff  condition.  The  allowable  metal  temperatures 
are  based  on  the  cxeep  strength  of  IN- 100, 

The  blade  material  selected  is  IN- 100,  with  B-1900  as  an  alternate, 
The  blade  design  life  limit  of  3000  hours  is  met  at  the  design  coolant 
flow  in  either  material. 
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Growth  capability  is  moderately  good,  the  only  modification  re¬ 
quired  is  to  open  the  flow  metering  restrictions  to  permit  higher 
coolant  airflow.  Figure  2A-91  shows  the  growth  capability  of  this 
configuration  at  the  desired  flow  and  at  the  maximum  flow  possible. 


C.  The  blade  design  chosen  for  the  Basic  Rating  of  the  engine  for 

operation  at  2300°F  TIT  is  shown  in  Figure  2A-86.  This  blade  uses 
a  "showerhead"  leading  edge,  convectively  cooled  midchord  and  a 
film  cooled  trailing  edge.  The  coolant  flow  is  metered  to  provide 
the  desired  chordwise  and  spanwise  temperature  distributions. 

Figure  2A-92  shows  the  blade  metal  temperature  for  the  2300 °F 
TIT  takeoff  condition.  The  allowable  metal  temperatures  are 
based  on  the  creep  strength  of  PWA658  (In- 100). 


The  blade  material  selected  is  IN-100,  with  B-1900  as  an  alternate, 
The  blade  design  life  limit  of  3000  hours  is  met  at  the  design  cool¬ 
ant  flow  in  either  material.  Additional  growth  potential  can  be  had 
either  in  TIT  or  blade  life  with  the  use  of  PWA664,  the  direction- 
ally  solidified  grain  casting  process  using  Mar  M-200  materials. 

Flat  chordwise  temperature  profiles  are  desired  for  good  thermal 
fatigue  life.  Figure  2A-93  shows  the  maximum  chordwise  thermal 
gradients  at  8.0  seconds  as  a  result  of  an  8.0  second  acceleration 
from  idle  to  2300 “F  takeoff  TIT,  The  thermal  gradients  shown 
here  are  conservatively  high  to  ensure  the  margin  needed  for  manu 
facturing  tolerances.  Measured  maximum  transient  thermal 
gradients  on  similar  film  cooled  hardware  in  the  Turbine  Develop¬ 
ment  Engine  are  shown  in  Figure  2A-94  at  7.  0  seconds  during  a  2 
second  acceleration  from  idle  to  2330  "F  TIT.  The  thermal 
gradients  are  less  severe  than  the  design  gradients. 


d.  The  Effect  of  Combustor  Da  sign  on  Turbine  Life 

Turbine  durability  is  influenced  to  a  great  degree  by  combustor  per¬ 
formance,  To  provide  maximum  life,  the  combustor  must  deliver  a 
specified  radial  temperature  profile  and,  at  the  same  time,  minimize 
circumferential  temperature  distortion  in  the  form  of  local  hot  spots. 

An  improper  radial  profile  can  cause  excessive  blade  creep  and  excessive 
distress  on  turbine  disc  rims  and  case  attachment  areas.  Local  hot 
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spots  reduce  life  by  causing  excessive  local  oxidation,  erosion,  and 
creep.  The  annular  combustor  proposed  for  the  STF219  engine  has  been 
designed  to  deliver  an  optimum  radial  temperature  profile  with  minimum 
hot  spots. 


The  proposed  STF219  engine  is  being  designed  for  a  initial  turbine  inlet 
temperature  of  2000  "F  at  sea  level  takeoff  and  1900  °F  at  Mn  2.7  cruise. 
Ultimately,  the  turbine  will  be  developed  for  operation  at  turbine  inlet 
temperatures  of  2300  °F  and  2200  °F  for  SLTO  and  cruise  respectively. 

It  is  apparent  that  temperature  distortion  becomes  a  more  critical 
problem  as  turbine  inlet  temperatures  are  increased  and  the  develop¬ 
ment  of  a  2300  °F  turbine  will  depend  on  the  development  of  a  combustor 
which  exhibits  a  distortion  level  which  is  somewhat  less  than  current 
engines  are  demonstrating.  The  2000°F  turbine  des-.rm  is  based  on  a 
conservative  distortion  level  which  represents  a  small  improvement 
over  current  commercial  engines  but  well  within  the  demonstrated 
performance  of  the  JT11D-20. 


Pratt  &  Whitney  Aircraft's  nomenclature  for  this  temperature  distortion 
is  ATVR,  which  is  defined  as: 


Maximum  Combustor  Temperature  Rise 
Average  Combustor  Temperature  Rise 


T  T 

T5  max  -  lT4  avg 

TT5  avg  -  TT4  avg 


The  following  table  presents  the  ATVR  target  value  for  the  3TF219 
engine  compared  with  two  other  production  engines. 


Engine 


ATVR 


JT8D-1  1.20 

JT  1  ID- 20  1.145 

STF219  1.  11* 


*  Vane  and  blade  design  margin  provides  for  ATVR  =  1.  18  at 
2000 #F  initial  design  point. 
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The  JT8D-1  has  been  uaed  as  an  example  of  current  commercial  engine 
combustor  performance.  This  engine  is  currently  in  production  and 
represents  Pratt  &  Whitney  Aircraft's  latest  engine  model  in  wide  scale 
commercial  use.  It  normally  operates  at  turbine  inlet  temperatures  of 
approximately  1H00*F  at  sea  level  takeoff.  It  can  be  seen  that  the  im¬ 
mediate  goal  for  the  STF219  engine  represents  a  nominal  improvement 
over  the  JT8D-1  current  design,  The  JT11D-20  engine,  designed  for 
Mach  numbers  in  excess  of  SST  requirements,  and  turbine  inlet  tempera¬ 
tures  in  excess  of  2000“F,  has  a  combustor  performance  comparable  to 
STF219  requirements.  The  STF219  annular  configuration,  which  provides 
a  smooth  transition  between  the  compressor  and  turbine,  is  a  major 
factor  contributing  to  the  planned  improvement,  All  airflow  is  In  the 
axial  direction  with  no  requirement  for  transition  from  the  annular 
configuration  of  the  compressor  to  a  can-annular  combustor  and  sub¬ 
sequent  transition  back  to  an  annular  turbine.  Elimination  of  transition 
areas  minimizes  maldistribution  of  airflow  which  Is  a  factor  contributing 
to  temperature  distortion.  This  change  to  an  annular  configuration 
should  provide  the  Indicated  ATVR  at  the  2000 °F  level  with  substantial 
margin.  Further  reduction  to  a  ATVR  of  1.  11  at  2300"F  will  be 
achieved  through  development  which  will  optimize  finer  details  such  ae 
fuel  nozzle  and  awlrler  design  and  liner  air  injector  geometries. 


Another  Important  requirement  of  the  combustor  is  that  it  deliver  a 
specified  radtnl  temperature  profile  to  the  turbine.  The  radial  tempera¬ 
ture  profile  must  bo  controlled  to  provide  cool  gas  at  the  gas  path  inner 
and  outer  diameters  and  to  place  the  peak  temperature  near  the  middle 
of  the  gas  path  whore  airfoil  stresses  arc  low,  The  gas  must  be  cool 
at  the  I.  D.  and  O.  D.  of  the  turbine  annulus  to  keep  the  turbine  disc 
rims  and  case  attachment  regions  at  a  low  temperature.  The  peak 
temperature  must  bo  kept  at  a  radial  location  which  will  not  create 
excessive  local  cfeup  yn  the  blades.  The  control  of  a  radial  profile 
has  never  presented  any  problem  in  curront  aystoms  bo  no  ilfftcuity 
in  achieving  the  dofllrod  profile  in  the  STF219  is  antlcipatou. 


Testing  conducted  by  Pratt  &  Whitney  Aircraft  lias  Indicated  that  the 
desired  combustor  performance  can  be  achieved  in  the  type  of  annular 
combustor  proposed  for  the  STF219  engine.  A  ATVR  as  low  as  1.  10 
has  born  measured  if.  a  72°  segment  rig  at  a  combustor  temperature 
rise  in  excess  of  1800°F,  (The  temperature  rise  required  to  attain  a 
turbine  inlet  temperature  of  23Q0°F  at  S.  L.  T.O.  ia  leas  than  I700°F,  ) 

In  addition,  radial  temperature  profile  tailoring  has  produced  profiles 
which  approach  those  required  for  the  engine  design.  Figure  2A-97  shows 
u  comparison  between  the  optimum  profile  for  a  2000 °F  S.  L.  T,  O, 


i 

1 

B 

J 

I 

I 

\ 

I 

I 

I 

I 

f 

I 


1 

i 


I'Aufe  MO  2  A  -  7  4 


* •  •  >m  s'Wiui 

»ni»  •»  iius 
**•»  nm  »(|)  S 


\ 


CONFIDENTIAL 


1 


I'M  Ai  i 


*  wm i dry  AiRCHAfT 


CONPIDBNTIAU 


I'W  A-yiMiO  j 


design  point  and  a  profile  monaured  in  the  test  rig.  A  more  detailed  j 

discussion  of  combustor  tenting  ifi  presented  e  1  a  invli  r  r  e ,  | 

I 

1 

0  Lliilkillll  B lad p  and  Vnno  Anlysls  for  Initial  ji too * B  T IT  j 


Turbine  bidden  and  viino#  are  designed  to  meet  structural  requirement*  j 

which  result  from  engine  cycle  and  engine  mission  requirements,  The  j 

engine  cycle  nets:  j 


•  engine  operating  spued 

•  engine  operating  temperatures 

•  blnda-hub-tip  ratio 

•  blntle  solidity 


The  engine  mission  seta  the  life  recjii' rnmentu; 

•  time  at  take-off,  climb,  and  cruise  temperature* 

•  cyclic  llie 


I  he  cycle  and  mission  together  define  an  environment  which  i  rentes 
turbine  blade  requi  ramenln  tor 

•  centrifugal  loads  -  vary  with  power  sotting 

•  time  at  temperature  -  set  by  desired  life 

•  rapid  change*  of  temperature  -  rapid  power  change* 

«  integral  order  and  random  vibratory  «j*«  iinlinn* 

•  gas  bending  loads  -  vary  with  thrust 

•  corrosive  and  a  rot  Ive  environment 


the  modes  at  failure  which  result  from  exposure  to  the  above  environ** 
merit  are  outlined  below. 

Blade  and  vane  creep  and  stress  rupture  failure  Is  characterised  by 
tlie  lime. temperature  dependent  deformation  of  these  components, 
Maximum  local  creep  limits  are  efltabllubed  for  blades  to  avoid  exces¬ 
sive  strains  which  might  load  to  lip  rub*  and/or  material  stress  rup¬ 
ture.  Vane  limits  are  expressed  in  tfirms  uf  vane  how  and  materia! 
sirens  rupture. 
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Erosion  *6041  pal  on  of  bind*'  nod  vane  nurf/tces  is  a  defined  <  I  < » >4  r  *  *  ^  uf 
dlatresii.  Emalnn  limlt'i  lire  nel  to  limit  r m c c» n  1 « ii I  nt  overhaul  lur 
poor  ftpppmnnr r»,  prevent  ttiterg ranular  corrosion  of  blade  ol  vuiir 
base  mivlnl  urn)  to  llrnil  performance  losses  flop  to  blade  contour  cbahgrn, 


Thermit  I  fatigue  of  turbine  Id  ml  os  and  vanes  la  a  result  of  temperature 
Hradierttn  lit  the  fells  ran  and  by  rapid  gas  (empnratura  <  hanges  dorlnu 
opernllofi.  These  gradients  can  lirtonio  large  enough  Id  prodm  ®  fatigue 
crnckrt  helot  e  the  blade  stretch  or  vane  bow  would  require  replec  ament. 


Vlbi  ntor  y  (aligns  In  an  Important  design  far  lor  in  l.urb'ne  luaden.  lur- 
bine  blades  ore  aobjpclod  to  iwo  important  types  of  esoitsWoni  waUea 
from  tflflliyitary  structure#  and  "1  andom"  eMeilalidifi  resulting  from 
turbulence  Induced  by  combustion.  Blade  tuning  b>  avoid  stall  tna r y 
walls  nxctlsUori  and  damping  to  control  "random"  oKi  llallon  will  permit 
trouble  free  operation. 


Impart  damage  is  ur,  countered  in  the  design  tif  turbine  blade#  and  vanes. 
Little  ran  be  done  to  reduce  significantly  III*  probability  of  foreign  ob¬ 
ject  ingestion.  The  vane  and  blade  daman*  ran  however  be  effected  by 
the  structural  design  of  the  vane  or  blade. 


(I)  J0nfJ)*K  TIT  Initial  Engine  Design 

As  stated  In  the  Introduction  the  object  n I  thaun  design  Studies  was  lo 
produce  a  detailed  turbine  design  for  initial  flight  operation  at  4000 "If 
end  capable  of  escalation  to  the  basic  ration  nf  ZSOO'P  The  garmrnl 
turbine  configuration  who  a utabllsliad  to  meat  both  of  these  objectives 
willipul  major  mechanical  changes,  The  blades  and  vanes  designed  for 
the  Initial  Itallng  of  4000s F  will  be  capable  of  meeting  prototype 
durability  requirements  at  the  Basic  Rating  of  4  too * l> , 


The  performance  penalties  associated  with  blade  and  vane  cooling  com¬ 
bined  witli  Hie  cost  Increases  attributed  to  Ihese  foils  made  the  use  >0 
uncooled  lolls  allrurtlvo  1/  their  structural  Integrity  ‘an  lie  assured 
Pbf  dei  1  slnn  was  therefore  made  to  cool  a  minimum  number  of  filugnts 
Ir  tile  Initial  40OG*lf  engine  but  provide  Ibo  physical  spacing  and  siaing 
that  would  be  required  lo  cool  other  stages  almtihl  this  be  require.!, 
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'I  lid  S  |  1'  >1  I  0  I  'IT  him'  |  ft  it  I  hr  I’f  e|-T(j|i  1 1 1<  n  i  1/  h  i  "lift  I  ft  I  I  #ifcf  "I  1  ’ll'’  1 1 1  K  1 1  1 1 1  ''  ft 
nil!"  ftl/im'  iIM'I  ty.'M  InW  pl'raonm  tl'iyi's,  I  ri  lh<'  4  O' Ml  *  I-  ‘Irni^n  tin 
lit  4 1  Idadi  it  nil  vittii'  r  rt|ii  |  r  r  (  wdiny,  I  lie  llrat  *.  -mr  i  R  .i  i  "iiv  hi  lnn,i  I 
simply  n 1 1 1> |J II >  tm|  ili’ftiith.  The  fl  ml  hlndf  Often  ,ih  extruded  I’nnl  with 
Mi>  ll'ifi  1 )  1 1 1 1  s  ( >  1 1  Hi  In  iissiiri  yind  v  i  1 1 1"  r)  1  i  1 1 1 1  i  "ill  I  ■  ■!  V.1II1  1 1 1  .i  n  i  1 1  hi  m  i  'ml- 
iny  mi  li"  it"'  f  I 'it  i  lii  1 1 1  y  n  htl  growth  |»nl  i'iit  I  ii  I ,  llii’  rnii.iimiiK  k '  " 
i|ijb  tj  fl  cn  nil  In  vp  rn'l  slalom  and  Up  ohrnniled  I » I  ;*  <  1  *»  A  .-lliernntif 
nnrmirl  singe  hlndr  rienlyii  wllhnol  Up  shrmnlft  will  'itilif.r  exlnndml 
I*  'ini  «  and  friction  damping-  difelj'jljOUons  a  I  <•  givcm  hi  I'  i  y  it  in 

taA-iVH  Ihroiiyh  4  A  -  101,  Thenr  blade  Stressm  .in'  yeni'raU'd  Ini’  IN- 100 
tent"  rial , 

1  lie  lullcjwiny  a p  t  1 1  nit  ft  'Id  m  c  I  lit*  I  ltd  H'l!‘£l‘>  ilnuiyn  approach  to  »  •» »  *  i  Ol 
Dtp  failure  in  (ji|  e  ft  nfid  Mann  analytical  I  erlinlfjlip  a  i  ( il’  r  c  I  a  t  nil  with  r»  It  = 

U  t  no  nXpM  i  I  n  m'  "  tn  ■  ubslanliflle  Nip  4000 ‘1^  deftlyii  i  iinflytirnUoni  The 
§TJ,'4l9  first  blades  npu  v  ii  ltd  ft  are  tlhPil  ns  models  Id  1 1  Id  ft  1 1' fit  p  the 
artnlyllcnl  LeeiiiiifjUM  lifted  In  thlft  and  other  Pratt  It  Wliilltey  Ali’<  iufl 
dnamn  p r n) r c t * ,  The  ronoUs  of  the  §TF4i9  nn«iyftl»  l«  then  *nmpareil 
In  the  atmlyaiii  and  performance  of  current  prnfltjfMinn  anylneft. 

(41  filed p  fttrnlrh 

UVerall  111  afl  a  elongation  la  used  n*  n  menaum  nf  blade  ill  a  l  |i<a  n  re* 

suiting  from  a  (  umblnatiof;  ofi 

•  Ce  III  r  I  Illy  a  I  ftti  uftneft 

•  Cm  ft  lii’tiillilu  ftlrpftftPft 

a  Tima  iii  lempur  alum 

s  / horrnai  stresses-  maul  tliig  fium  rapid  temper  Alum  change 

Overall  1 1 1  u  •  1 1'  fdollg  lit!  dll  IH  n  Weighted  jV"Nyd  nf  |  nr  fl  |  dlilruaa  uluflg 
Uip  1)1  wile  9 Ini' e  ftti'pfttioft ,  innlminl  ftlrengUi  and  metal  temperature 
vary  along  the  span,  The  greater  part  «»f  the  stretch  inqulia  from 
it  r  pu  p  r  fin  slid  by  centrifugal  «i  *  ess  a,  fiao  bending  ami  vlln  uiory 
u I r pa 9e «  have  n  negligible  uffnt-i  on  nverall  hlade  sti  ■  Ii, 

I  1 1  hit.  I  t  ttlnll  (tltoi  fii'ftl  til  i  Id  n«  Id  ltd'  <-  elil  i  lfti|pil  all  iui  n  I  nr  ||n  'i'll'’,'  I  ‘I 
find  t'ir  ilti’et  (in  l  ent  pindtic lion  aitglneft  filroasufl  tiro  shown  for  tho 
cf'lll'al  fterlmn  ill  oflfli  liludo  f  t  •  i  the  iilyid  •  ondl  I  iuiiq  thill  i  rtt  nf  iiiltii’ 

»! *•  '■  d'i  I  / 1  v  firai  tot  ioiie  iiiade  uirofta  In  vn I*  a i  a  « iiIib inniitil I y  Iuwa r 
than  Ihnao  of  turrerd  Irnnaporl  enylonB,  runyiny  from  00%  !■>  110%  nf 

lilt  ntTll  eliyllie  till  pen  ievelft,  ft  I  the  IllOftl  UeVof'is  1 1  u  a  t  y  M  '  Oil'll  I !' ill . 

I'fhl  H»«  fl  -  f  / 


oowriodiNTi^i- 


1 


Pn/«1t  4 


1 


■/.‘Hi  i ue y  /.i'.  jham 


COWNDHNTIAL 


TABLE  1 

Tabulation  nf  First  Turbine  Blade  Ci*nlrlfu|/  >l  Stress 
at  40%  Span  **  Tim  Crtvirfl!  Section 


PW A-2600  B 

I 

I 

£ 

i 


SLTQ 


Stress  (psl) 

TIT  (M1) 

Metal  Tflinparaturw  ( *T  ) 

.1  T-3CJ.7 

16, 300 

>610 

1  *320 

JT4A-9 

19, 000 

.1679 

1415 

TIT33P-7 

10,000 

1675 

I960 

3TF2IV 

UN-  1 00) 

14,900 

2000 

1370 

(fi- 1900) 

19, 000 

2000 

1370 

Cruise 

*  Normal  Baled  Power 

,1  TIC -7 

14, 200 

1420 

1390 

,1  T4A*9 

17,600 

1  339 

1200 

'!  V  3  3  P-  7 

17,  500 

1  900 

1 199 

ST  1*7  19 

(IN-  loo) 

15,  000 

i  gou 

1900 

(13-1900) 

19,  900 

1900 

1500 
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Table  11  <  (iiiipii  re h  I, lade  mid  spun  ni'clion  gun  bending  Hlre«im*  Inf 

Ihrrn  ruffrril  pr  oduc  I  imi  engines  iinfl  I  hit  STT'dl'l,  The  g.iw  betiding 
MlrcBB  (nil  riirrrrtinn  for  1 1 1 1 ,  crimp  or  e  nil  r  I  fugn  1  r  r  r.to  rl  i  n|i)  In  <om- 
pured  wllli  1 1  if  a<  t  ii.i  I  Inllial  bending  iilnom  (tin  m  linn  for  ir.illul  Dll 
.mil  r  enir  I  lugsl  reuiorllon)  mid  with  ilu>  uftu.il  bending  Hlrrtm  niter  uini 
luaif  .‘mi!  10  limit*  n  idenglne  operation.  I  hit  relaxed  ga«  bending  siren- 
soh  .ire  not  slgntfir'i  ill  a  fler  n  nhort  period  of  nun  Ole  ope  »*;i  lion  and  ha  v" 
a  negligible  effect  oil  liladn  nti'rUh. 

G/ib  be nd mu  iU'eswes  are  dellbe rnlidy  ml n) ml Bt*d  by  tilling  (hr  hi  tide 
ulnelilng  linn  to  induce  eentrlHignl  rnoiiieiiln  which  counter  the  gna 
bending  mornenlfi,  Any  nlgnifltmii  initial  remdual  bending  strews 
rtilnxt’R  with  lime  mi  the  blade  Dimka  u  bunding- stress-free  shape, 


TAB  LIE  U 

Tilt  St  reus  Minim  Gas.  Bending  Hi  rum 


Pure  Cent,  Unit, 

l-ngine  (ins  Bonding  Till  Bending 


,1  T3C-7  11,300  pel 
JT4A-9  H,  500  pal 
TF3  3P-7  13,  000  pul 


(j,  100  pul 
4, 000  pnt 
7,000  |ini 


fin  dm  limit  Alter  l  Mis 
'j,  200  pul  3,  90''  pul 
4,  !)00  pul  3, 900  pul 
h ,  000  psi  ri ,  ?.00  po  l 


After  IQ  lira, 

2,000  pul 

2, 100  ppi 

2,  1300  pul 


HTF’219  19,000  pul  14,000  pul 


4,400  pul  3.900  pal 


2,200  pul 


Figure  2  A  -  1 04  uliuwu  .i  representative  relaxation  ini've  fm*  supornlluyii 
n(  inrl, Inn  blade  Imope  mime,  Hlnre  millally  the  Hires1)  in  tmnbllied 
bending  pill  e  Icilelun,  the  relaxation  la  very  rapid. 
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V  ibt'alory  m  t  ro  (uiph  rlo  nol  accelerate  the  blade  stretch  rate  The  wmU 
of  Ln'/.an  (I)  indicates  t li a l  vibratory  nlrean  may  in  fact  tend  to  inhibit 
blade  creep  or  stretch.  Figure  2A-105  shows  a  normalized  modified 
Goodman  diagram  for  a  typical  aupcralloy  allowing  that  vibratory 
Hi  r humph  must  exceed  the  design  limit  before  significant  d. image  can 
i1  r  null, 

(I)  F.  H.  Vllovec,  and  B,  J.  Lazan,  WADC  T'tt  56-ISI,  19rib 

The  effect  of  temperature  on  this  phenomenon  in  shown  in  f  igure  2A-106, 
It  should  be  noted  that  the  conventionally  assumed  linear  relation  in 
approached  at  low  temperatures  but  that  at  turbine  blade  temperature* 
ci  eep  life  in  not  appreciably  affected  by  reasonable  vibratory  stressem 


I 

I 
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I 

I 

I 
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Turbine  blade  materluls  considered  during  the  design  of  an  engine  must 
permit  operation  for  the  required  time  with  an  acceptable  amount  of 
hladr  Stretch.  A  number  of  materials  such  as  B-l'jOO,  IN  -  100,  U-70Q 
and  INCO-713  are  suitable  for  use  in  high  performance,  high  turbine 
inlet  temperature  engines  and  differ  primarily  in  thn  amount  of  coolant 
necessary  la  achieve  the  desired  life, 

I  he  degree  of  cooling  required  is  determined  by  considering: 

«  blade  stress 

•  blade  material  creep  a(r«»yih 

•  gas  tempo rnluro  profile 

•  mission  requirements  (lime  at  temp,  and  stress) 


Figure  2A-107  shows  the  most  critical  midspan  centrifugal  sirens  for  a 
number  of  Pralt  &  Whitney  Aircraft  engines  ns  a  function  of  lip  speed 
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determined  by  llu*  engine  cycle.  Once  theee  parameters  are  i.ei  the 
blade  centrifugal  stress  is  established  within  the  reasonable  llmtlu. 


The  gas  temperature  profile  is  controlled  by  the  burner  aerodynamics 
and  is  adjusted  to  provide  a  profile  which  tavern  the  blade  rout,  plac¬ 
ing  the  critical  section  at  about  mid-span, 

Fx  am  pies  of  malorlaln  ennnidered  for  blades  are,  INCO-7  1'1,  11-700, 
IN- 100,  and  B-1900,  The  creep  characteristics  for  each  of  these 
materials  are  usually  summarized  on  plots  where  stress,  temperature 
and  lime  relationships  are  defined  for  several  levels  of  creep, 
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A  comparison  of  the  creep  strength  temperature  margin  of  the  various 
materials  shows  the  relative  strength  of  the  various  alloys,  See  Fig- 
Ui'eidA- 108. R- 1900  and  IN- 100  have  about  a  100  “F  temperature  margin 
<»n  U-700  and  JNCO-7I3  arid  about  a  200°F  temperature  margin  on 
Waspaloy, 


For  any  given  engine  mission  and  life  requirements,  the  time  at  lem- 
perature  and  blade  material  properties  can  be  used  to  define  curves  of 
allowable  creep  stress  vs.  span.  Pratt  &  Whitney  Aircraft  practice  is 
to  present  the  integrated  effect  ol  take-off,  dim  and  cruise  ns  allow¬ 
able  stress  at  the  most  severe  condition.  Table  III  shows  a  summary 
of  lire  method  of  calculation  performed. 

This  method  of  presentation  permits  a  rapid  evaluation  of  the  blade 
strength  margin  since  a  blade  which  operates  to  the  given  stress  for 
a  weighted  time  at  one  segment  of  the  mission  will  operate  satisfac¬ 
torily  for  the  desired  engine  life. 


9  ABLE  111 


First  Blade  Creep  Life  Mission  Integration 


Flight 

Condition 

T,  I.  T, 

Time  for 
3000  Hr. 
Life 

Sires »  at 
Critical 

Ha  cllon 

'J  fillip,  at  Life 
Critical  For  1% 
Section  Creep 

%  Life 

C  m  l  nr 

Life 

SLTO 

2fif)f)*F 

9 no  nr. 

19,000  (is  i 

i  370  “F 

IU7(I) 

, 1x10*' 

tt  Mrs 

'J'rannonic 
Acre  1 . 

2000 6  F 

100  111-. 

14 ,  400  pa  1 

1  -190  “F 

»ov(i> 

.  Ixio"1 

It  Hr  a, 

All,  and  Mil 
Cruise 

I900*F 

20' o  Hr 

19, 000  pst 

)'i90°F 

goo,  000{!) 

,29x10  ^ 

2000 

Total  Equivalent 

Time  at  Cruise  ZOIC  Ill’s. 


(I)  Noie  (hat  these  creep  lives  art*  arrived  at  by  extrapolations  of 

log  -  log  jihilfi  III  1%  flaln  I  r)  de  mount  rale  the  rei/llivc  effect 

(hi'  flight  conditions  on  the  overall  creep  damage  to  I  he  foil, 
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(3)  Vane  Bow 

Vane  "bow"  is  the  term  used  to  describe  cither  or  both  of  the  following 
typeB  of  deformation: 

Overall  bending  of  the  vane  an  a  beam  under  the  influence 
(primarily)  of  the  aerodynamic  loads. 

Uncambering  of  the  airfoil  at  the  trailing  edge  under  the  in¬ 
fluence  of  the  aerodynamic  loads  and  the  thermally  indue od 
(or  "thermal  ratcheting")  loads. 

Vane  bow  ia  normally  measured  at  the  trailing  edge  during  overhaul 
inspections,  and  vanes  with  bow  exceeding  a  limiting  value  are  with¬ 
drawn  from  service.  The  amount  of  permissible  bow  is  determined 
on  the  basis  of  the  performance  deterioration  characteristics  of  the 
engine  and  in  general  has  a  different  value  for  each  engine  model. 

Engine  experience  has  shown  that  most  aircraft  engine  vanes  show  de¬ 
flection  patterns  which  are  characteristic  of  a  combination  of  the  two 
types  of  deformation  described  above.  An  investigation  of  vane  bow  in 
experimental,  engines  has  shown  a  rather  complex  relationship  between 
mechanical  properties  and  bow  resistance.  This  relationship  involves 
both  creep  strength  and  yield  strength,  Creep  strength  is  a  measure 
of  the  resistance  to  steady  aerodynamic  loads  and  is  most  important 
at  high  temperature  steady  state  operation  while  yield  strength  Is  a 
measure  of  the  resistance  to  "thermal  ratcheting"  and  predominates 
at  lower  operating  temperatures.  "Thermal  ruchcllng"  is  a  process 
of  successively  yielding  the  trailing  edge,  in  compression  during  ac¬ 
celeration,  and  In  tension  during  deceleration.  Vane  bow  resistance 
can  he  improved  if  required,  by  (1)  increased  material  strength,  cub- 
slltutlug  PWA664  (directionally  solidified  grain  Mar  M  200)  for  PWA 
663  (B-1900);  (?,)  modifying  the  thermal  gradients  by  modifying  the 
vane  cooling;  (3)  increasing  the  "uncambering"  stiffness  of  the  vane  by 
trailing  edge  thickness  changes;  (4)  lowering  the  temperature  level  of 
the  vane  trailing  edge  by  Increasing  the  trailing  edge  cooling. 

The  correlation  between  trailing  edge  bow  predictions  made  using  this 
complex  strength  parameter  and  values  measured  in  experimental  en¬ 
gines  ia  shown  In  Figure  2A-109.  It  can  be  seen  from  the  figure  that  the 
deformation  mechanism  is  strongly  temperature  dependent.  It  there¬ 
fore  follows  that  the  bow  life  of  n  particular  vane  design  and  mission 
can  be  extended  by  the  use  of  cooling  as  a  means  of  lowering  the  vane 
metal  temperature'.  This  ims  been  accomplished  in  production  engines 
in  both  the  TF30  and  .1  “ift  first  stage  vane  designs. 
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Tlie  benefits  of  vane  cooling  with  regard  to  trailing  edge  bow  resistance 
have  been  investigated  thoroughly  on  experimental  engines,  two  examples 
of  which  are  shown  in  Table  IV. 


TABLE  IV 


Engine 

Effect  of 

Teat 

Vane  Cooling  on  Trailing  Edge  Bow 

Vane  Configuration  &  Material 

Coolant 

Flow 

Avg.  T.  E, 
bow* 

1)  JT4 

1000  LCF  Cycles  to 

uncooled 

SM  302 

.  042" 

1 8 1 0  “F  T.I.  T. 

Film  cooled  T,  E,  only 

SM  302 

.  5% 

.013 

?.)  JT4 

1000  LCF  cycles  to 

uncooled 

SM  302 

m 

.  046 

1810  “F  T.I.  T. 

Impingement  cooled 

SM  302 

.  5% 

.  017 

L.  E,  and  film 
cooled  T.  E. 


*  Average  of  1/2  set  of  vanes. 

The  degree  of  Improvement  Is  readily  apparent  even  on  these  early 
designs  which  used  coolant  flows  below  the  opllmum  for  maximum  bow 
resistance.  It  Is  through  tests  such  as  these  that  the  direct  relation¬ 
ship  between  average  metal  temperature  and  vane  bow  resistance  was 
established, 

The  pertinent  vans  metal  temperature  and  stress  information  is  tabu¬ 
lated  in  Table  V  for  the  STF219  and  two  commercial  engines  with 
vane  bow  life  in  excess  of  5000  hrs. 

TABLE  V 


Average  Vane  Temperatures  and  GaB  Bending  Stresses  for 
the  5TF219  and  Typical  Commercial  Engines 


.TT3C-7 

JT4A  -9 

STF219 

Max 

bending  stress 

H40  psl 

3920  psi 

4000  psl 

Avg. 

vane  metal  temp 

17  30  °F 

*-•3 

ro 

o 

o 

1 625  °F 

M  f  1  t  L- 

rial 

WI52(1) 

(1) 

WI52 

B- 1900^^ 

(1)  PW A  45  coated 

(2)  PW  A  '17  coated 


j'Ann  mu  2  A  -  ft  3 

K«UUlMII  <  I  ■  HtJt  a« 

win  -i  flus 
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From  Table  V  it  can  be  seen  that  the  bow  life  of  the  STF219  is  at 
least  equal  to  that  of  t.he  JT3C-7  or  JT4A-9. 

(4)  Erosion- Corrosion  Limits 

Turbine  blades  and  vanes  must  be  designed  to  resist  corrosion  and 
erosion.  Turbine  blade  erosion-corrosion  limits  are  affected  by; 

*  blade  metal  surface  temperature 

a  operating  time  at  temperature 

*  gas  stream  velocity 

*  erosive  elements  -  carbon  and  dirt  particle  and  concentration 

corrosive  elements  -  sulphides,  halides,  oxygen 
0  effectiveness  of  blade  coating 

«  resistance  of  blade  base  metal  and  its  compatibility  with  the 
coating 

The  gas  stream  velocity  and  erosive  and  corrosive  elements  do  not 
vary  in  any  significant  amount  for  any  of  the  modern  aircraft  gas  tur¬ 
bine  engines  using  JP  type  fuels,  For  aircraft  gas  turbine  engines, 
surface  erosion  is  determined  by  the  blade  surface  temperature  and 
the  exposure  time  for  any  given  blade  material-coating  combination.  ... 

An  erosion-corrosion  limit  is  a  definition  of  degree  of  distress.  Tur¬ 
bine  blades  which  are  "erosion"  limited  are  not  failed  in  the  usual 
sense  of  the  word.  Ordinarily  tha  blade  is  still  structurally  sound  and 
capable  of  doing  the  work  it  was  designed  to  do.  The  degree  of 
"erosion"  nmet,  however,  be  controlled  to; 

w  limit  replacement  at  overhaul  for  poor  appearance 
e  prevent  intergrannular  corrosion  of  blade  base  metal 
«  limit  performance  losses  due  to  blade  contour  changes. 

The  rate  of  weight  loss  (either  through  corrosion  or  erosion)  is  much 
lower  in  coated  parts  than  in  uncoated  parts.  The  weight  loss  versus 
tirr>e  curve  for  a  coated  part  may  be  divided  into  two  regions,  one  in 
which  the  coating  remains  intact  and  protective  and  in  which  the  slope 
of  the  curve  is  low,  and  the  other  in  which  the  coating  has  begun  to 
break  down  and  in  which  the  slope  is  increasing  rapidly.  These  re¬ 
gions  are  identified  in  Figure  2A-110  which  shows  the  results  of  an 
erosion  corrosion  test  of  a  coated  B-1900  sample  carried  well  beyond 
the  point  of  failure  of  the  coating,  It  should  be  noted  that  the  2000°F 
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test  metal  temperature  is  comparable  to  that  of  an  uncooled  first  tur¬ 
bine  blade  at  2150°F  TIT.  The  coating  finally  failed  after  440  hours 
at  this  condition. 

Additional  examples  of  erosion-corrosion  tests  of  coated  B-1900  are 
shown  in  Figure  2A-111.  This  type  of  data,  once  generated,  furnished 
the  transition  {or  coating  failure)  point  for  the  coating  as  a  function  of 
time  at  temperature  and  can  be  cross -plotted  on  a  time-temperature 
plot  to  produce  a  design  curve.  Figure  2A-111  showsthat  at  1830°F 
metal  temperature  and  2000  hours  of  testing  the  coating  is  still  under¬ 
going  the  surface  oxide  build  up,  which  precedes  the  erosion  of  the 
coating.  Such  long  time  erosion-corrosion  tests  are  very  pertinent 
as  they  give  a  graphic  picture  of  the  design  erosion- corrosion  margin 
built  into  the  STF219- 

The  2000  °F  data  in  Figure  2A-110  has  been  included  in  Figure  2A-111  to 
give  a  quantitative  idea  of  the  excellence  of  the  coating  at  1830  “F  com¬ 
pared  to  the  very  satisfactory  440  hr.  performance  at  2000  °F  and  the 
short  time  coating  capability  at  2100  °F  metal  temperature,  Pratt  & 
Whitney  currently  has  under  investigation  and  development  several 
coatings  which  will  increase  the  erosion-corrosion  temperature  capa¬ 
bilities.  These  coatings,  when  developed,  could  be  used  on  the 
STF219  and  would,  of  course,  provide  an  even  more  substantial 
erosion-corrosion  margin  than  that  of  the  present  PWA47  and  PWA45 
coating  systems. 

Erosion-corrosion  data  as  shown  in  Figures  2A-110  and  2A-111  can  be 
cross -pLotted  on  a  time-temperature  plot  to  produce  a  design  curve. 

Such  a  design  curve  is  shown  for  PWA4 5  and  47  ccatings  in  Figure 
2A-112.  It  has  been  shown  in  laboratory  tests  that  the  erosion  life  of  a 
coated  specimen  is  a  function  primarily  of  time,  temperature,  and 
coating  and  only  secondarily  of  specimen  configuration  and  base  alloy. 

It  is  therefore  possible  to  plot  on  the  same  curve  points  representing 
commercial  and  military  service  experience  on  parts  from  various 
engine  and  of  various  materials  as  a  means  of  verifying  the  validity 
of  the  plot,  as  a  design  curve.  The  design  curve  of  Figure  2A-112  includes 
the  results  of  laboratory  tests,  some  run  for  times  as  long  as  2000 
hours,  points  which  represent  the  more  than  130,000  hours  of  low  to 
moderate  turbine  temperature  experience  gained  during  the  industrial 
use  of  J 57  and  J75  type  engines,  points  which  represent  the  more  than 
50,000,000  hours  of  current  transport  and  commercial  experience, 
and  points  which  represent  Pratt  &  Whitney  Aircraft  R/D  engine  tur¬ 
bine  blade  and  vane  experience.  Turbine  blade  and  vane  experience 
gained  as  a  result  of  J58  engine  development  was  available  at  the 
higher  temperatures. 
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The  erosion  life  of  a  coated  part  may  be  predicted  using  the  information 
in  Figure  2A-112  as  follows; 

1.  The  metal  temperatures  and  times-at-temperature  (in  hra/ 
engine  hour)  are  determined  for  each  significant  portion  of 
the  flight  cycle, 

2.  The  erosion  life  for  each  operating  condition  is  determined 
by  entering  2A-112  with  the  appropriate  metal  tempera¬ 
ture. 

3.  The  ratio  of  time-at-temperatur e  to  erosion  IK'-  is  determined 
for  each  operating  condition.  These  ratios  are  then  added  to¬ 
gether  and  the  reciprocal  of  the  sum  taken.  This  reciprocal 
Is  the  calculated  erosion  life. 

The  procedure  is  illustrated  in  Table  VI  using  the  STF219  first  stage 
blade  with  PWA4?  coating  as  an  example. 


TABLE  VI 

Summary  of  Method  Used  to  Determine  Integrated  Erosion  Life 


Engine  Power 
Setting 

Time  at 
Power 

T.I.  T. 

Tm 

Erosion 

Life 

Time 

Life 

SLTO 

. 300  hr. 

2000 °F 

1525^ 

21000  hr. 

1. 43  x 

10*5 

hr."1 

Transonic 

Acceleration 

.033  hr. 

2000 °F 

1 535  °F 

19000  hr. 

.  174  x 

10'5 

hr.  ”  1 

Altitude  Mn 

C  rui  o  u 

,667  hr. 

1900 "F 

1 575  °F 

13000  hr. 

5.  14  x 

10'5 

hr. 

6.744  x  1CT5  hr.  ~ ^ 


Llfe  =  O'5  =  14,  800  hr s. 

The  "life"  predicted  in  this  calculation  is  the  life  of  the  coating,  not 
the  part  itself.  It  is  important  to  bear  in  mind  that  failure  of  the  coat¬ 
ing  does  not  constitute  failure  of  the  part  nor,  in  fact,  does  it  indicate 
that  the  performance  of  the  part  has  been  compromised  to  any  appre¬ 
ciable  extent. 
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The  design  life  of  the  coating  represents  the  time  at  which  the  coaling 
will  have  ceased  to  provide  adequate  oxidation,  corrosion,  and  c-rosion 
protection  to  the  part  and  loss  of  metal  and  depth  of  intergranular 
penetration  will  proceed  at  an  accelerated  rate,  Coaled  parts  which 
are  removed  from  service  prior  to  complete  coating  failure  can  be 
stripped  and  re-coated  and  returned  to  service.  This  procedure  lias 
been  followed  for  several  years  on  nozzle  guide  var.es  in  commercial 
service  and  has  been  demonstrated  on  blades  in  service  tuHt  i  of  JT3C 
and  JT4A  parts.  The  procedure  had  also  been  put  into  practice  on 
JT8D- 1  blades  and  vanes. 


TABLE  VII 

First  Stage  Turbine  Metal  Temperature  Comparison 

Max.  Metal  Temp. 

Max.  Turbine  for  Average  Vane  Max,  Metal  Temp. 

Inlet  Temp.  or  Blade  for  Hottest  Vane 

Engine _ °F  "F  *T 


JT  3C-  7  1st  vane 

1650° 

L>J 

O 

o 

1840 

JT4A-9  1st  vane 

1665° 

1720“ 

1855 

TF33-P-7  1st  vane 

1745  ® 

1815“ 

1865 

ST  F219  .  st  vane 

2000° 

1665° 

1775 

STF219  1st  blade 

2000  “ 

1  525° 

1525 

(5)  Vibratory  Fatigue  Limits 

Fatigue  strength  is  an  important  design  factor  in  turbine  blades,  Tur¬ 
bine  blades  are  subjected  to  two  important  typeB  of  excitation:  wakes 
from  stationary  structures  upstream  and  randomly  varying  forces  re¬ 
sulting  from  turbulence  created  or  amplified  during  tin:  combustion 
process. 

Wakes  from  stationary  structures,  such  as  turbine  nozzle  vanes, 
burner  cans  or  fuel  nozzles,  and  struts  are  seen  by  the  turbine  blade 
as  integral  order  isturbances.  Each  type  ot  disturbance  excites  the 
turbine  rotor  blade  an  integral  number  of  times  eoch  revolution  and 
the  frequency  of  the  excitation  is  proportional  to  the  rotor  Bpeed. 

The  turbine  rotor  blade  sees  significant  levels  of  randomly  varying 
gas  bending  loads  (buffeting).  These  buifet  loads  are  caused  by  local 
gas  stream  turbulence  generated  during  the  combustion  process  and 
swept  downstream  through  the  blade  (Borne  small  part  of  the  buffet 
load  may  be  attributed  to  the  radiated  noise  generated  in  the  burner), 
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Prau  &i  Whitney  Aircraft  conlrols  the  blade  rnsponBe  to  these  two 
typra  of  excitation  by  t-ining  nnd  by  damping  ibr  blade,  Acceptable 
turbine  blade  designs  are  carefully  tuned  l <■>  avoid  thr  integral  i-.rdn- 
rrsonnncrx  which  result  from  fuel  nur.r.le,  burner  run  or  strut  wakes. 

Fig  urn  2A-1I3  shows  the  result  of  the  frequency  calculation  lor  thr*  TYF2I0 
first  I u Hi  inn  blade  Nolo  (lint  no  important  resonance  oi  i  ui  u  In  ll,n 
engine  operating  range.  The  calculation*  warn  made  using  modified 
Prohl  type  solutions  to  include  effects  of  centrifugal  stiffening,  coupled 
bonding-torsion  nnd  blade  damper  action. 

Minor  resonance#  in  tbe  operating  speed  range  and  the  random  buffet 
loads  arc  controlled  by  tip  shrouds  nr  by  root  dampers,  aa  tin*  appli¬ 
cation  warrants.  Tip  shrouds  are  effective  damping  devices  which 
have  been  used  extensively  In  current  coin  marc Ini  and  transport  en¬ 
gines,  Blade  root  dampers  are  used  where  high  Inlet  temperature  re- 
qulrements  dictate  cooled  foils  and  extended  root  blades,  as  in  the 
J  9H  and  ST  Fit  IV  first  stage  turbines, 

Typical  turbine  blade  vibratory  stress  levels  are  shown  In  Figure  A  A  - 1  Id, 
Figure  2A-119  shown  stress  levels  measured  on  Hie  JT3C  engine  wilh  and 
without  turbine  tip  shrouds,  As  indicated,  shrouded  blade  losonsncny 
allow  low  stresses  and  are  sparsely  dlstrlhulod.  The  undamped  uil- 
shrouded  blades  have  unacceptably  high  resonant  stress  levels  super¬ 
imposed  on  a  buffet  stress  which  lncrenoeg  rapidly  with  Increases  in 
engine  power  level, 

Table  VII  showed  a  typical  modified  Cioodrran  diagram  for  suporfllloy 
materials  operating  at  turbine  temperatures  encountered  by  tile  Ural 
stage  turbine  blades.  The  simps  of  the  noodinan  diagram  Is  relatively 
unaffected  by  specific  blade  materials  In  this  temperature  range, 

Maximum  first  turbine  blade  stress  levels  ire  indicated  for  the  JT3C-7. 
JTd  and  TF33-P-?,  STF2IV  first  turbine  blades  will  Imve  the  snn  e 
margin,  assured  by  design  to  the  standards  developed  for  oilier  anglnar. , 

(6)  Tbormal  Sirens  Fatigue 

The  improvements  in  the  creep  and  stress  rupture  strength  of  super- 
alloys  and  the  use  of  component  cooling  have  placed  emphunls  on  the 
importance  of  the  thermal  cyclic  proper  ties  of  turbine  blades  and 
vanes,  The*  thermal  cyclic  fallguu  problem  is  created  by  llm  rupid 
application  and  reduction  of  power  which  Is  both  characteristic  of, 
nnd  ncceastry  to,  the  normal  operation  of  aircraft  power  plant.  One 
of  the  goals  at  the  Phase  1I-B  design  study  was  to  provide  a  turbine 
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design  capable  of  meeting  full  power  ret|ulf  aiiientn  nt  lahe  =  off  a nd  for 
n  full  rnvefitc  slop  at  each  landing  for  each  mission.  This  spciinn 
mil  lines  (bo  design  studies  which  resulted  in  the  »pl(H  linn  of  I  In*  H’tV'&t1} 
cooling  m  lioniB  |o  meet  IIirhp  goals 

Pratt  &  Whitney  Aircraft  lum  dev el on  ml  aiiaiialyin.il  iitpllind  ..f  de¬ 
signing  for  thf* i  oral  fatigue,  the  method  la  (Ip«i l  r U»«m1  in  .  oneida table 
detail  in  Reference  i.  13 r i r» f  1  y (  llila  system  la  a  nuniei.la  solution 
of  the  spanwlse  oil  a«a»alr -llll  Val’blUona  of  the  blade  or  vane  when 
cycled  between  various  steady  slain  power  conditions,  The  analysis 
la  founded  primarily  on  principles  whirl)  have  bean  reported  in  the 
illerntiire  (2=^)  The  analysts  take  a  into  arc  min!  the  itialonn!  prup* 
e r 1 1 « a  and  their  variations  with  temperature,  die  Hauai  hlnger  effect, 
anti  lbs  prior  strain  history  of  it  i  e  pari,  The  analysis  la  similar  to 
that  presented  by  Mendelsun  and  Minivan  (NACA  Technical  Report 
ft-gA,  PH'7)  but  baa  been  extended  to  allow  the  solution  or  tr&rislent 
problems , 

The  fnllKus  Ufa  of  «  ha#  beeli  shown  by  u  number  of  invnslp 

nations  («,  9,  10)  to  be  related  directly  to  the  cyclic  strain  range  im* 
phodd  oh  It,  1J s i f ip  (be  analytical  method  above  and  strain’’ life  data 
for  a  material,  an  »■  «  oral »  predi.  lion  of  the  toll  cy«  lie  Ille  may  Its 
made. 

Any  adequate  analysis  of  thermal  (sllgoc  reiiutres  tlm  nt  <  m  ale  .  ah  n 
lal ion  or  transient  tempera  pros  and  Ihe  rasolllng  temparal.tr e  gradients, 
Pratt  fc  Wbllney  Aircraft  bis  developed  anal  y  llr  a  I  methods  of  predicting 

utently  stale  mid  ll'fir,s|eii(  temperatures  tot  lillt  oi»|ed,  i  .iliVacll.ili  i  oolrd, 
and  fllrn  cooled  turbine  Idsde#  I’jguro  ZA-llh  allows  the  insult*  of 
iransipiit  measurements  which  were  n.sde  uii  t  onvectlvely  moled  blades 
on  tbs  JTd  high  tamps raiurr.  turbine  duvelupmeid  engine  (V). 

|l)  Vogel,  fipaeih,  Willing,  Marlene,  Doiini  bin,  AHMh  Preprint  <>*) 

GTP-17,  J'/f.H, 

(Z )  J,  Padliiy,  It,  |3,  llutf,  and  ti,  P,  Hollow. ty,  WADD  Technical 
Hepoi  I  l,l).£‘n,  1  'Ihll , 

(t)  A,  Mendduun,  and  fi.fi,  M.mnon,  HAC’A  TeiTirdcal  nepnri  Jt -lit, 

('))  fi,  fi,  Menson,  Mai  bine  Design,  August  7,  I'ffill,  pp  I0<)-|I)7, 

(*))  I,,  fit  owe  II,  MACA  Tecbnl*  al  Noic  di/1, 

(fi)  I,  l-\  T n v e r ne I iTr^iTuflo  T''T~ Go? fl 1 1,  T 7 ,  ,  AN  !vH£  ■  f  Oil  I  no  I  of  |iil  B  j  ( 
l.iijj i  ,  ,  December  I9fi«t,  pp533“fi4l. 

/  /  J  M  Ijtt  Mill!  ■’«»••»  *’  1  I  f  H  jf  *j  #|  /  .1  /  ^  |  |  J  il  ts  |  iii  0(1  t  I  n  ft  •  ]  H  «  {  *  *  J'  }|  j  }  j»»  *  {  #•  sy  m|  ;  t  I  j  - 

manl  engine  lest  blade  and  vane  •  onllng  system  1  be  high  rotor 
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Is  operated  as  a  single  spool  turbojet  engine,  An  sir  preheater  is 
supplied  bo  that  llie  cleslgn  temperature  conditions  ini  j  do  high 
pressure  compressor  are  duplicated.  Tills  assures  Umt  Hie  engine 
will  run  at  llie  correct  speed  and  therefore  produce  engine  blade 
•dresses, 

(«)  i.,  !r,  Coffin,  AfW*1'  Paper  &WI-76,  I ‘Id  3, 

(9)  H,  8,  Manson,  NACATr-1170,  1752. 

(10)  A,  E,  Cardon,  A8ME  Paper  64*Met«2,  1964, 

It  may  be  seen  by  supe rlmpualng  the  data  points  froin  Figure  2A=I16 
upon  Figure  X A  - 1 17  Ilia!  the  estimate  (solid  curves  Figure  117)  of  Die 
minimum  blade  slrengili  for  this  material  Is  conservative,  From  a 
curve  of  rrtnterfal  strength  and  (be  strain  range  calculated  and  shown  In 
Figure  2AHI7  11  may  be  shown  that  the  flrsl  turbine  blade  life  is  greater 
than  ft,  000  cycles  for  llie  2000 ' F  TIT  design,  Similar  turves  for  the 
first  singe  vane  are  shown  in  Figure  2A-IIH,  The  first  singe  vane  has 
a  cyclic  life  of  approximately  H,000  eyries  for  the  2000 * I'  design, 

Engine  substantiation  of  cyclic  fatigue  slrenglbs  of  tbs  useful  turbine 
blade  materials  is  a  continuing  propose  in  all  Pratt  gi  Whitney  Al'Crnfl 
ds volnpmonl  programs,  Engine  experience  In  eidenalvn  and  varied, 

Cyrlii  prediction*  made  for  1*10  flTF2l9  ore  based  on  (lm  results  of  dum- 
mentsd  tails  Involving  different  engine  models,  different  turbine  blade 
materials  and  n  wide  range  of  turbine  ifllnt  lemparnliires  Figure  2A*I19 
shows  the*  resiiHs  of  lasting  to  data  fur  three  of  (be  Importunt  turbine 
blade  alloys,  nearly  showing  lbs  superior  fatigue  strength  bf  die  11-1700 
and  IN’ 100  type  materials  Nolo  the  very  gu.,d  correlation  between 
angina  lo«i  lalliiras  alld  calculated  falluroH, 

(7)  ImpHct  damage 

Enp^rienna  in  butii  military  and  e&rrifpert  lai  service  has  shown  llmt  the 
Idudco  end  vanes  of  turbine  engines  are  subject  lo  impact  damage  as  a 
result  of  foreign  object*  passing  through  the  engine  or  carbon  particles 
lonrmd  In  the  combustor,  The  rotating  blades  strike  these  objects  as 
they  exit  at  >i  relatively  slow  velocity  from  die  vanoj  thin  Impact  In  turn 
imparts  a  high  vcloc  i ( y  to  the  object  in  the  dliui  imn  of  the  suction  rids 
of  the  vanes,  exposing  (hasp  stationary  pens  lu  impact, 

Op  l  vice  mt  per  | pm  h  ho  o  also  all ov/li  Ihflt  i  U l!  rent  produi  lloo  hi  ad us  ora 
admptalM  for  long  pe>  iuijo  between  overhaul  with  only  occuslurial  In  - 
Might  shutdown  attributed  lo  impai  l  damage-,  Impact  damage  has, how- 
ever,  Uteri  reflected  in  service  msmteneo<  e  cost  and, with  <  iutrodur  lino 
oi  air  moled  toils  to  this  environment, the  pi  olden  of  (mpei  t  damage 
a  *  tv  u  ole  u  inure  importance, 
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Since  |m|Md  loading  in  of  a  random  nature*  the?  actual  dentin  loading  In 
not  an  absolute  value  In  the  sense  flint  the  gas  loading  of  the  blade*  in. 

The  method  used  to  assure  adequate  Imparl  strength  for  the  fjTFZIO 
blade  and  vane  lias  hern  to  compare  the  strength  of  tlics**  cooled  foils 
to  those  of  the  nncoolrd  JT'I  fulls  which  have  had  **xlerislvr  long-time 
service  and  nrp  now  operating  to  6200  hr.  TOO,  Figure  2A-I20  shows 
the  first  blade  and  vsiip  lip  section  of  both  the  S'l  Fit  I ')  no*!  tlm  JT't,  A 
comparison  of  Dion*  two  designs  shows  the  increased  blade  thickness 
of  fhe  KTF219  air  corded  parts,  This  increase  In  thickness  results  in 
an  Increaea  in  c ros  n*»eel  l.uinl  Inertia  for  the  cooled  parts  even  though 
they  are  Iml'ow, 

Experience  arid  analysis  lias  shown  that  moat  blade  impacts  result  In 
leading  edgp  damage  at  approximately  twenty  percent  of  the  chord  and 
near  the  tip  section  of  the  blade. 

At  this  span  and  chord  location  the  iricrenaed  thickness  **f  Hie  8TP2I9 
first  blade  makes  tills  foil  approxl mainly  2,5  times  stronger  in  (  hold- 
wise  bending  (that  Is  bending  winch  lends  tu  break  the  leading  pdge 
from  the  blade  mldsectlen) .  At  the  operstlng  temperature  of  the  two 
blades, the  iTF2l9  material  line  slightly  higher  material  strength  and 
a  higher  resistance  to  Impact  than  the  already  proven  JT4  foil, 

The  basic  three  cavity  foil  cooling  scheme  Is  Inherently  resistant  to 
cooling  scdteniB  damage  since  the  internal  cooling  passage  is  divided 
Into  three  small  passages  which  keeps  the  length  of  UltHUpporied  wall  to 
a  minimum.  Tim  result  of  this  eomunrlrrmnllng  is  that  Impact  Inscln  on 
Ihe  suction  side  of  the  blade  do  not  have  to  be  liansmitted  to  tlm  leading 
and  I  railing  edges  before  the  pressure  aide  of  the  foil  ran  share  Urn 
load.  Tills  proved  to  be  a  problem  In  an  early  Til  10  single  i  avity  do» 
sign  where  Impact  caused  permanent  deflections  large  enough  to  close 
ft  portion  of  tlm  envlty,  The  core*  of  the  three  cavity  blade  are  placed 
closer  m  the  pr***5Urt*  aide  iJCi  i,.iiii,m  thick  wails  in  the  at  cs  of  impact, 
if1  rum  Figure  2A*120  il  can  lie  seen  dial  by  locating  tlm  cavities  properly 
tl  is  pi'spiblp  to  make  the  suction  side  wall  of  the  leading  edge  approxi¬ 
mately  Ihe  suruu  ihicknnut  as  ilm  entire  ,|  T4  tip  section, 

The  same  type  of  comparison  may  be  made  lor  the  dial  stage  no/./je 
vanes  of  fhe  ,51  F / 1 '}  and  the  ,J  J  4  Most  vui?o  iivpact  damage  occurs 
from  hlgli  Valbc  Wy  objects  ati  Iking  the  sue  I  Ion  side  of  iho  vane  trailing 
edge,  As  nail  lie  seen  in  Figure  2A-I21,  the  vans  imiling  edge  Is 
aepai  ail'd  to  form  Ihe  trvjlmn  vd,|'!  air  sausage  with  wi  I  (hi,  l>  m  a  sea 
comparable  ,  .1  'I  4  vanes, 
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Engine  expo?  lance  with  JI'llD-20  vanes  having  this  trailing  edge  con- 
flguraliaii  Wait  bnen  guod,  ,tn  on?  t  nr  bin  ft  development  engine  the  fsilu  re 
of  «n  r imonlhl  trxnplr Alton  rooted  blade  afforded  an  opportunity  for 

the  v(ine«  to  ha  impacted  by  sections  of  blade  coi  n  an  large  as  one  fourth 
of  un  anllre  blade,  Inspection  dhowod  the  padnstrel  coi  n  trailing  edge 
vanes  In  bn  in  at  least  .it  pood  condition  ««  acdld  irai  ling  edge  pall* 
which  had  experienced  approximately  tho  name  failure  conditlona  in  un 
earlier  la* l,  The  coiiditluwi  of  lhn*s  coolur’ vannu  was  tarmnd  excellent. 
None  were  sufficiently  dttmagpd  lo  have  cuuned  lurfitlrmt  ton  of  engine 
operation  and  a  majoiity  wore  reinstalled  for  fur  Him1  tenting, 

( 11)  Firm  Turbine  Van*  Thermal  Analysis,  ?,U00JF  TJT  Design 

‘Die  filet  turbine  vane  geometry  in  shown  In  Figure  2A*)22  and  Incorpor* 
ales  a  sheet  metal  inusxt  center ed  inside  the  cam  hollow  vane  rnvlly. 
Cooling  air  onluru  the  vans  at  the  vane  inner  diameter  and  flown  Into 
the  Insert  and  la  ejected  thru  hole*  at  the  leading  edge  of  the  insert, 

The  coolant  Impinge*  on  the  Inner  surface  ttl  the  leading  edge  then 
o  pi  1 1  *  with  one  half  tho  coolant  flowing  along  each  aide  of  Ilia  vane  be¬ 
tween  ihe  inner  vane  wall  and  the  insert,  At  ilia  trailing  edge  of  the 
lnoert,  the  two  cnoiant  streams  rejoin  and  continue  flowing  thru  e 
pedestal  cored  trailing  edge  slot, 

At  the  Mn  2.70  condition,  ‘lie  vane  coolant  flow  U  t.  !>%  engine  flow  and 
rofjuli'ea  an  HO  percent  compreflflor  discharge  supply  preumire.  Tlie 
average  vane  temperature  for  tliia  condition  In  shown  In  Figure  dA  -lti 
for  a  vans  subjected  to  Hie  average  and  hole  pot  gaa  profile,  Rotli  the 
average  and  hotspi, ,  vane*  arc  below  the  re<|Uir«d  2000 “l1'  vane  uiru«» 
rupture  limit  for  3,000  hour  life,  At  the  fH.TO  condition,  the  coolant 
flow  increases  to  10%;  this  ltKreaae  la  the  result  of  coolant  Mach 
number  and  Reynold's  number  effacto.  For  the  •  flowa,  Ihu  averiige 
vuna  i«mp*i'*!(i"*9  are  na  shown  in  Flgui  *,  «A- 124  for  Rvu,  eg»  niW  huispol 
foils, 

The  local  m  tnl  temperature*  for  the  firsl  stage  vane  arc  shown  In 
Figure  l\-Mj  fur  1900 *F  cruise  and  2000  *If  SLTO,  The  average  vane 
maximum  lemperntiirc  I*  below  the  l?3t)"F,  3000  hour  design  motion 
life  limit  at  the  cruiao  condition;  the  hotspot  vane  is  el  usion  limited 
and  lias  a  design  life  of  at  least  H00  hours  Consistent  with  preaen*.  mo 
glue  design  practice.  At  SI, TO  the  tf<|uivul<ml  maximooi  design  allowable 
metal  temperature  is  I f* U0  “  1** ;  ll,o  maximum  temperature  on  the  evernge 
vane  iu  below  this  limit  and  (he  liolspot  Vane  Is  erosion  limited  with 
1 100  hours  life  to  significant  coaling  damage  and  rotjulred  repair 
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A  typical  transient  response  for  liir  first  vane  Ip  shown  In  Figure  2A  -  1  .J,  f> 
for  tlir  average  vane;  Dip  hotspot  vane  gradients  arc  somewhat  more 
severe.  With  llirae  hotspot  g  red i r n  I  n ,  Dip  hotspot  vane  LCF  life  is  in 
excess  ol  Dip  required  3000  cyclop, 

(0)  Firsl  Tnrhlno  Blade 

’Die  first  Ini’ bl  no,  tli  rro  cavity  blade  croflH  a  oc  1 1  on  Is  shown  in  Figure 
td  A  ”  127,  Cooling  nir  is  fed  into  each  of  Die  three  cavities  ill  the  rest  al- 
Inciuncnt,  Both  the  leading  edge  and  trailing  edge  cavities  are  sized 
|ii  remove  the  maxi muiti  amount  of  heat  from  these  regions,  Since  the 
rnUlchi  I'd  region  does  not  require  as  much  cooling  an  the  lending  and 
(railing  edge*,  Die  flow  |o  Die  center  cavity  In  metered  at  Dip  entrance 
to  Die  foil  attachment.  By  using  (he  three  cavity  concept,  the  two  nnd 
cavities  do  the  maximum  amount  uf  cooling  and  the  mklcliord  blade  wall 
temperature  Is  controlled  Independently  of  leading  nnd  trailing  edge 
tempt*' alum,  There  is  also  considerable  mas*  removed  from  llie  mid* 
chord  region  of  the  three  cavity  foil.  The  combination  of  midchord 
temperature  control  and  mans  removal  has  loci  to  a  long  cyclic  fatigue 
life  for  till M  type  of  foil, 

The  estimated  Hpntiwise  average  and  allowable  metal  temperatures  are 
shown  In  Figure  ZA~1  dl\  fur  IK*  100  (PWA65H)  material  nl  the  cruise  con¬ 
dition  and  n  Figure  4A-I20  for  the  SLTO  condition.  At  both  conditions, 
there  m  considerable  creep  life  margin  mid  the  blade  Is  capable  of 
running  in  excess  of  10, 0 0 0  hours,  At  cruise,  the  design  coolant  flow 
i  ■>  1,0  percent  engine  flow  with  .40  percent  flowing  thru  each  of  the 
lenJinn  and  ti  siting  edge  cavities  and  .  20  percent  coolant  thru  the  mid* 

<•1  mril  cavity.  For  fU/t'O,  the  total  flow  increase*  to  1,40  percent  en» 
glre  flow. 

The  local  rni’lal  tcinporalu/ es  uto  shown  In  Figure  <4 A ••  1 3 0 f  at  both  cruise 
and  Ml., TO  condltiona,  torse  temperatures  are  well  below  Die  1735*F 
cruise  end  1  OhO "F  ?>LTQ  erosion  limits  for  3000  hours, 

Th«  1  unvei  u  vt’ly  cooled  first  turbine  blade  I  ,  cyclic  life  limited,  With 
Urn  transient  gradients  shown  In  Figure  dA-  131,  Die  Idnd'J  has  an  LCF 
life  In  mtri.'B n  of  'i000  cycles, 

(  I  0)  t '  f  i  n  v  e  (  lively  CouleD  lilath*  in  sign  Huha  tan  1 1  a  1 1  r,g  Yost  Bn  to. 

Buitng  N'-vemtiur  of  1  704  the  .l  i  t  High  Temper. ilure  /urbln’  ilovelop- 
riieul  lest  w,i  ti  run  will  Inst  rumenled  >  on  vet  lively  cooiild  I, laden,  Tun 
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object  of  the  test  was  to  measure  coolod  blade  temperalurefl  which 
could  bo  compared  againat  analytical  predictions. 


Description  of  Airfoils  Tested  -  Throe  different  convecllvoly  cooled 
blades  wore  tested: 

1- 11  holo  blade  -  mid  span  cross  section  shown  In  Figure  2A-132 

2- 0,  020"  sawtooth  blade  -  Figure  2A-133 

3  -  0,  030"  nnv/fceotb  blade  -  Figure  2A-134 

Tost  Conditions  -  The  engine  waa  run  through  a  cycle  which  simulated 
a  typical  ground  idle  condition  followed  by  an  acceleration  to  full 
powor.  After  alr/ell  tamporuUirao  ware  stabilized  at  the  full  power 
condition  tho  power  wna  cut  rapidly  Inducing  a  "snap"  docs leratlon, 

The  turbine  In  la  1  lomporaturo  varied  between  1240*F  and  2240*F  and 
tho  blade  coolant  temperature  varied  between  425°F  and  900°F,  A 
typical  cycle  Is  shown  In  Figure  2A-13S. 

During  this  cycle  blade  temperatures  wore  measured  and  recorded, 

The  temperatures  wore  measured  at  the  leading  edge,  trailing  edge 
and  midchord  regions  on  both  pressure  and  suction  surfaces  A 
photograph  showing  a  typical  instrumented  blade  la  shown  in  Figure  2A-136. 

Hnsulta  -  Following  Ilia  running  of  tha  engine  the  operating 
temparaluroe,  pressures,  and  acceleration  rate*  were  determined  and 
an  analytical  study  of  blade  temperatures  was  conducted  at  oxnctly  Ilia 
aama  conditions  run  by  the  engine.  Tho  results  of  these  analyses  are 
ahown  In  Figure  2A-137,  2A-130  and  2A-139  for  tho  throo  different 
blades  along  with  tho  temperatures  measured  in  the  angina,  It  can  bo 
aoeu  that  tho  analytical  prsdlcllwim  agree  fabcrably  with  tho  iobI  data, 

Soma  deviation  exlata  at  the  trailing  edge  becnue@  the  trolling  adgea 
radiate  to  a  cool  axhaual  case  and  these  radiation  loesoe  were  not  taken 
into  account  In  the  analysis,  The  coolant  flow  raloo  for  tho  different 
bladue  are  listed  below: 


Blade 

1-11  hole 
2  -  0  020"  sawtooth 
I  -  0,  030"  sawtooth 


Coolant  Flow 

I *>  of  engine  airflow 
2%  of  engine  nlrflow 
2%  of  angina  airflow 


The  curves  also  Indicate  that  an  appreciable  gradient  exiiita  between 
the  leading  or  trailing  edge  and  the  mid 'Chord  region,  Tula  is  a  r«- 
aull  of  overcooiitig  the  mirl-chord  relative  to  the  lauding  and  trailing 
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cdgeti  because  the  flow  rate  of  coolant  was  equally  distributed  along 
the  chord. 

Conclusion; 

Baaed  on  the  results  of  this  tost  it  was  concluded  that  the  analytical 
prediction  of  convoctively  cooled  blade  temperatures  is  accurate,  This 
same  analytical  system  was  used  In  the  design  of  the  three  cavity  con- 
vcctivcly  cooled  blade  proposed  for  the  STF219  engine.  The  conclusions 
based  on  torr.perat.ure  analysis  drawn  concerning  both  cyclic  and  steady 
state  blade  life  can,  therefore,  be  assumed  to  be  accurate, 

!•  basic  Englno  Turbina  Structural  Design 
(1)  Introduction 


Ihe  three  cavity  convoctively  cooled  blade  becomes  cyclic  life  limited 
at.  approximately  2060 °F  takeoff  temperature  as  shown  in  Figure  2A-M0, 
For  operation  to  2300°F  take-off  turbine  inlet  temperature  the  STF219 
flrat  stage  blades  and  vanes  incorporate  additional  leading  and  trailing 
edge  cooling,  A  detailed  description  of  the  cooling  schemes  considered 
follows  in  the  heat  transfer  section,  The  second  stage  vane  also  re¬ 
quires  cooling  at  these  temperatures:  A  simple  convective  cooling 
scheme  is  incorporated  Into  the  same  second  stage  vane  air  foil  uoed 
In  the  2000 *F  design,  The  remainder  of  the  turbine  cooling  configura¬ 
tion  la  unchanged  from  the  2000  nF  design. 


(2)  Creep  and  Stress  Rupture 

The  8TF219  liuiNic  Engine  first  turbine  blade  in  of  the  "shower  head" 
typo  with  multiple  rows  of  holes  through  to  (ho  foil  lending  edge  sur- 
face  and  connecting  this  outer  surface  with  nil  inner  lending  edge 
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passage  running  the  length  of  the  foil.  The  trailing  edge  is  film  cooled 
by  a  series  of  slots  on  both  the  suction  and  pressure  side  of  the  foil 
forward  of  the  trailing  edge.  This  cooling  scheme  is  shown  in  Figure 
2A-162.  The  small  holes  and  slots  required  for  proper  cooling  at  high 
turbine  inlet  temperature  also  cause  stress  concentrations  which 
modify  to  some  extent,  the  creep  and  stress  rupture  properties  of 
the  superalloye  used. 

Steady  load  stress  rupture  testing  hao  actually  shown  that  the  stress 
rupture  life  of  some  materials  is  increased  when  notched.  Examples 
of  this  phenomenon  have  been  reported  in  the  literature  1  and  are  shown 
in  the  test  data  presented  in  Figure  2A-141.  The  increase  in  time  to 
failure  for  notched  stress  rupture  failures  has  been  attributed  to  the 
generation  of  triaxial  stress  patterns  which  inhibit  the  failure  mechan¬ 
isms  associated  with  this  mode  of  failure.  In  any  case,  the  high  local 
Stress  pattern  around  a  notch  is  rapidly  relaxed  a6  the  strain  patterns 
are  reduced  to  low  stress  configurations. 

Tho  material  properties  used  to  determine  the  creep  and  stress  rupture 
margins  and  the  creep-allowable  metal  temperature  limits  are  conser¬ 
vatively  chosen.  No  design  credit  is  taken  for  notched-stress -rupture 
life  increases.  The  creep-allowable  temperatures  used  for  these 
foils  are  based  on  the  same  design  philosophy  used  on  all  other  Pratt  & 
Whitney  Aircraft  engines.  The  creep  and  stress  rupture  margins  for 
each  stage  are  shown  in  Figures  2A-142  through  2A-147.  Figures 
2A-142  and  2A-143  show  the  large  creep  limit  temperature  margin  of 
the  first  blade  and  vane  which  result  from  the  high  effectiveness  of 
these  cooling  schemes  designed  primarily  to  reduce  chordwise  gradients. 
The  adequate  creep  margin,  of  the  low  pressure  turbine  stages  may  be 
seen  in  Figures  2A-144,  2A-145,  2A-146  and  2A-147. 

(3)  Thermal  Cyclic  Fatigue 

Thermal  cyclic  fatigue  endurance  is  a  major  design  consideration.  A 
P'  operly  designed  turbine  blade  will  have  a  mass  distribution  which 
minimizes  thermal-induced  stresses  during  transient  operation  and  a 
cooling  configuration  which  can  meet  steady  state  metal  temperature 
limits  set  by  erosion-corrosion  and  blade  stretch  requirements.  Long 

T~W a"dC~ Th~ "54 -  1 7 5  Part  1,  2,  and  3 

Notch  sensitivity  of  heat  resistant  alloys  at  elevated  temperatures. 
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time  2300”F  turbine  inlet  temperature  operation  of  the  STF219  is  made 
possible  by  film  cooled  or  ahowerhead  (a  form  of  t ranspiration  cooling) 
turbine  bladeB.  These  blades  with  their  cooling  holes  and  slots  are 
more  sensitive  to  the  transient  thermal- induced  stresses  than  the  usual 
convectively  cooled  blades. 

The  effects  of  local  stress  concentrations  must  be  taken  into  account 
where  they  exist.  This  is  most  effectively  done  by  making  these  local 
stroi  a  concentrations  a  feature  of  the  experimental  determination  of 
the  relation  between  strain  amplitude  and  cyclic  life.  When  handled 
this  wayi  then,  oven  transverse  holes  may  be  dismissed  when  consid¬ 
ering  the  analytical  procedure  to  be  used  in  arriving  at  the  applicable 
value  of  strain  per  cycle.  This  technique  is  particularly  valuable  since 
it  assures  that  the  effect  of  the  hole  manufacturing  operation  on 
the  material  fatigue  strength  is  documented.  The  preferential  attack 
of  (he  ICC M  (electrochemical  machining)  process  on  components  in  the 
alloy;  the  thin  remcltcd  and  perhaps  cracked  ho-.e  surface  produced  by 
ICB  (electron  beam),  Laser,  or  EDM  (electrical  discharge  machining); 
or  the  locally  work  hardened  surface  in  a  drilled  hole  all  have  an  effect 
ori  the  fatigue  strength  of  materials  that  is  difficult  to  evaluate  analytically. 

The  trends  associated  with  notched  effects  or  the  low  cyclic  fatigue  of 
the  candidate  superalloys  has  been  investigated  through  the  testing 
of  smooth  and  notched  specimens  at  comparable  conditions.  Standard 
LCF  specimens  were  drilled  and  the  reduction  in  area  accounted  for  in 
the  calculated  stresses.  Results  of  these  teste  are  discussed  in  section 
5111  and  51-12  of  this  report. 
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Elementary  analyses  of  the  stress  field  around  a  hole  show  effective 
theoretical  stress  concentrations  at  least  twice  as  high  as  experimental 
testing  has  shown.  Table  VIII  below  shows  the  results  for  comparison. 
Note  the  SCF  (stress  concentration  factor)  change  as  one  hole  is  replaced 
by  a  row  of  holes  (-8%)  or  by  several  rows  of  holes  (-20%).  F rom  this, 
one  can  conclude  that  any  engine  design  with  its  multiple  holes  will  see 
less  SCF  than  an  LCF  specimen  with  its  single  hole  in  the  gage  area. 

A  significant  decrease  in  SCF  (-33%)  can  be  made  merely  by  substituting 
elliptical  holes  (b/a  =  2,  0.  010"  by  0,  020")  for  the  circular  holes  (0.  015" 
dia.  )  in  the  STF219  first  turbine  blade.  Analysis  to  date  indicates  that 
this  refinement  is  not  necessary  to  get  the  desired  cyclic  fatigue  life, 
but  it  is  available  if  required. 


TABLE  VIH 


Stress  Concentrations  at  Cooling  Hole 


One  hole  in  a  sheet 
One  hole  in  a  LCF  specimen 
One  row  of  holes  in  a  sheet 
(Pitch/diameter  =  5,0) 

Many  rows  of  holes  in  a  sheet 
(Pitch/diameter  =  5.0) 

One  ellipse  in  a  sheet 
(b/a  =  major  axis  along  span) 


Theoretical^ 

SCF 


Superalloy 
Test  SCF' 


3.  0 

2. 5-2. 7  1.2 


2.  75 


2.42 

2.  0 


2,  Stress  Concentration  Design  Factors,  R,  E.  Peterson,  Wiley  & 

Sons  1953. 

The  good  notched  low  cyclic  fatigue  properties  demonstrated  for  B  1900, 
Mar  M  200  are  not  suprising  considering  the  low  notch  sensitivity 
of  these  materials  in  high  cyclic  fatigue  and  tensile  testing.  It  has  been 
noted  elsewhere  that  the  effect  of  notching  on  HFF  strength  of  a  material 
is  also  reflected  in  the  LCF  region  of  the  S-N  curved.  One  explanation 
for  apparent  lack  of  correlation  of  test  and  analytical  results  in  any  of 
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the  elementary  analytical  methods  of  accounting  for  strain  concentra¬ 
tions  such  as  holes^  is  that  cast  auperalloys  have  a  tendency  toward 
microporosity  and  therefore  all  specimens  both  smooth  and  notched 
are  actually  compromised  to  some  degree. 

Engine  and  rig  experience  has  shown  that  the  empirical  method  of 
establishing  design  limits  for  materials  and  configurations  in  which 
the  fatigue  specimens  are  prepared  to  simulate  the  desired  components 
gives  good  correlation.  Although  this  testing  is  both  time  consuming 
and  expensive  it  is  the  only  method  to  date  which  has  demonstrated  the 
accuracy  required. 

Even  though  the  candidate  superalloys  have  shown  these  excellent 
notched  properties  care  has  been  taken  in  the  sizing  and  spacing  and 
the  selection  of  shapes  for  the  film  cooling  holes  for  the  STF219  2300°F 
design.  The  spacing  of  the  blade  loading-edge  holes  was  made  to  give 
the  lowest  possible  concentration  factors  and  interaction  consistent 
with  Ref.  2  without  compromising  the  cooling  scheme  effectiveness. 

The  transient  response  curves  for  temperature  and  strain  are  shown 
in  Figure  2A-148  and  2A-150,  Using  the  test  experience  and  reasoning  given 
above  to  substantiate  the  use  of  specimen  data  reproduced  In  Figure 
2A-151  for  life  predictions  of  the  first  blade  and  vane  of  the  2300  °F 
design  a  life  more  than  .10,000  cycles  for  the  first  blade  and  of  approxi¬ 
mately  10,000  cycles  for  the  vane  may  be  seen. 

(4)  Vibratory  Fatigue  Limits 

Blade  vibration  problems  and  the  design  requirements  of  the  2300 °F 
version  of  the  STF219  turbine  are  similar  to  those  of  the  2000°F  version, 

The  primary  difference  in  these  two  designs  with  respect  to  vibratory 
fatigue  limits  is  the  inclusion  of  film  cooling  holes  and  slots  in  the  foil, 

Detailed  analysis  of  this  problem  has  led  to  two  areas  for  concentration 
of  effort  in  order  to  increase  the  design  operating  margin  for  vibration 
stress  associated  with  these  factors,  The  first  area  of  investigation  has 
been  into  the  relative  smooth  and  notched  fatigue  strength  of  various 
turbine  materials.  Figure  2A-152  shows  both  notched  and  smooth  runout 
fatigue  strengths  for  AMS5382  (X40),  Waspaloy  (PWA686),  and  IN  100, 


3.  E.  A.  Stow  ell  -  NACA  Technical  Note  2073 


WwnMHIR  *'  I  TlfcA  MttKVLl* 
<1  riMi 
DOO  on  (MM 


PAGE  MO,  2A-  100 


t 


T 


CONPIDONTIAL 

I'MAIl  A  WHlTNP  V  AlOCriAPT 


PWA-2600 


This  curve  of  vibratory  uti'cmi  allowables  alno  bIhiwh  the  rol.tlivi-  ivdrh  | 

aeneitivity  of  these  t-hreu  different  generation  In rliinr  material  n,  The  1 

notch  nen ail  ivity  of  IN  1  00  in  sern  to  be  very  low  to  nnnrn  itilrnl  in  the  j 

operating  temperature  range  of  the  ,ST  T  2  1  0  first  turbine  blade.  1  he 
name  trend  In  fatigue  fit  reiiglb  i«  also  cha  r»* c  ter  I  «l  lr  of  SM200  anil  j 

111900,  IN  1 00  imshraudnd,  root  dumped  limt  turbine  blndm  lined  In 
tlie  JIB  fill),  of  Materials  have  never  experlem  ed  ,1  vibration  induced 
blade  failure,  JT4  high  spool  engine  testing  of  undamped,  ninshroudr  d 
"shower  head"  blades  ban  been  wry  successful,  Fatigue  failures  bav. 
not  occurred,  JT4  vibration  mn'vryn  on  unflhroudod,  undamped  tur¬ 
bine  blades  have  shown  vibratory  sli'eaue  ,  a  a  high  as  750(1  per,  Thrw 
surveys  are  shown  In  figure1  2A-153, 


f  lic  second  area  cf  Investigation  aimed  at  Inc  reading  film  cooled  blade 
vibratory  fatigue  life  in  vibration  control,  Tito  8TF219  first  turbine 
blaelo  is  an  extended  root,  friction  damped  design  similar  tq  that  used 
in  the  J59.  This  design  offers  both  cooling  scheme  flexibility  and 
excellent  vibration  control,  which  has  been  documented  in  the  J5fi, 
the  JT12  material  evaluation  turbine,  the  lightweight  turbojet  study 
engine,  and  the  experimental  J52.  Stress  surveys  have  shown  buffeting 
Btr asses  of  extended  root  friction  damped  blades  to  bo  reduced  by 
50-70  percent  of  that  of  similar  blades  undamped  and  with  unoxtended 
roots,  I31nde  stress  surveys  made  to  date  on  the  JTF14  hnvn  indicated 
that  che  buffeting  stresses  as  u  result  of  the  turbulence  created  by  the 
annular  combustcr  are  lees  than  the  turbulence  created  by  present 
commercial  and  military  engine  <  on-annular  burners.  The  STF219 
with  an  annular  combustor  comparable  to  that  of  the  JTF14  Is  expected 
to  have  butfating  stresses  below  those  of  previous  engines  ur.d  well 
within  the  blade  capability, 

(5)  FirsL  Vane  Thermal  Analysis 

2300 “F  Take-Off  TIT  and  2200 “F  Cruise  TIT  Design  Point 

The  first  stage  Basic  Engine  vane  employs  an  impingement  cooled 
leading  edge,  convection  cooled  midchord  region  and  a  convection 
cooled  pedesta' -core  trailing  edge.  Figure  2A-154  shows  the  vane 
geometry.  The  main  structural  portion  of  the  vane  consists  of  a 
cast  hollow  airfoil  section  with  a  pedestal-core  trailing  edge.  The 
hollow  cavity  i«  divided  into  two  cooling  compartments,  Burner 
secondary  air  is  supplied  at  the  vane  I.  D.  to  the  distribution  tube  in 
the  leading  edge  compartment  and  is  ejected  at  high  velocity  through 
slots  onto  the  internal  surface  of  the  leading  edge  which  has  chord- 
wise  cooling  fins.  These  fins  provide  an  internal  cooling  area  of  two 
times  that  of  the  external  heating  area,  resulting  in  excellent  cooling 
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effeeli  varices.  After  Impinging  on  the  lending  edge,  the  air  flown 
rhordwlee  along  (he  vans  to  an  exhaust  manifold  which  vr-nio  (he  air 
to  the  vane  Q.  B,  A  sheet  metal  insert  in  placed  Into  the  rear  central 
hollow  eavity  to  provide  n  cooling  air  supply  manifold  and  lo  form  a 
regulating  flow  pannage  on  both  Auction  and  pfeenurr  aurfarc  of  the 
nlil'oll,  The  flow  pannage  In  formed  hy  fins  cant  Into  the  aide  walla 
of  the  vane  anti  the  outer  wall  of  the  sheotmelnl  Insert.  The  flno,  an 
before,  increase  the  Internal  heat  transfer  area,  increasing  Ihe  heat 
transfer  to  the  coolant,  llurner  secondary  air  fed  Into  the  Insert  is 
ejected  through  nlolfi  at  the  leading  edge  of  the  insert,  flows  rearward 
In  a  chordwise  direction  convecllvoly  cooling  both  suriacea  of  the  air* 
foil,  and  Is  ejected  through  the  pedestal  core  trailing  edge  thus  cooling 
the  trolling  edge, 

At  the  cruise  condition  the  vane  total  coolant  requirement  is  3.9  per- 
cenl  engine  flow;  1.5  percent  leading  edge  impingement  flow,  1.0  per¬ 
cent  flow  along  the  suction  surface,  and  1.4  percent  flow  along  the 
pressure  ourfnee.  The  combined  suction  and  pressure  surface  flows 
through  the  pedoutnl  core  trailing  edge.  At  these  flows  the  required 
coolant  supply  proasure  Is  95  percent  of  compressor  discharge, 

Curve*  showing  the  average  varw  temperature  at  the  2200*F  Mn  i,  70 
altitude  condition  tiro  shown  In  Figure  2A-155.  At  those  temperatures 
both  the  average  vane  and  the  hotepot  vane  are  well  below  the  allowable 
melnl  temperature  for  3,000  hour  creep  life, 

For  the  75  percent  span  location  tha  local  metal  temperatures  are 
shown  In  Figure  2A-156  at  Ilia  Mn  2,7  condition.  At  n  maximum  locul 
metal  temperature  of  1725 *F  far  a  vane  subjected  to  the  average  gas 
profile  the  erosion  life  Is  greater  than  3,  000  hours.  The  hotspot  vane 
local  maximum  temperature  is  1780”F  which  provides  at  least  1500 
hours  erosion  life.  The  vane  temperature  response  for  the  idle  to  2300’! 
51, TO  transient  acceleration  is  shown  In  Figure  2A-157. 

The  alternate  for  the  first  atuge  Basic  Engine  vans  employs  impingement 
cooling  on  the  leading  edge  and  film  cooling  on  the  pressure  side  and 
suction  side.  The  trailing  edge  is  both  film  cooled  and  convection 
cooled.  Figure  2A-158  shows  the  vane  geometry.  Burner  secondary 
air  Is  supplied  at  the  vane  I,  D.  to  the  distribution  tubs  in  the  leading 
edge  compartment,  and  the  hollow  cavity  in  the  midchord  region  of 
the  vane.  The  distribution  tube  ejects  the  air  at  high  velocity  through 
slots  into  the  internal  surface  of  the  leading  edge  which  has  chordwise 
fins.  The  fins  increase  the  cooling  area  to  twice  that  of  the  external 
area.  After  impinging  on  the  ieading  edge,  the  air  flows  chordwise 
along  the  vane  to  the  exhaust  manifold  which  ventB  the  air  to  the  vane 


i'int  Nrj,  2  A  -  i  02 

»T« »Wi»lc  ii  i  iiu  ininvut 

OUnlfMI  Ant* i  i|  rjiiq 

oo*  &•*  ■■)>« 


CONFIDENTIAL. 


PflATr  4  WMlfHBV  AiftufiArT 


CONFIDENTIAL 


PWA-2600 


* 


O,  D,  The  nlr  from  lho  hollow  cavity  supplies  the  four  film  slots 
through  foe<l  liolow,  find  supplies  l.lio  padaslu1  trailing  mlga,  ISnch  slol 
Is  i.'onllnuou.j  h  ur'  i  col  to  (Ip.  The  flow  Is  metered  by  varying  iho 
number  of  lerd  hoi  on  ouppl^mo  each  slot.  The  metered  slot  provider! 
a  continuous  slot,  hence  a  canllnum.s  him  and  complete  coverage  from 
I'liOt  lo  lip. 

At  (lie  rrulflo  condition  the  vane  total  coolant  requirement  Is  d,  0  per- 
ennl  engine  flow;  1.9  pevconl  leading  edge  Impingement  flow,  0,9  per¬ 
cent  pedoHinl  trailing  edge,  1,  1  percent  film  flow  on  the  suction  sur¬ 
face,  and  0.90  per  cent  film  flow  on  the  pressure  surface.  At  (hone 
flown  ihu  required  coolant  supply  pressure  Is  99  percent  of  compressor 
d  1  scha  r  gw. 

Curves  showing  the  average  vane  temparatura  at  llu  2200*F  Mn  2.  70 
altitude  emu! if  Ion  are  shown  In  Figure  2A-139,  At  therm  temperatures 
both  the  average  vane  and  the  hotspot  vane  are  well  below  the  allowable 
tampBiftluro  for  3,000  hour  croup  Ufa.  The  coolant  film  temperature 
uood  In  calculating  Lho  average  vane  tomperatureumre  based  on  s  50% 
affective?  film;  this  means  that  theoretically  only  50%  of  lho  cool.mt  flow 
is  needed  to  obtain  the  desired  film  tempo future.  It  Is  expected  that 
tnoi'u  affective  films  will  be  developed  with  continued  exporlonco  In  film 
cooling.  As  these  Improved  film  techniques  develop  the  required  cool¬ 
ant  flow  will  decrease, 

For  the  75%  span  locution  the  local  metal  temperatures  are  shown  In 
Figure  2A-160  at  the  Mn  2.7  condition.  At  u  maximum  local  metal  tempera 
lure  of  1725 °F  for  a  vane  subjected  to  lho  averago  ga«  profile  the  erosion 
life  1b  greater  than  3,000  hours.  The  hotspot  vnno  local  maximum  tem¬ 
perature  is  1780”F  which  results  In  approximately  1500  hours  design 
a  rowlon  1  tfe, 

Tin1  vane  temperature  response  for  the  idle  to  Z300°F  SLTO  transient 
acceleration  is  shown  in  Figure  2A-161, 

i 


(6)  First  Blade  Thormal  Analysis 

2300“F  Takeoff  TIT  and  2200°F  Cruise  TIT  Design  Point. 

The  first  blade  employe  a  ebowerhead  leading  edge,  convuclivc  midchord 
and  a  film  cooled  trailing  edge.  The  blade  geometry  is  shown  in  Figure 
2 A-  Lb2.  The  cooling  air  is  supplied  to  the  three  blade-  cavities  through 
the  extended  root  attachment.  At  the  leading  edge,  cooling  is  accom¬ 
plished  by  convection  in  the  radial  passage  and  In  the  ebowerhead  holea. 
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Tile  showurhond  holes  Arcs  angh  tl  ;j t  30”  to  inei-oasu  the  convection  area, 
noth  the  trailing  odga  and  midHio rd  rnviliori  cool  convcelivuly  and  fend 
coolant  lu  the  film  Cuullnn  bJoIb. 

The  trailing  udga  ravlly  employs  wall  to  wall  caul  pcdcntaln  to  provide 
structural  Integrity  and  a  moiiid  of  controlling  coolant  flow  a  reus.  The 
pedestals  act  ns  fins  and  lu  rbuleiice  fjons  ralo  r  s  and  serve  to  increase 
the  internal  heat  transfer  coefficient,  and  therefore  thu  cooling  efficiency. 

At  the  2(100 ir  TIT  cruise  condition  tha  total  blade  coolant  flow  is  3,9% 
of  otigif'e  air  flow  with  2.00%  flowing  thru  the  (fhowarhead  leading  edge, 

,90%  thru  live  ct  mblnjitlon  convection  and  pressure  surface  film  slolB 
and  1 , 07u  thru  tnc  combination  convoclion  and  auction  surface  film  slots. 
This  blade  requlrm.  90%  compressor  discharge  coolant  supply  pressure. 

The  average  blncle  tempo  raid  v  es  are  shown  in  Figure  2A-163  for  the  2200°F 
Mn  2.70  cruise  condition.  At  these  conditions  the  average  blade  tem¬ 
perature  Is  below  the  1750<>F  design  blade  creep  limit,  In  calculating 
the  binds  average  temperature  no  credit  was  taken  for  any  film  cooling 
from  the  showorhoad  loading  edge;  touts  to  dale  have  not  Indicated  any 
appreciable  111m  effect  for  the  ahowerhoad  configuration. 

Along  the  film  cooled  auction  and  pressure  surfaces  a  50'7«  effective 
film  has  bean  used.  It  is  expected  that  the  coolant  flow  requirements 
will  docronoe  with  improved  film  cooling  techniques  ..nd  experience, 

The  local  blade  temperatures  are  listed  In  Figure  2A-164  for  the  50%  span 
locution.  At  the  2200 °F  Mn  2.7(j  cruise  point  the  maximum  local  blade 
metal  tomporuture  Is  below  the  17J5°F  design  erosion  limit. 

Figure  2A-165  illustrp.tos  the  blade  temperature  response  for  the  Idle 
to  2300”F  SLTO  transient  acceleration  and  deceleration. 


(7)  Second  Vane  Thermal  Analysis 


2300  F  TIT  Takeoff  and  2200  ’F  TIT  Cruise  Design  Point 

The  second  turbine  vane  geometry  is  shown  in  Figure  2A-166  and  lncor- 
porateft  a  sheet  metal  Insert  centered  Inside  the  cast  hollow  vane  cavity. 
Cooling  air  enters  the  varie  at  the  vane  O.  D.  ,  flow  into  the  Insert  and  is 
ejected  at  high  velocity  into  thu  inner  surface  of  fhe  leading  edge.  The 
coolant  then  splits  and  flows  chordwlae  between  the  Insert  and  the  vane 
wall.  The  two  coolant  streams  come  together  and  flow  through  the 
pedestal  trailing  edge.  The  second  stage  vane  requires  1.25  per¬ 
cent  coolant  flow  at  the  Mn  2.  7  2200°F  cruise  condition. 
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Tho  average  vane  tempo  raturns  are  shown  in  Figure  2A-167  for  both  the 
nvcmge  vnno  and  the  hotspot  vane  for  2200°F  and  Mn  2.70.  Doth  the 
average  and  hotapot  second  stage  vane  tempo  rnturua  are  below  the 
creep  allowable  limit  for  a  3,000  hour  engine. 

I  he  maximum  metal  liaapaiatui  eft  for  the  ncconrl  vano  an  to. own  In 
Figure  2A-16H.  The  average  and  hotspot  vane»  have  maximum  tempera, 
lory  below  tho  allowable  erosion  limit  for  a  9,  000  hour  engine  life. 

The  LC1-  life  i  r,  adequate  for  a  3,000  hour  engine.  Typical  transient 
gradients  fo;  idle  to  2300°F  SL.TO  are  shown  in  Figure  2A-169. 

g  SST  Convective ly  Cooled  and  Film  Cooled  Vane  Design 
St’ ' mtantlnting  Tost  Data 

(1)  introduction 

'ratt  &i  Whitney  Aircraft  has  conducted  a  sarins  of  tests  to  evaluate  the 
cooling  capabilities  of  convectlvoly  and  film  cooled  foils.  Those  tests 
have  boon  conducted  primarily  in  vane  cascade  rigs  where  accurate 
measurements  at  coolant  flows  and  gas  tempo raturos  could  bo  made. 

(2)  Description  of  Airfoils  Tooted 

Tho  fallowing  vanos  have  been  evaluated  in  connection  with  the  SST 
engine  design; 

.  Impingement  cooled  loading  edge,  cenveellvely  cooled  T,  15,  (Figure 

2A-170). 

.  Radial  hole  convecti  rely  cooled  leading  edge,  convectivoly  cooled 
trailing  rdge  (Figure  2A-171). 

.  Showerhoad  cooled  leading  edge,  convection  cooled  midchord  and 
film  cooled  trailing  edge  (Figure  2A-172}, 

.  Detached  leading  ?dge  film  cooled  (Figure  2A-173), 

.  Film  cooled  trailing  edge  (Figure  2A-174). 

(3)  Test  Conditiono 

The  vanes  were  tested  in  cascade  rige  which  provided  a  realistic  repre¬ 
sentation  of  the  engine  gas  path.  Gas  path  pressure  levels  and  tempera¬ 
tures  were  varied  to  simulate  those  levels  which  would  be  encountered  in 
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the  STZ'219  engine,  The  cascade  rigs  contain  three  vanes,  the  middle 
vane  being  the  test  vane,  Thin  a  rrangnmont  insures  tnat  the  environ* 
mt-nl  surrounding  the  vane  will  be  similar  to  that  environment  in  an 
engine,  The  vanes  an  Instrumented  with  surface  thermocouples  as 
shown  in  Figaro  2A«175.  A  measured  quantity  of  coolant  is  supplied  to 
the  vane  nnel  the  external  gnu  temperatures  are  measured  Juot  upstream 
from  tlic  vane  leading  edge, 

(4)  Impingement  Cooled  Vane 

Test  date,  shewn  in  Figure  2A. 165  was  obtained  from  a  JT11D-20  vane 
aim  liar  to  that  proposed  for  the  iiQOtrF  takeoff  lurbino  inlet  temperature 
SIT1  219  engine.  Air  is  supplied  to  the  vans  through  a  sheet  metal  tube. 
The  air  impinges  against  inside  surface  of  the  leading  edge  and  flows 
rearward  through  a  pedestal  supported  trailing  edge  slot.  In  1  he  STF219 
engine  the  impingement  lube  has  been  replaced  by  an  airfoil* shaped 
baffle  which  forces  the  cooling  air  over  the  pressure  and  suction  sur* 
face*  ns  it  passes  toward  the  rear  of  the  vflne,  This  will  insure  that 
ihoflo  surfaces  are  protected  by  convective  cooling.  Figure  2A-176  shows 
that  the  JT1JD-20  vane  is  cooled  approximately  200’F  uatng  1,21  par- 
cent  of  engine  airflow,  The  STF219  vane  will  bo  cooled  approximately 
the  same  amount  using  1,  5  percent  of  airflow  at  crutsu,  Morn  coolant 
is  required  for  the  STF2J9  oocuusa  the  coolant  tempo  rat  uro  at  cruise 
is  almost  10C°  hotter  while  the  gas  temperature  at  midepari  is  only 
90°  colder  thun  the  point  for  winch  tho  west  vane  was  run. 


(9)  Pedestal  Trailing  Fdg«  Vanoa 

Tho  radial  hola  convoctlvoly  coaUd  loading  odgo  and  convection  cooled 
pedestal  vane  ta  a  parallel  flow  vane;  tho  cool  art  enters  at  the  vane  tip 
tnan  oplitfl  with  approximately  oho  half  tho  coolant  flowing  thru  tho 
rnrllal  holes  and  tho  remainder  thru  tho  podontal  trailing  edge.  The 
vana  Is  available  and  la  currently  used  for  hot  turbine  development 
work  in  tho  JT4  size  engine.  Since  the  STF219  engine  first  turbine 
vano  uses  a  pedeotal  core  trailing  edge  cooling  system  similar  to  this 
one,>  extensive  boat  transfer  testa  wore  conducted  on  this  van©  in  the 
VAC  High  Pressure  CascrJe,  Tho  pedestal  trailing  edge  vane  was  run 
at  2300"F  gas  stream  temperature*  for  two  different  pressure  levels, 

30  PSLA  and  175  PSlA.  The  30  PSIA  with  a  1200°F  coolant  supply  sim- 
ulatoH  a  Mn  3.0  cruise  condition  while  tho  17S  PSIA  with  650°F  coolant 
simulates  a  SLTO  condition.  Thermocouple  data  for  both  these  condi¬ 
tions  at  three  different  coolant  flow  rates  are  shown  in  Figure  2  A  - 1 7  6  A , 
The  higher  temperature  readings  at  the  30  PSIA  point  Indicate  the 
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severity  of  the  cruioo  condition  relative  to  SLTO.  At  the  trailing  edge, 
the  pedestal  convection  scheme  is  capable  of  maintianing  local  metal 
tomperaturoB  below  the  1735“F  design  erosion  limit  for  SST  foils,  'flic 
test  data  also  shows  that  the  radial  hole  pattern  used  in  this  design  is 
incapable  of  maintaining  loading  edge  temporaturoB  at  the  simulated 
cruise  condition  below  the  desired  1735  “F  limit. 

{6)  Showorhoad  Vanes 

The  showorhoad  vane  is  a  reoperated  JT4  radial  hole  vane.  The  loading 
edge  section  with  its  five  radial  holoo  were  removed  from  Hie  parent 
vano;  a  solid  loading  edge  section  with  an  identical  outer  contour  wan 
welded  onto  the  parent  vane,  Showorhoad  holes  were  then  EDM  machined 
inlo  suction  and  pressure  surface  to  provide  Him  cooling.  The  coolant 
entering  the  van®  splits,  a  portion  of  it  flowing  through  the  midchord 
radial  holes,  another  po.llon  flowing  Into  the  film  coolant  manifold 
feeding  the  roar  eat  of  suction  sldo  slots,  ird  the  remainder  of  the 
coolant  flowing  into  the  midcore  cavi'y  foening  the  loading  edge  shower- 
head  holes  and  the  film  slotc  on  the  suction  and  pressure  surfaces.  Those 
heat  transfer  tests  were  conducted  to  evaluate  the  film  cooling  provided 
by  the  ohowerhaad  leading  odge  and  film  cooled  trailing  edge,  The  vnno 
wim  tested  In  2 3 0 0 0 X*  gas  stream  environment  and  three  pressure  levels 
'0,  45  and  175  PS1A;  tost  results  are  shown  In  Figure  2A-177  for  the  dif- 
*  rent  coolant  flows,  The  loading  odgo  thermocouple  data  Inuicaioo  that 
there  is  no  appreciable  film  cooling  effect  from  the  nhowcrhead.  This 
particular  ohoworhoud  runs  too  hot  and  Is  unacceptable  for  SST  condi¬ 
tions,  Designs  aimed  at  bettor  utlng  the  convection  cooling  capability 
of  the  showorhoad  holes  have  resulted  In  Bchemeo  that  are  acceptable 
for  SST  conditions,  The  results  of  a  preliminary  comparison  of 
measured  and  calculated  temporaturos  on  this  vano  indicates  the 
trailing  odgo  film  Is  7  5-100  percent  effective,  The  level  of  tho  trailing 
adno  temperatures  Is  too  high  to  he  acceptable  for  SST  condition  at  tho 
airflows  used, 


(7)  Detached  Leading  Edge  Vanoo 

The  detached  leading  edge  vane  is  also  a  ruoperated  JT4  radial  hole 
vano.  Tho  radial  hole  loading  edge  section  was  replaced  with  an  im¬ 
pingement  cooled  detached  leading  edge  auction.  The  midchord  and 
trailing  Bcctlon  wore  Idontical  to  the  showorhoad  vane;  the  coolant  flow 
path  was  also  identical  to  the  showorhoad  vane.  Those  tests  were  con¬ 
ducted  to  evaluate  tho  film  cooling  pgpvlded  by  tho  detached  loading 
edge  vano.  Thermocouples  were  not  used  for  recording  vane  tempera¬ 
tures  on  tho  vano;  an  optical  system  maasuring  infrared  radiation  level 
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was  uacd.  With  this  inal  rumentation  the  leading  edge  and  a  portion  of 
the  forward  pressure  surface  were  scanned  and  foil  temperatures  re¬ 
corded.  Figure  2A-178  compares  the  measured  vane  temperature  and 
■predicted  vane  temperatures  for  no  film.  The  test  data  lies  200 "F 
below  the  zero  film  predictions  for  the  film  cooled  region  downstream 
of  the  shield  and  indicate  the  film  is  72%  effective.  The  above  compari¬ 
son  is  for  the  design  point  pressure  ratio  with  3.  8%  coolant  flow  at 
ZdOO'F  mainstream  gas  and  900°F  coolant  temperature.  The  impinge¬ 
ment  coolod  leading  edge  data  is  in  good  agreement  with  predictions. 

For  the  STF219  engine  cruise  condition  the  calculated  theoretical  lead¬ 
ing  edge  temperatures  and  the  measured  data  indicate  that  leading 
edge  temperatures  are  low  enough  to  provide  adequate  erosion  life. 

The  data  indicates  that  the  detached  leading  edge  provides  a  highly  ef¬ 
fective  coolant  film. 

(8)  Film  Coolod  Trailing  Edge  Vanes 

A  film  cooled  trailing  edge  vane  was  tested  to  determine  the  effective¬ 
ness  of  trailing  edge  film  cooling  schemes.  The  vane  was  a  reoperated 
JT4  uncoolad  vanes  with  film  cooling  holes  EDM  machined  at  a  30"  angle 
to  the  vane  surface.  Since  only  the  trailing  edges  of  the  foil  were  cooled, 
the  test  was  conducted  at  low  mainstream  gas  temperatures.  The  vane  had 
film  injection  on  the  auction  surface  above  the  gage  point  approximately 
1.0  inch  from  the  trailing  edge.  The  trailing  edge  temperatures  were 
recorded  with  the  infrared  optical  system;  the  detector  scanned  the 
auction  surface  of  the  vane  from  the  trailing  edge  to  a  point  .45  inches 
upstream  of  the  trailing  edge. 

The  data,  Figure  2A-179.  indicate  that  the  vane  trailing  edge  temperature 
was  reduced  to  a  level,  approximately  200  “F  below  the  surrounding 
hot  gae  tempo ratu ret.  The  results  are  shown  superimposed  over  the 
analytical  estimate  for  convective  cooling.  The  estimate  labeled 
"convective  cooling"  Indicates)  the  amount  of  cooling  expected  if  no  film 
was  oHtabiftjhed  over  the  surface.  The  temperature  reduction  was  due 
only  to  convective  cooling  from  the  coolant  flowing  through  the  mani¬ 
fold  system.  The  teat  results  indicate  that  approximately  I00°F  of 
film  cooling  wae  achieved  and  a  stable  film  was  established  over  thy 
entire  trailing  edge  region, 

11  ■  SST  Film  Cooling  Background 

Film  cooling  provides  protection  for  turbine  airfoils  exposed  to  high 
temperatures  by  insulating  the  metal  surface  from  the  hot  gas  with  a 
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layer  of  coolant.  Numerous  studies  have  been  conducted  to  evaluate 
film  cooling  (Ref.  4-10).  Of  these  the  investigations  which  most  closely 
approximate  the  turbine  airfoils  are  summarized  in  Ref.  4,  Prelim¬ 
inary  SST  film  cooled  airfoil  designs  were  based  on  the  film  effective¬ 
ness  data  presented  in  this  report.  However,  the  accuracy  of  the  design 
procedure  was  questioned  because  the  test  data  had  been  obtained  in  an 
environment  which  was  not  representative  of  the  environment  which  exists 
in  an  engine.  Most  of  the  previous  film  cooling  testing  was  conducted 
in  large  scale  ducts,  at  low  temperatures,  and  with  low  turbulence  levels. 
In  an  engine,  the  free  stream  turbulence  level  is  relatively  high  due  to 
the  combustion  process .  In  addition,  the  gas  temperatures  are  high 
and  the  injection  slots  are  extremely  small,  ranging  from  0.008  to  0.020 
inches  in  thickness.  To  evaluate  the  effect  of  the  turbulence,  tempera¬ 
ture  and  size  effects  on  film  cooling,  Pratt  Whitney  Aircraft  con¬ 
structed  a  flat  plate  test  rig  (Fig.  2A-180)  which  is  supplied  with  hot  gas 
from  an  engine-type  burner  and  which  is  used  to  test  specimens  con¬ 
structed  with  engine  materials  and  slot  sizes. 


4.  "Velocity  Distributions,  Temperature  Distributions,  Effectiveness 
and  Heat  Transfer  in  Cooling  of  a  Surface  With  a  Pressure  Gradient", 
J.  P.  Hartnett,  R.  C.  Birkebak,  E,  R.  G.  Eckert,  1961  Int.  H.  T. 
Conference,  Part  IV,  ASME 

5.  "The  Effects  of  Slot  Geometry  on  Film  Cooling",  E.  R.  G.  Eckert, 

R.  C.  Birkebak,  HTL  TR  No.  41,  March  1962 

6.  "Velocity  Distributions,  Temperature  Distributions,  Effectiveness 
and  Heat  Transfer  for  Air  Injected  through  a  Tangential  Slot  into  a 
Turbuiant  Boundary  Layer",  J.  P.  Hartnett,  R,  C.  Birkebak, 

E.  R.  G.  Eckert,  Journal  of  H.  T.  August  1961 

7.  "Experimental  Investigation  of  Air  Film  Cooling  Applied  to  An 
Adiabatic  Wail  by  Means  of  an  Axially  Discharging  Slot",  S.  S. 

Papell,  A.  U.  Trout,  NACA  TND9,  August  1959 

8.  "Effect  on  Gaseous  Film  Cooling  of  Coolant  Injection  Through 
Angled  Slots  and  Normal  Holes",  S.  S.  Papell,  NACA  TD  299 

9.  "Comparison  of  Effectiveness  of  Connection,  Transpiration  and 
Film  Cooling  Methods  With  Air  as  Coolant",  E.  R.  G.  Eckert, 
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i u .  "Investigation  of  Slot  Configurations  for  Film  Cooled  Turbine  Blades 
by  Flow  Visualization  Methods",  E,  R,  G.  Eckert,  T.  W.  Jackson, 
A.  C.  Francisco,  NACA  RM  E50K0 1 ,  January  1951 

A  series  of  test  specimens  containing  film  injection  slots  of  various 
configurations  were  run  in  this  rig  and  the  measured  temperatures  were 
compared  with  temperatures  predicted  by  the  data  presented  in  Ref. 

4.  Figure  2A-181  shows  a  typical  comparison  for  a  specimen  run  in  a 
study  program, 

The  good  comparison  between  the  PWA  test  and  the  previous  experimen¬ 
tal  data  (Ref,  4)  at  constant  pressure  indicates  that  good  agreement  will 
probably  be  found  with  static  pressure  grad  ants,  Testing  with  pressure 
gradients  will  bo  conducted  in  future  tests  as  part  of  the  film  cooling 
study  program, 


J ,  SST  Film  Cooled  Blade  Design  Substantiating  Test  Data 

(1)  Introduction 

During  March  of  1965  the  JT4  High  Spool  Engine  was  run  with  instru¬ 
mented  dim  cooled  blades.  The  object  of  the  test  was  to  compare 
several  different  I  do  configurations  and  to  provide  verification  of 
analytical  temper  ro  predictions,  In  addition,  instrumented  convec- 
livoly  cooled  blades  were  also  tested  to  provide  a  direct  comparison 
batwuon  the  cooling  capability  of  film  cooled  and  convectively  cooled 
airfoils , 

(2)  Doecription  of  Airfoils  Tested 

Five  different  blade  designs  wore  tested;  four  film  cooled  and  two 
contact lve!y  coolod  (sawtooth  dctlgns);  The  leading  edges  u!  the  firm 
cooled  bladen  Were  a  "nhoworheftd"  design  and  the  remaining  portions 
of  tho  chord  wise  sections  we;  o  cooled  by  film  injected  from  rows  of 
holes ,  In  oddttion  some  convective  cooling  was  provided  In  the  mid- 
chord  section,  Tho  blade  geometries  are  listed  below: 

1,  0,  020"  Sawtooth 

2,  0,  030"  Sawtooth 

3,  3  row  lending  edge  show erh cad,  0,008"  Din  holes  90"  Fig.  ZA-l&Z')' 

4,  3  row  loading  edge  ttboworhuud.  0.013"  Dia  holes  30°  F*g.  2A-1S3* 

j  row  leading  edge  showerhoad.  0  013"  Dia  holes  90°  Fig,  2A~ IQ4* 

6.  1  row  loading  edge  showerh  iad,  0,030"  Dta  holes  30°  Fig,  2A-I85# 

(*  angles  aru  measured  from  Ilia  radial  direction) 
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(3)  Tent  Conditions 

The  JT4  engine  was  run  through  a  cycle  similar  to  that  explained  in  the 
section  on  convection  cooled  blades.  The  turbine  inlet  temperature  was 
varied  between  1550°F  and  2435°F  as  shown  in  Figure  2A-186. 

(4)  Results 

The  results  of  the  test  indicated  that  analytical  temperature  estimates 
compare  favorably  with  measured  test  data  as  shown  in  Figure  2A-187. 

In  addition  the  test  indicated  that  the  film  cooling  system  was  consider¬ 
ably  more  effective  than  the  convectively  cooled  blade  in  cooling  the  blade 
leading  and  trailing  edges.  This  can  be  seen  by  comparing  Figure  2A-187 
to  Figure  2A-188,  which  shows  temperatures  measured  on  a  sawtooth 
blade  during  the  same  test.  All  the  film  cooled  blades  indicated  better 
cooling  at  the  leading  and  trailing  edges  as  shown  below: 


F  oil 

Leading  Edge 
(Tgas-Tmetal) 

Trailing  Edge 

(T  gas“Trnetal) 

Coolant  Flow 

1  Uncooled 

0°F 

0  °F 

0%  Wae 

2  Sawtooth 

540 

520 

4% 

3  0.  008"/90°3  Row 

850 

700 

3.  5% 

4  0.  013"/30°  3  Row 

740 

700 

3.5% 

5  0. 013 "/ 90° 3  Row 

660 

700 

3 . 5% 

6  0.  030"/30° 1  Row 

650 

700 

3.5% 

The  major  factor  contributing  to  the  increased  cooling  effectiveness 
at  the  leading  edge  is  the  increased  surface  area  within  the  blade 
available  for  convective  cooling.  This  concej-'  '  f-gins  to  approach 
transpiration  cooling.  In  addition  to  this  com  .ve  cooling  additional 
protection  is  provided  by  the  ejected  coolant  In  the  form  of  a  film. 

The  mechanism  of  film  formation  after  injection  through  leading  edge 
holes  is  an  unknown  factor  at  this  time.  The  analytical  and  actual 
temperatures  are  shown  in  Figures  2A-138  and  2A-189.  Cooling 
formation  of  a  cooling  film.  The  exact  reason  why  one  hole  configura- 
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formation  of  a  cooling  film.  The  exact  reason  why  one  hole  configura¬ 
tion  should  indicate  this  while  other  similar  blades  do  not  has  not  yet 
been  determined.  However,  further  testing  is  being  carried  out  to 
determine  which  parameters  have  any  significant  effect  on  film  forma¬ 
tion.  The  following  variables  are  being  studied: 

.  Hole  diameter 
.  Angle  of  injection 
.  Number  of  rows  of  holes 
,  Pressure  ratio  across  holes 


Testing  will  be  conducted  both  in  engines  and  rigs. 

Figures  2A-188  and  2A-189  also  show  that  film  cooling  is  more  effective 
than  convection  cooling  for  protecting  the  blade  and  aft  portions  of 
the  chord.  Analytical  predictions  were  made  assuming  various  degrees 
of  film  cooling  effectiveness.  The  effectiveness  has  been  arbitrarily 
defined  as  the  rate  of  mixing  of  coolant  with  hot.  gas  relative  to  a  base¬ 
line  film-mixing  correlation.^  The  effectiveness  in  establishing  mid¬ 
chord  and  trailing  edge  film  is  indicated  to  vary  between  70  and  100 
percent  of  the  effectiveness  predicted  in  the  reference  paper.  4  The 
high  degree  of  effectiveness  indicates  that  film  cooled  blades  can  be 
used  in  the  STF219  engine  to  provide  the  required  life  at  advanced 
engine  ratings. 


(5)  Conclusions 

Based  on  the  early  testing  conducted  by  Pratt  &  Whitney  Aircraft  it 
can  be  concluded  that  the  "showerhead"  leading  edge  blade  shows 
cooling  capability  which  exceeds  that  of  convectively  ccoled  blades. 

The  degree  to  which  this  system  is  capable  of  establishing  effective  film 
cooling  has  not  yet  been  determined  and  further  testing  will  be  required 
before  an  exact  engine  configuration  can  be  designed.  In  addition,  the 
effect  of  coolant  injection  on  engine  performance  must  be  evaluated 
and  given  consideration  in  the  choice  of  an  optimum  design.  However, 
the  testing  to  date  indicates  that  the  "showerhead"  film  cooled  blades 
will  be  capable  of  providing  the  cooling  required  for  the  Basic  Rating 
of  the  STF219  engine. 
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10.  TURBINE  EXHAUST 

a,  General  Description 

The  turbine  exhaust  section  of  the  STF219  turbofan  engine  serves  a  dual 
purpose.  Aerodynamically  it  diffuses  the  gas  generator  exhaust  stream 
and  directs  it  through  16  exit  guide  vanes.  This  eliminates  the  tangen¬ 
tial  swirl  of  the  exhaust  gases  before  they  enter  a  convergent  annulus 
which  directs  the  flow  through  the  primary  nozzle.  Structurally  it  sup¬ 
ports  the  number  4  bearing  and  the  exhaust  tailcone. 

As  discussed  under  Turbine  Aerodynamic  Design,  the  exhaust  section 
was  lengthened  and  the  exhaust  struts  moved  rearward  to  permit  opera¬ 
tion  at  2000 °F  turbine  inlet  temperature.  No  annular  area  change  occurs 
through  the  exit  vanes.  The  diffuser  is  of  minimum  length  commen¬ 
surate  with  stable,  efficient  diffusion  over  the  expected  range  of  turbine 
exit  conditions.  This  information  is  based  upon  annular  diffuser  ex¬ 
perience  gained  on  Pratt  &  Whitney  Aircraft  production  engines. 

b.  Physical  Structure 


The  flowpath  through  the  turbine  exhaust  section  (Figure  2A-190)  is  an 
annulus  defined  by  an  inner  and  outer  case.  The  inner  and  outer  cases 
are  weldments  fabricated  from  Hastelloy  X  reinforced  sheet  (AMS  5536) 
and  Waspaloy  (AMS  5706  and  AMS  5544)  respectively.  The  inner  shroud 
to  which  the  vanes  attach  is  also  Waspaloy  (AMS  5706).  The  sixteen  exit 
guide  vanes  of  cast  Inconel  713  (PWA  655)  will  be  heatshielded  with  a 
sheet  of  Hastelloy  X  (AMS  5536)  to  cut  down  on  transient  temperature 
differentials.  The  vanes  are  attached  to  the  inner  and  outer  cases  by 
dowel  bolts.  Eight  of  the  '  es  are  also  bolted  to  the  bearing  support 
cylinder  to  transmit  maneuver  loads  to  the  outer  case.  Some  of  the 
vanes  will  require  a  greater  thickness  to  permit  the  use  of  flattened 
tubes  through  their  hollow  core.  These  tubes  will  provide  an  oil  supply 
and  return  line,  a  breather  line,  and  a  labyrinth  seal  air  supply  and 
return  lines  to  the  number  4  bearing  compartment. 

A  tailcone  is  bolted  to  the  inner  shroud  aft  of  the  exit  guide  vanes.  An 
outer  rear  case  is  bolted  to  the  turbine  exhaust  case  to  form  a  converg¬ 
ing  annulus,  the  primary  nozzle  throat,  and  its  diffuser  section. 


Experience  gained  during  development  of  the  JT11D-20  turbojet  engine 
was  used  /x.ensively  ,  ti  designing  the  turbine  exhaust  section  and  exit 
guide  \  dt,  •  system.  Experience  on  the  JT11D-20  has  shown  that  a  high 
thermal  gj  idient  exists  in  the  exit  guide  vane  system  during  engine 
starting  due  1 1  the  ra.au  m  ating  of  the  vane.  On  a  long  life  engine 
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this  could  result  in  low  cycle  fatigue  problems  in  the  vane  and  vane 
support  rings.  The  thermal  gradient  has  been  reduced  in  the  SST  de¬ 
sign  by  wrapping  a  heat  shield  (Hastelloy  X)  around  the  exit  guide  vane 
to  reduce  the  rate  of  vane  temperature  response  during  transient  con¬ 
ditions.  This  heat  shield  is  also  beneficial  in  reducing  the  effects  of 
thermal  shock  and  hot  spots. 

The  number  4  bearing  support  and  exit  guide  vane  system  was  designed 
to  sustain  the  load  resulting  from  a  turbine  failure  equivalent  to  a  10% 
blade  lo  s.  It  is  assumed  that  after  a  blade  loss  the  rotor  will  rotate 
about  a  new  center  of  gravity.  The  number  4  bearing  support  and  exit 
gu  'e  vane  system  were  therefore  designed  to  keep  stresses  below  the 
yie.d  str  ngth  of  the  material  when  subjected  to  loads  imparted  by  a 
10%  blade  loss.  This  was  accomplished  by  making  the  system's  spring 
rate  as  low  as  critical  speed  requirements  allowed. 


c.  Turbine  Shafts 


As  in  the  Phase  II-A  design,  the  high  speed  turbine  shafts  tie  the  high 
pressure  compressor  to  the  high  speed  turbine.  The  two  shafts  are 
coupled  at  the  number  3  bearing  by  means  of  a  coupling  nut  and  lock 
located  just  ahead  of  the  first  stage  disk.  The  low  speed  turbine  shaft 
couples  the  low  speed  turbine  to  the  fan  hub  at  the  number  1  bearing 
coupling  nut.  Beeides  transmitting  torque  and  axial  load,  the  two  shafts 
form  an  annulus  to  carry  cooling  air  from  the  compressor  to  the  tur¬ 
bine.  The  number  4  bearing  provides  support  for  the  low  speed  turbine 
rotor  through  the  low  turbine  rear  hub. 


(1)  Physical  Structure 


The  rear  section  of  the  high  speed  turbine  shaft  is  flanged  and  bolted  to 
the  high  speed  turbine  disk.  The  shaft  at  this  flange  is  conical  in  shape. 
It  becomes  cylindrical,  however,  aft  of  the  number  3  bearing  and  ter¬ 
minates  forward  of  the  number  3  bearing  compartment.  Material  is 
provided  adjacent  to  the  flange  for  detail  balancing  of  the  shaft.  The 
cylindrical  portion  of  the  rear  section  is  spiined  to  drive  the  forward 
section  of  the  shaft  which  is  flanged  at  the  forward  end  and  bolted  to  the 
rear  disk  of  the  high  pressure  compressor.  A  shoulder  on  the  inside 
of  the  rear  section  behind  the  spiined  section  provides  a  bearing  surface 
for  the  coupling  nut  which  screws  onto  the  end  of  the  forward  section. 
The  shaft  sections  form  a  double  snaft  which  passes  through  the  number 
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3  bearing  compartment  and  provides  protection  against  turbine  over¬ 
speeding  in  case  of  an  outer  shaft  failure.  Ahead  of  the  number  3 
bearing  compartment  the  forward  section  of  the  shaft  tapers  outward 
to  match  the  rear  high  speed  compressor  disk  pilot  diameter. 

The  low  speed  turbine  shaft  is  flanged  at  the  rear  and  is  bolted  to  the 
front  face  of  the  first  low  speed  turbine  disk.  The  shaft  is  cylindrical 
at  the  flange  and  extends  forward  to  couple  with  the  fan  hub  just  forward 
of  the  number  1  bearing.  The  shaft  is  splined  at  the  forward  end  on 
the  outside  to  drive  the  fan  hub  which  is  splined  on  the  inside.  The  hub 
and  shaft  are  tied  together  by  a  threaded  coupling  which  screws  into  the 
turbine  shaft  and  pulls  against  a  shoulder  on  the  hub.  Fitting  spacers 
are  placed  between  the  end  of  the  shaft  and  the  hub  shoulder  to  absorb 
accumulated  tolerances  and  accurately  position  the  low  speed  turbine 
rotor.  Material  is  provided  just  aft  of  the  forward  hub  of  the  high  speed 
compressor  and  at  the  shaft  rear  flange  for  detail  balancing  of  the  low 
rotor  shaft. 

The  low  speed  turbine  shaft  and  fan  hub  form  a  double  shaft  that  passes 
through  the  number  1  bearing  compartment.  This  shaft  provides  pro¬ 
tection  against  turbine  overspeeding  in  case  of  a  failure  in  the  hub  ad¬ 
jacent  to  the  bearing. 

The  low  speed  turbine  hub  front  flange  is  bolted  to  the  rear  face  of  the 
first  low  turbine  disk.  It  is  conical  in  shape  aft  of  the  flange  and  be¬ 
comes  cylindrical  prior  to  passing  through  the  number  4  bearing. 

d.  Stress  Analysis  Summary 

The  shafts  and  hub  are  designed  to  withstand  the  stress  produced  by  a 
10%  blade  loss  load.  They  were  evaluated  for  torsional  yield  stress, 
creep  stress,  buckling  stress,  and  critical  speed.  In  all  cases  cnucai 
speed  was  the  limiting  factor.  The  shafts  and  hub  for  the  STF219  turbo¬ 
fan  engine  provide  for  a  stiff  bearing  critical  speed  margin  of  20%. 

This  assures  that  the  rotors  will  not  have  any  vibration  modes  in  the 
operating  range  of  the  engine  with  significant  rotor  bending  when  coupled 
to  the  bearing  support  structure  and  cases. 

11.  DUCT  HEATER  DIFFUSER 
a.  General  Description 

The  current  design  of  the  fan  duct  diffuser  is  aerodynamically  similar 
to  the  Phase  II-A  design,  adjusted  to  the  latest  650  lb/sec.  airflow  and 
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fan  flow  path.  The  mechanical  design  features  have  been  modified 
relative  to  Phase  II-A  as  discussed  under  Design  Philosophy.  A  sche¬ 
matic  drawing  of  the  diffuser  is  shown  on  Figure  2A-191. 

The  purpose  of  this  part  of  the  engine  iy  to  diffuse  the  fan  duct  airflow 
to  the  lower  velocities  compatible  with  ;he  duct  combustion  system  and 
to  deliver  a  stable  profile  to  the  duct  combustor  at  all  flight  conditions  . 
The  flow  path  is  offset  to  connect  the  fan  exit  at  the  intermediate  case 
with  the  duct  combustor  which  is  at  a  larger  diameter.  The  diffuser  duct 
must  clear  the  main  gearbox  on  the  outer  diameter  while  bending  out¬ 
ward  as  rapidly  as  possible  to  provide  maximum  clearance  between 
the  diffuser  case  and  the  high  compressor  case.  This  clearance  is 
required  for  assembly  and  inspection  purposes,  and  for  the  fuel, 
lubricant,  bleed  air  and  instrumentation  lines  which  enter  the  cavity 
through  struts  in  the  fan  duct  diffuser.  These  3truts  also  act  as  aero¬ 
dynamic  fairings  for  the  intermediate  case  support  struts  and  structural 
members  of  the  diffuser  case  assembly. 

The  composite  duct  diffuser  is  composed  of  three  conventional  diffusers 
connected  by  two  sets  of  annular  cascades  which  turn  the  air  radially 
as  well  as  support  cascade  diffusion.  The  rate  of  diffusion  in  the  in¬ 
dividual  annular  sections  has  been  based  on  Pratt  &  Whitney  production 
engine  diffusers  and  on  rig  tests  of  this  configuration  run  during  Phase 
H“ A.  These  rates  allow  the  diffuser  to  operate  at  good  recovery  effi¬ 
ciency  considering  the  expected  inlet  flow  profile  and  boundary  layer 
conditions.  A  streamline  analysis  has  been  made  of  the  diffuser  flow- 
path  to  assist  in  leading  edge  alignment  of  the  cascades.  Incidence  and 


camber  of  the  NACA  65-series  airfoils  will  be  selected  with  Pratt  & 
Whitney  cascade  tunnel  data  modified  to  reflect  diffuser  side  wall 
effects . 

The  inner  duct  diffuser  wall  will  be  bled  for  duct  combustion  inner  wall 
cooling.  The  bleed  will  be  located  to  provide  some  boundary  layer- 
control  on  the  inner  duct  diffuser  wall  at  the  location  which  future 
testing  shows  to  be  optimum. 

Early  concepts  for  the  duct  diffuser  envisioned  essentially  constant 
area  turning  vanes  feeding  an  annular  diffuser  whose  meanline  moved 
out  radially  at  40-45  degrees.  The  flow  was  then  turned  axially  by 
another  constant  area  turning  cascade.  This  diffuser  was,  in  philosophy, 
somewhere  between  the  conventional  annular  diffuser  of  near  constant 
mean  diameter  and  the  vanelees  radial  diffuser  (without  swirl)  used  on 
centrifugal  compressors.  The  axial  length  was  shoitened  considerably 
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by  this  technique.  However,  early  model  testing  showed  the  amount  of 
diffusion  called  for  in  the  STF219  fan  duct  (A2/A^  =  2.8)  was  too  great 
for  the  single  diffuser. 

The  present  design  allows  diffusion  in  the  turning  cascades  similar  to 
that  occurring  in  stators  of  axial  flow  compressors.  The  design  em¬ 
ploys  the  concept  of  D  factor  and  AP/q  as  vane  loading  parameters. 

The  first  outward  bend  of  the  diffuser  had  to  begin  several  inches 
downstream  of  the  diffuser  inlet  to  clear  the  main  gearbox.  This  first 
passage  was  designed  as  an  annular  diffuser  since  ample  length  was 
available.  The  bend  in  the  outer  diameter  wall  of  the  diffuser  case  at 
the  first  turn  was  reduced  (as  was  the  Mach  number)  into  the  first 
cascade  which  should  reduce  cascade  losses  and  outer  wall  loading. 

Diffusioi  in  the  pas  sag  ■  between  the  cascades  was  reduced  to  reasonable 
limits,  with  the  remaining  diffusion  taken  by  the  rear  cascade  and 
annular  diffuser  at  the  rear  of  the  rear  cascade.  A  smooth  increase 
of  area  through  the  various  diffuser  sections  was  maintained  and  blockage 
by  the  support  struts  was  accounted  for  in  the  actual  flow  area  sizing. 

b.  Physical  Structure 

The  fan  air  diffusion  is  accomplished  in  three  sections;  the  intermediate 
case,  the  fan  duct  diffusi  r  case,  and  the  duct  formed  by  the  forward 
duct  case  and  the  front  inner  liner.  These  sections  also  route  the  gas 
generator  plumbing  to  the  outside  of  the  engine  and  provide  easy 
access  to  the  annulus  formed  by  the  outer  wall  of  the  gas  generator 
and  the  inner  wall  of  the  fan  duct  diffuser.  This  annulus  contains 
most  of  the  gas  generator  plumbing. 

The  intermediate  case  houses  the  first  section  of  the  fan  duct  diffuser. 
Eight  hollow  airfoil  shaped  struts  provide  space  for  the  plumbing  to  the 
number  one  and  two  bearing  compartment  and  for  the  tower  shafts  for 
the  gearbox  and  power  takeoffs.  A  flange  is  provided  on  the  rear  of 
the  outer  wall  of  the  intermediate  case  to  attach  the  outer  front  flange 
of  the  duct  diffuser  case.  A  pilot  diameter  is  provided  on  the  rear  of 
the  inner  wall  to  mate  with  the  pilot  diameter  on  the  inner  diffuser 
duct.  Other  constructional  details  of  the  intermediate  case  are  dis¬ 
cussed  in  the  Intermediate  Case  section  of  t'  s  report. 

The  fan  duct  diffuser  case  is  fabricated  from  AMS  4910  and  AMS  4966 
titanium  alloy  with  butt-welded  construction  utilized  throughout.  The 
diffuser  case  consists  of  an  inner  and  outer  case  joined  bv  einht  hollow 
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airfoil-shaped  struts.  These  struts  serve  as  fairings  behind  the  inter¬ 
mediate  case  struts  and  also  house  the  plumbing  routed  from  the  outer 
engine  to  the  annulus  formed  by  the  gas  generator  and  the  fan  duct  dif¬ 
fuser  case . 

The  outer  diffuser  case  consists  of  a  front  and  rear  forged-ring  welded 
to  a  formed  sheet  metal  center  section.  The  front  and  rear  rings  have 
machined  mounting  attachments  for  the  cascades,  strut  attachments, 
and  flanges  to  mount  the  diffuser  case  to  the  intermediate  case  and  the 
forward  duct  case. 

The  inner  diffuser  case  is  made  up  of  a  front  and  rear  forged-ring 
welded  to  a  formed  sheet  metal  center  section.  The  front  and  rear 
rings  have  machined  strut  attachments  and  inner  diameters  that  are 
piloted  on  the  intermediate  case  and  the  inner  duct  burner  case.  The 
inner  diffuser  case  is  supported  by  the  eight  struts. 

The  forward  duct  case  is  fabricated  from  AMS  4910  and  AMS  4966  titanium 
alloy  with  butt-weld  construction  utilized.  The  forward  duct  case  con¬ 
sists  of  a  front  and  rear  forged-ring  welded  to  a  center  section  of  formed 
sheet  metal.  Provisions  were  made  to  mount  the  access  panels,  zone 
1  and  zone  2  sprayrings,  the  gas  generator  spark  igniters,  and  the  duct 
heater  igniters.  The  front  and  rear  rings  have  machined  flanges  to  attach 
to  the  fan  duct  diffuser  case,  the  intermediate  mount,  and  the  duct  com¬ 
bustion  chamber  case. 

The  front  inner  liner  is  fabricated  from  AMS  4910  and  AMS  4966  titanium 
alloy  with  butt-weld  construction.  The  front  inner  liner  is  composed  of 
a  front,  intermediate  and  rear  forged  ring  welded  to  connecting  formed 
sheet  metal  sections.  Provisions  were  made  to  mount  the  access  panels, 
and  openings  were  provided  for  the  gas  generator  igniters  and  flame- 
holders. 

o ■  Design  Philosophy 
( 1)  Access  Panels 

An  access  to  the  annulus  between  the  gas  generator  and  the  inner  fan 
duct  is  provided  without  having  to  remove  the  fan  duct  burner  or  fan 
duct  diffuser  case.  This  access  is  necessary  to  reduce  the  elapsed 
time  in  inspecting  plumbing,  components,  and  fuel  nozzles  mounted  in 
this  annulus.  Also,  provisions  were  made  for  horoscope  inspection 
of  the  compressor  without  engine  tc-ardnwn  by  means  of  removable 
plugs  opening  access  passages  extending  radially  inward  through  the 
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diffuser  strut  fairings.  By  removing  the  duct  burner  and  disconnecting 
the  fan  diffuser  case  from  the  intermediate  case,  access  to  the  front 
flange  of  the  high  compressor  is  obtained.  This  enables  the  entire 
low  compressor  to  be  removed  as  a  unit,  and  the  number  1  and  2 
bearings  replaced  without  turbine  teardown. 

Several  methods  of  providing  this  accessibility  were  studied.  These 
methods  included  splitting  the  fan  duct  diffuser  case;  splitting  the  for¬ 
ward  duct  case  with  removable  panels  in  the  front  inner  liner;  utilizing 
removable  panels  in  the  fan  duct  diffuser  between  the  struts;  and  utilizing 
removable  panels  in  the  forward  duct  case  and  front  inner  liner.  The 
split  case  design  was  discarded  for  the  following  reasons: 

•  More  complicated  case  construction. 

•  Greater  difficulty  in  sealing  the  outer  cases. 

•  Components  and  outer  plumbing  would  have  to  be  removed  to 
pull  the  case. 

•  With  increased  fuel  nozzle  line  requirements  the  concept  of 
running  the  fluid  lines  through  the  two  split  struts  is  less  prac¬ 
tical  and  might  require  that  the  case  be  split  in  four  places. 

The  method  selected  to  provide  access  to  the  inner  annulus  consists  of 
rectangular  shaped  access  panels  in  the  forward  duct  case  and  front 
inner  liner  as  shown  on  Figures  2A-191  and  2A-192.  The  advantages  of 
this  method  of  access  are  as  follows: 

•  No  components  and  a  minimum  of  outside  plumbing  have  to  be 
removed  to  remove  access  panels. 

•  No  special  tooling  is  necessary  to  support  the  engine  while  panels 
are  removed. 

»  Panels  are  located  to  allow  replacement  of  fuel  nozzles  and  to 
check  most  plumbing  connections. 

The  disadvantage  of  access  panels  is  the  difficulty  in  controlling  outer 
duct  wall  leakage.  Closely  spaced  panel  fasteners  or  development  of  a 
gasket  material  capable  of  withstanding  650-700°F  will  be  required  to 
control  the  leakage. 

(2)  Cascades 

Several  methods  of  attaching  the  front  and  rear  cascades  to  the  fan  duct 
diffuser  case  were  studied.  Mechanical  attachment  of  the  cascades  to 
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the  diffuser  case  allows  flexibility  in  cascade  design  during  develop¬ 
ment  and  a  damaged  cascade  may  be  replaced  without  any  rework  on 
the  case.  The  front  and  rear  cascades  and  supporting  pylons  are  fab¬ 
ricated  from  AMS  4966  titanium  alloy.  The  cascade  airfoil  shape  is 
machined  in  the  supporting  pylon  and,  when  the  cascade  is  installed 
in  the  pylon,  the  two  are  fillet-welded  together.  The  mounting  bracket 
at  the  base  of  the  support  pylon  is  mechanically  attached  to  the  diffuser 
case. 

12.  DUCT  HEATER 

a.  General  Description 

Thrust  augmentation  for  the  STF219  turbofan  engine  is  provided  by  a 
fan  duct  combustion  system  commonly  referred  to  as  a  dm  t  heater. 

To  initiate  and  maintain  combustion  in  the  relatively  cool  fan  air  stream, 
an  aerodynamic  or  "jet  flameholder"  is  used.  Combustion  continues 
along  the  entire  length  of  the  duct  heater  combustion  section  and  ex¬ 
hausts  through  a  variable  area  exit  nozzle.  Ignition  will  be  provided 
by  either  a  torch  or  spark  type  igniter  located  upstream  of  the  duct 
fuel  sprayrings.  The  duct  heater  is  shown  in  Figure  2/  193. 

The  burner  length  was  set  at  60  inches,  the  distance  from  the  aero¬ 
dynamic  flameholder  centerline  to  the  nozzle  exit  plane.  Extensive 
small  scale  rig  data  has  demonstrated  that  the  required  efficiency  of 
95%  at  simulated  cruise  conditions  can  be  achieved  with  sections  60 
inches  in  length.  The  duct  burner  cross  sectional  area  of  1950  sq.  in. 
was  set  to  give  a  maximum  duct  burner  inlet  Mach  number  on  the 
typical  climb  path  of  0.  175.  The  critical  design  point  for  this  area 
occurs  at  Mn  2.0,  55,000  ft.  Small  scale  rig  test  results  indicated  that 
at  this  velocity  combustion  could  be  sustained  and  that  the  required  com¬ 
bustion  efficiencies  could  be  obtained.  At  higher  velocities  the  combus¬ 
tion  becomes  less  efficient  and  the  probability  of  blow-out  begins  to  in¬ 
crease.  The  centerline  of  the  aerodynamic  flameholder  is  located  12 
inches  downstream  of  the  intermediate  case  strut  trailing  edge.  This 
is  about  four  times  the  maximum  strut  thickness  and  is,  therefore, 
approximately  at  the  trailing  edge  of  the  wake  generated  by  the  strut. 
Placing  the  flameholder  in  this  position  prevents  the  flame  from  propagat¬ 
ing  upstream  into  this  wake. 

b.  Aerodynamic  Flameholder  Design 

The  aerodynamic  flameholder  concept  was  selected  because  of  its  ability 
to  sustain  combustion  over  a  wide  operating  range  with  low  blockage 
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pressure  losses.  It  has  an  additional  feature  during  non-duct  burning 
conditions  of  a  high  pressure  air  shut  off  which  further  reduces  the  cold 
losses.  The  V-gutter  flameholder  concept  was  discarded  because  of  its 
inability  to  sustain  combustion  at  low  duct  inlet  temperatures.  The 
soundness  of  the  aerodynamic  flameholder  approach  has  been  demon¬ 
strated  by  extensive  small  scale  and  full  scale  rig  testing.  The  required 
efficiencies  have  been  demonstrated  using  a  60  inch  burner  length  at 
simulated  flight  conditions  with  aerodynamic  flcmeholders .  The  air 
flow  through  these  flameholders  has  been  targeted  at  3%  of  the  gas  generator 
flow. 

The  overall  design  of  the  flameholder  calls  for  a  ring  midway  between 
the  duct  O.  D.  and  I.  D.  with  12  radial  struts  passing  from  the  I.  D.  to 
the  O.  D.  Provisions  are  to  be  made  in  both  the  struts  and  the  ring  for 
air  injection  into  the  duct  stream.  These  injected  streams  of  air  form 
the  aerodynamic  flameholder. 

Burner  bleed  air  is  to  be  supplied  to  the  I.  D.  of  each  of  the  radial 
struts.  A  gap  of  0.  1  inch  has  been  allowed  between  the  ilameholder 
outer  tip  and  the  duct  outer  liner  to  prevent  streaking  of  the  outer  Inner 
in  the  wake  of  the  flameholder  strut.  The  width  of  the  flameholder  was 
limited  to  one  inch  to  keep  blockage  down  to  10%  of  the  duct  passage. 

Inside  areas  were  sized  to  insure  uniform  distribution  of  air  throughout 
the  flameholder  system  at  all  flight  conditions. 


c.  Spraybar  Configuration 

The  fuel  injection  system  for  the  STF219  is  broken  up  into  two  zones. 

The  first  zone  (Zone  I)  will  be  developed  to  give  the  required  95%  com¬ 
bustion  efficiency  during  cruise.  The  second  zone  (Zone  II)  will  supple¬ 
ment  Zone  I  to  provide  a  combustion  efficiency  of  93%  during  accelera¬ 
tion.  The  overall  shape  of  the  Zone  I  spraybar s  is  that  of  the  flameholder; 
that  is,  it  consists  of  12  radial  struts  and  a  circular  ring  midway  be¬ 
tween  the  duct  O.  D.  and  I.  D.  Fuel  is  supplied  from  the  manifold  out¬ 
side  the  outer  wall  to  each  of  the  twelve  struts.  The  centerlines  of  the 
assembly  are  located  one  inch  upstream  of  the  leading  edges  of  the  flame¬ 
holder.  Test  results  have  confirmed  that  with  the  Zone  I  flameholder  in 
this  location  the  required  efficiencies  can  be  achieved  without  fuel  coking 
or  plugging  of  the  nozzles  in  the  spraybar.  The  I.  D.  of  the  spraybars 
was  set  at  0.  5  inches  to  insure  adequate  fuel  distribution  to  all  sections 
of  the  spraybar  assembly  during  maximum  fuel  flow  conditions. 
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Zone  II  supplies  fuel  to  virtually  all  of  the  remaining  duct  air  not  sup¬ 
plied  by  Zone  I.  For  this  reason,  these  spraybai-B  are  located  further 
upstream  and  are  designed  to  cover  the  area  between  the  flameholders 
and  the  inner  and  outer  walls.  This  ic  accomplished  with  four  spray 
rings  and  sixteen  radial  struts.  Eight  of  the  struts  are  supplied  by  a 
fuel  manifold  outside  the  duct  outer  wall  with  the  eight  remaining  sup¬ 
ports  for  structural  purposes  only.  The  inside  diameter  of  the  spray 
rings  was  set  at  9.25  inches  to  insure  uniform  fuel  distribution  through¬ 
out  the  Zone  II  spray  bar  system.  The  axial  displacement  between  the 
Zone  II  spray  ring  and  the  flamehoider  was  set  at  2.  8  inches.  This  is 
the  length  used  in  small  scale  testing  where  high  combustion  efficiencies 
have  been  demonstrated. 


d.  Cooling  Liner 


The  duct  heater  discussed  in  the  Phase  II-A  final  design  report  incor¬ 
porated  a  rigimesh  liner.  As  a  currently  preferred  alternate  to  this  con¬ 
cept,  the  design  effort  during  Phase  II-B  has  been  directed  towards  pro¬ 
viding  a  perforated  cooling  liner  for  the  inner  wall  and  a  convective ly 
cooled  liner  for  the  outer  wall.  A  perforated  inner  liner  would  have  more 
predictable  cooling  and  str  ictural  characteristics,  although  it  would, 
however,  require  slightly  more  cooling  airflow,  since  its  cooling  ef¬ 
ficiency  is  lower  than  that  of  rigimesh.  The  outer  liner  could  be  con- 
vectively  cooled  with  nozzle  flap  cooling  air.  This  method  would 
eliminate  ary  need  for  transpiration  air  on  the  outer  liner.  A  final 
conclusion  has  not  been  reached,  but  for  the  purposes  of  this  report  all 
configurations  shown  are  based  on  a  perforated  inner  liner  and  a  con- 
vectively  cooled  outer  liner. 


The  outer  liner  shown  in  Figure  2A-I93  contains  a  double -walled  liner 
beginning  at  2/3  of  the  liner  length.  The  purpose  of  this  feature  is  to 
increase  local  cooling  air  velocities  where  the  burner  gases  are  hottest. 
The  inner  liner  is  in  tension  because  the  cooling  air  is  at  a  higher 
pressure  than  that  of  the  duct  air.  This  simplifies  the  inner  liner 
structural  problems  and  makes  rigimesh  more  attractive  here  than  on 
the  outer  liner.  The  higher  cooling  air  pressure  on  the  outer  liner 
would  impose  a  buckling  load  on  a  circular  liner.  To  circumvent 
this  difficulty  a  segmented  or  scalloped  outer  liner,  as  shown  in  Figure 
2A-193,  Sections  A-A  and  B-B,  is  being  studied. 
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e .  Fuel  System  Requirements 
(1)  Overall  Duct  Fuel-Flow  Range 

Setting  o'  che  fuel-flow  range  is  determined  by  the  range  of  fuel/air 
ratio  requirements .  The  lowest  f/a  setting  was  found  to  be  0.  008  for 
ignition.  This  level  is  predicated  on  three  consider  ations:  (a)  avoidance 
of  fan  surge;  <b)  engine  inlet  stability;  and  (c)  passenger  comfort  durirg 
light- off  was  considered.  The  maximum  value  of  fuel/air  ratio  required 
is  found  to  be  0.054  during  acceleration  at  Mn  0.  7,  sea  level. 

The  fuel  flow  variation  is  further  increased  by  the  large  range  of  duct 
air  flow.  The  minimum  air  flow  is  75  lb/sec  at  Mn  2.0,  75,000  ft.  , 
while  the  maximum  airflow  is  476  lb/sec  at  Mn  0.7,  sea  level.  From 
the  above  the  required  turndown  ratio  of  the  fuel  system  may  be  deter¬ 
mined  as  follows: 


Turndown  ratio 


Max  fuel  flow  0. 054  476 
Min  fuel  flow  0.008  X  lo 


This  equation  states  the  overall  variation  in  the  fuel  flow  requirement. 
To  determine  what  can  be  achieved  by  a  single  spray  ring  with  a  single 
set  of  fixed  geometry  nozzles,  the  nozzle  A  P  upper  and  lower  limits 
must  be  evaluated.  The  maximum  available  A  P  based  on  fuel  pump 
pressures  and  line  losses  is  estimated  to  be  800  psi.  The  minimum 
pressure  drop  is  15  psi.  This  is  the  lowest  allowable  a  P  for  which 
adequate  fuel  penetration  can  be  achieved.  The  turndown  ratio  available 
from  a  single  set  of  fixed  geometry  nozzles  is  the  square  root  of  the 
ratio  of  the  maximum  A  P  to  the  minimum  A  P,  i.e.  \/800/  1 5  or  7.4. 
Comparing  the  available  turndown  ratio  with  the  required  ratio  indicates 
that  more  than  one  set  of  nozzles  or  a  variable  nozzle  must  be  used. 


Combustion  efficiency  is  a  second  performance  requirement  of  the  duct 
burner  that  afftets  the  design  of  the  fuel  system.  This  efficiency  has 
been  specified  over  two  narrow  f/a  ranges  as  indicated. 

Cruise  Acceleration 


Required  f/a 
Required  efficiency 
Fuel  zones  in  operation 


0. 018  -  . 025 
93% 

I 


0.  048  -  . 054 
93% 

I  &  II 


With  these  two  efficiency  targets  in  mind  Zone  I  is  designed  and  will  be 
developed  to  meet  cruise  operating  requirements.  To  meet  the  ac¬ 
celeration  specification  Zone  II  is  added  to  supplement  Zone  I.  The 
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feasibility  of  this  two  zone  approach  was  demonstrated  by  test  data 
presented  in  the  Phase  1I-A  report. 

(2)  Fuel  Flow  Requirements  of  Zones  I  and  II 

The  turndown  ratio  of  each  zone  is  evaluated  by  a  study  of  Figure  2A-194. 
E  uring  ignition  only  Zone  I  will  be  in  operation.  The  f/a  of  Zone  1 
then  increases  with  power  lever  angle  from  a  level  of  .  008  to  a  level 
of  0.  026  which  is  just  above  the  cruise  requirement.  At  this  point 
additional  power  lever  movement  simultaneously  lowers  the  Zone  I 
fuel  flow  and  turns  fuel  on  to  Zone  II.  This  schedule  is  designed  to 
keep  the  total  fuel  continuous  during  transition  into  or  out  of  2  zone 
operation. 

Also,  any  fuel  flow  discontinuities  that  do  result  will  take  place  outside 
the  range  of  normal  operation.  During  Zone  II  operation,  the  Zone  I 
f/a  is  set  at  about  0.  015.  This  value  was  selected  because  test  ex¬ 
perience  indicates  Zone  I  should  run  a  little  lean  when  operating  with 
a  second  zone.  Under  these  conditions  the  level  of  0.015  f/a  will 
give  near  optimum  combustion  efficiencies.  A  summary  of  these  con¬ 
siderations  and  a  calculation  of  the  turndown  ratio  for  each  zone  is 
included  in  Figure  2A-  194.  For  Zone  I  the  turndown  ratio  is  20.  6  and  for 
Zone  II  it  is  22,  5.  In  both  instances  the  limiting  turndown  ratio  of 
7.3,  discussed  above,  ’S  exceeded.  Both  zones,  must,  therefore,  be 
"duplex",  that  is  each  must  have  a  means  for  scheduling  the  fuel  flow 
other  than  by  a  single  set  of  fixed  geometry  nozzles. 

A  number  of  systems  for  extending  the  fuel  flow  range  of  each  zone  are 
under  study.  One  system  being  considered  consists  of  two  identical  sets 
of  spraybars  in  each  zone,  one  upstream  of  the  other.  One  set  of  spray- 
bars  would  be  used  for  the  entire  fuel  range  of  the  zone,  while  the  second 
set  of  spraybars  would  be  used  for  the  higher  levels  of  fuel  flow  for  the 
particular  zone.  The  selection  of  the  high  flow  range  could  be  scheduled 
either  by  a  pressurizing  valve  operated  by  the  pressure  level  in  the  base 
spraybars,  or  by  pressure  level  in  the  aerodynamic  air  bleed.  Another 
approach  to  the  fuel  variation  problem  is  the  U3e  of  variable  area  spray- 
bar  nozzles.  Studies  to  complete  the  fuel  system  design  are  continuing. 


f.  Physical  Structure 

The  duct  heater  consists  of  the  duct  heater  cases  and  liners,  the  aero 
dynamic  flameholder  and  its  air  supply  system  and  valves,  the  fuel 
sprayrings,  and  the  ignition  system. 
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The  duct  heater  case  consists  of  three  sections.  The  forward  duct 
case  and  the  intermedia  e  mount  and  duct  combustion  case  are  made 
from  Titanium  alloys  (FWA  1202).  The  rear  duct  case  is  made  from 
stainless  steel  (AMS  56h  and  AMS  5508)  to  withstand  the  slightly  higher 
temperature  present  in  this  area.  Each  of  the  cases  is  cylindrical  and 
fastens  to  the  adjacent  sections  at  flanges.  The  forward  duct  case  has 
provisions  for  the  installation  of  the  main  engine  igniter  torque  tubes, 
Zone  I  and  Zone  II  sprayrings,  access  panels,  igniters,  and  fuel  drain 
plug. 

Access  to  the  inner  plumbing  and  fuel  nozzles  is  provided  by  removing 
panels  in  the  forward  duct  heater  case  and  in  the  front  inner  liner.  The 
intermediate  mount  and  duct  combustion  case  includes  the  rear  engine 
mount  ring.  Both  the  intermediate  mount  and  duct  combustion  case  and 
the  rear  duct  case  have  attaching  points  to  support  the  exhaust  nozzle 
and  ejector-reverser  hardware. 


The  three  major  sections  of  the  duct  heater  inner  liner  are  the  front 
liner,  the  perforated  screech  and  cooling  liner,  and  the  exhaust  nozzle 
cone.  The  three  sections  of  the  outer  liner  are  the  fuel  baffle,  the 
single-walled  segmented  fr  ont  section,  and  the  double-walled  segmented 
rear  section. 

The  inner  front  liner  and  the  outer  conical  fuel  baffle  form  ihe  forward 
sections  of  the  liners  and  prevent  fuel  from  entering  the  inner  and  outer 
cooling  flow  annular  areas.  The  section  of  the  inner  liner  immediately 
downstream  of  the  flameholder  is  the  screech  liner.  Many  small  holes 
are  drilled  in  this  liner  until  the  open  area  is  a  predetermined  percent¬ 
age  of  the  total  area.  A  cross  section  of  the  outer  liner  in  this  same 
area  shows  a  series  of  valleys  and  arches  beneficial  for  screech  sup¬ 
pression.  This  section  absorbs  the  periodic  combustion  energy  fluctua¬ 
tions  and  prevents  random  pressure  fluctuations  from  developing  into 
cyclic  vibrations  of  large  amplitudes. 

To  the  rear  ol  this  screech  section  there  is  an  inner  cooled  liner  fab¬ 
ricated  from  perforated  sheet  with  an  additional  smaller  diameter  wall 
for  increased  cooling  air  velocity  and  heat  transfer  capacity.  The  outer 
liner  in  this  section  is  also  double-walled  for  the  same  reasons  as  the 
inner  wall,  but  does  not  require  any  transpiration  cooling  except  at  the 
extreme  end.  These  liners  protect  the  outer  duct  and  engine  cases 
from  the  high  temperatures  of  the  burning  gases  by  forming  the  inner 
wall  of  the  annulus  which  carries  fan  discharge  cooling  air  to  the  duct 
heater  exhaust  nozzle  at  the  outer  end  of  the  fan  duct  discharge  air 
passage.  They  also  form  the  outer  wall  of  the  annulus  which  carries 
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fan  discharge  cooling  air  to  the  engine  exhaust  nozzle  at  the  inner  ex¬ 
tremity  of  the  fan  discharge  passage.  Fan  discharge  air  is  carried 
between  the  liners  and  the  inner  and  outer  cases  through  a  series  of 
liner  supports  that  have  graduated  orifices  to  allow  the  desired  flow  to 
every  section  of  the  liner,  case,  and  nozzle.  The  orifice  areas  are 
based  on  hole  area  only,  and  ace  unaffected  by  gaps  between  the  outer 
liner  and  supports.  At  the  end  of  the  outer  combustion  case,  cooling 
air  is  directed  at  the  nozzle  flaps  to  keep  them  from  overheating,  and 
at  the  end  of  the  inner  case,  air  is  discharged  into  the  exhaust  stream. 

High  temperature  compressor  discharge  static  air  for  the  aerodynamic 
flameholder  is  controlled  by  12  piston- shuttle  type  valves.  These  valves 
are  supported  by  the  main  engine  combustion  chamber  outer  case  and 
are  remotely  controlled  by  the  duct  fuel  control.  With  the  fuel  control 
in  the  "off”  position,  a  two-way  valve  permits  engine  diffuser  air  to  pass 
into  one  chamber  of  the  control  valve  and  actuate  the  piston  to  shut  off  the 
airflow.  Moving  the  fuel  control  to  the  "on"  position  causes  the  two-way 
valve  to  vent  the  diffuser  air  overboard,  allowing  combustion  chamber 
air  to  enter  the  opposite  end  of  the  control  valve.  This  air  actuates  the 
control  valve  to  direct  high  temperature  compressor  discharge  air  into 
the  aerodynamic  flameholder  ring  and  subsequently  into  the  duct  stream. 


I 

I 
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I 

I 

I 

t 


g.  Stress  Analysis 

The  duct  heater  cases  are  sized  to  resist  buckling  when  subjected  to 
maneuver  loading  with  a  safety  factor  of  1.3.  The  flanges  were  de¬ 
signed  to  resist  blow-off  and  maneuver  loading  with  a  medium  design 
stress  equal  to  80%  of  the  0.2  percent  yield  strength.  The  rear  mount 
ring  was  designed  to  permit  a  displacement  of  the  outer  case  from  the 
normal  position  no  greater  than  0.2  inch. 

In  the  segmented  liner  c  ation,  both  liner  and  duct  are  under  net 
tensile  loads  which  are  pi  <  table.  The  bending  loads  imposed  by  the 
liner  attachments  on  the  duct  are  controlled  by  the  number  and  spacing 
of  tne  attachment  points,  i.e.  ,  by  the  number  of  liner  segments.  It  is 
felt  that  30  evenly  spaced  attachment  points  is  a  minimum  number. 

The  present  design  contemplates  the  use  of  36.  The  segmented  liner 
has  other  merits,  The  segments  are  individually  replaceable  if  damaged. 
Handling  of  smaller  segments  requires  no  special  tooling  or  fixtures. 

The  relatively  small  size  of  the  segment  compared  with  the  size  of  a  sheet 
of  material  required  for  a  complete  cylinder  makes  obtaining  material 
of  consistent  quality  easier. 
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13.  DUCT  HEATER  NOZZLE 

After  reviewing  the  design  requirements  of  the  duct  heater  nozzle,  it  was 
decided  that  a  "balanced  flap"  design  should  be  considered.  A  balanced 
flap  design  has  proven  satisfactory  in  the  JT11D-20  engine,  therefore 
a  study  was  initiated  to  determine  if  this  type  system  could  be  used  in 
the  STF219  engine. 

The  balanced  flap  system,  as  shown  by  Figure  2A-195,  uses  a  conventional 
unison  ring  to  synchronize  the  flaps.  The  flaps  are  connected  directly 
to  the  ring,  A  roller  is  attached  to  the  back  side  of  each  flap  directly 
opposite  the  center  of  pressure  of  the  flap.  The  roller  of  each  flap  is 
guided  by  its  own  roller  track.  Moving  the  unison  ring  fore  and  aft 
causes  the  nozzle  to  open  and  close. 

Investigations  have  shown,  however,  that  this  system  could  not  be  used 
for  the  STF219  turbofan  because  the  track  assembly  interfered  with  the 
"blow-in"  doors  of  the  ejector/reverser  assembly.  The  necessary 
clearance  could  be  obtained  by  moving  the  hinge  point  of  the  doors  aft, 
but  this  would  restrict  the  area  requirements  of  the  ejector. 

After  this  study  indicated  that  the  balanced  flap  system  could  not  be 
used,  a  bellcrank  linkage  system  similar  to  that  used  on  the  TF30  engine 
was  investigated.  Early  studies  of  this  system  showed  that  a  flap  actuat¬ 
ing  scheme  of  this  type  could  be  compatible  with  the  blow- in  door  ejector 
assembly. 

Investigation  of  this  system  led  to  a  12-sided  nozzle  design  compatible 
with  the  12-sided  ejector  assembly  being  considered  at  that  time.  Each 
of  the  12  flaps  was  actuated  by  a  bellcrank  mounted  on  the  top  (inboard) 
surface  of  each  ejector  axial  support  strut.  The  nozzle  flaps  were  con¬ 
nected  to  the  belle  ranks  through  ball -joints.  Links  which  connected  the 
bellcrank  to  the  unison  ring  were  located  along  the  inboard  surface  of 
each  sti  tt.  This  arrangement  provided  clearance  for  the  blow -in  doors. 

As  studies  progressed,  it  was  felt  that  satisfactory  ejector  performance 
was  dependent  on  controlling  the  flow  of  secondary  air  as  it  entered  the 
ejector.  The  object  was  to  direct  the  flow  of  secondary  air  into  the  bo*: 
gas  stream  just  aft  of  the  ductjheater  flap  tips  (Figure  2A-196).  This  system 
was  designed  primarily  to  improve  the  aerodynamic  performance  of  the 
ejector,  but  it  also  offered  the  advantage  of  providing  an  adequate  flow 
of  cooling  air  for  the  nozzle  flaps.  Studies  concurrently  conducted  with 
the  "blow-in"  door  ejector  show  that  the  "ducted"  flap  scheme  would 
not  be  necessary. 
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A  new  study  was  begun  which  led  to  the  configuration  as  it  appears  in  the 
present  design.  The  only  major  change  involved  using  an  8-sided  ejector 
in  lieu  of  the  original  12-sided  ejector. 

The  basic  problem  necessitating  the  duct  heater  nozzle  investigation  was 
that  of  physically  placing  the  necessary  mechanism  in  the  space  allowed. 
Stress  levels,  temperatures,  and  weights  were  considered.  Operating 
experience  with  the  JT11D-20  engine  was  relied  upon  in  designing  the 
exhaust  nozzle  system. 

During  the  design  of  the  duct  nozzle  system,  the  major  problem  en¬ 
countered  was  that  of  finding  space  for  the  necessary  mechanism. 

The  unison  ring  presented  the  major  problem  due  to  its  size  and  shape. 

A  study  was  started  to  investigate  a  synchronizing  system  rathe’-  than 
the  conventional  unison  ring. 

The  system  investigated  a  bellcrank-linkage  scheme  for  synchronization 
as  shown  in  Figure  2A- 1 97.  Bellcranks  are  mounted  forward  on  the  struts 
in  such  a  manner  that  they  can  be  connected  by  links  running  perpendicu¬ 
lar  to  the  struts.  This  system  would  use  less  space  than  the  translating 
unison  ring,  but  it  did  have  several  disadvantages.  First,  there  are  no 
provisions  to  allow  for  thermal  expansions  of  the  links.  Also,  in  going 
through  the  complete  actuating  stroke,  the  tierods  must  pull  the  bell- 
crank  lever  arms  at  an  angle  producii  large  bending  loads  in  he  lever 
arm.  An  alternate  system  was  considered  which  replaced  the  tierods 
with  a  continuous  ring,  but  this  approach  also  had  disadvantages.  The 
basic  problem  for  this  scheme  was  providing  adequate  support  for  the 
rotating  ring. 

In  all  designs,  the  actual  nozzle  flaps  and  seals  were  of  a  design  similar 
to  the  type  used  in  the  JT11D-20  engine.  This  was  based  on  the  proven 
success  of  these  flaps  and  the  fact  that  the  STF219  and  the  JT1  ID-20 
will  have  similar  operating  conditions. 

Two  flap/ seal  concepts  were  considered  but  were  soon  discarded  for 
several  reasons.  The  first  scheme  is  shown  in  Figure  2A-198.  In  this 
design,  the  triangular-shaped  seal  was  attached  to  one  flap  edge  using  a 
"piano"  type  hinge.  The  other  edge  of  the  seal  was  then  free  to  rest  a- 
gainst  the  adjacent  flap.  The  major  disadvantage  of  Inis  seal  is  the 
possibility  of  the  hinge  joint  seizing  and  not  allowing  the  seal  to  rest 
against  the  adjacent  flap. 

The  other  flap/ seal  arrangement  is  shown  iu  Figure  2A-199.  This  system 
uses  eight  flaps  and  seals  of  nearly  the  s*mc  size  creating  a  16- sided 
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nozzle.  This  system  produced  high  loads  on  the  seals  due  to  the  size 
and  pressure  acting  on  them.  This  load  would  produce  high  wear  rates 
at  the  interface  between  the  seal  f  nd  flaps. 

The  final  duct  heater  nozzle  design  combined  the  best  features  of  ihe 
designs  previously  studied  into  the  configuration  shown  on  Figures 2A  200 
and  2  A-  20  1  . 

The  duct  heater  nozzle  controls  fan  rotor  speeds  by  varying  the  nozzle 
area  from  3,2  to  10.  9  sq.  ft.  Nozzle  areas  are  scheduled  by  the  duct 
fuel  control  as  a  function  of  engine  inlet  temperature  and  pressure. 

The  nozzle  is  octagonal  in  shape  and  consists  of  8  flap-type  segments  with 
8  interflap  seals.  The  flap  segments  are  operated  by  a  belle  rank-linkage 
system  and  a  unison  ring  to  ensure  synchronization.  The  unison  ring  is 
actuated  by  8  hydraulic  cylinders.  Engine  fuel  is  used  as  the  hydraulic 
fluid,  and  a  bleed  circulation  system  maintains  a  continual  flow  of  cool 
fuel  through  the  actuation  system. 

The  flap  segments  and  seals  are  corrosion  and  heat  resistant  nickel  base 
alloy.  Stiffening  ribs  are  cast  on  the  back  side  of  both  the  flaps  and 
seals.  The  flap  and  seals  may  be  individually  removed  from  the  duct 
heater  fur  inspection  or  replacement. 

A  "slave"  link  forged  from  a  nickel  base  alloy  is  attached  to  the  rear  of 
the  main  flaps  on  the  same  axis  as  the  seals.  Cam  follower  rollers 
mounted  on  the  slave  link  fit  into  a  mating  channel  track  located  on  the 
outer  edge  of  each  flap.  As  the  slave  link  is  actuated,  the  roller  trans¬ 
fer  the  force  into  the  two  adjacent  flaps.  The  geometry  of  the  flaps  and 
"si  ive"  link  is  such  that  the  cam  follower  rolls  in  the  track  and  maintains 
line  contact  at  the  mating  surfaces. 

The  slave  link  and  seal  segments  are  pinned  on  the  same  axis.  The  seals 
are  then  free  to  rest  on  the  front  face  of  the  flaps  and  provide  the  seal¬ 
ing  surface  at  the  corner  of  the  octagon  shaped  nozzle. 

Each  seal  is  positioned  by  the  pin  at  the  base  and  by  a  tab-sloe  arrange¬ 
ment  located  on  the  slave  link.  This  system  allows  the  seal  a  certain 
amount  of  freedom  so  that  it  can  adjust  to  any  alignment  irreguliirities 
between  adjacent  flaps.  The  tab-slot  system  also  keeps  the  upper  seals 
from  falling  out  of  position  when  the  engine  is  not  operating.  During 
normal  engine  operation  the  gas  stream  flowing  through  the  nozzle  forces 
the  seal  against  the  flaps.  This  slave  link-flap  system  also  tends  to 
synchronize  all  eight  flaps. 
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Each  slave  link  is  connected  to  its  bellcrank  by  a  forged  connecting  rod. 

This  link  is  forged  from  a  nickel  based  alloy  with  a  threaded  clevis  on 
one  end  to  provide  the  necessary  adjustment  during  assembly. 

The  bellcrank  is  pivoted  on  a  mounting  located  on  the  inside  of  each  of 
the  struts.  These  eight  struts  are  trapezoidal  in  section  with  a  slot  cut 
in  the  inboard  face  to  allow  clearance  for  the  bellcrank  and  connecting 
rod.  Since  the  bellcrank  linkage  is  located  on  the  inside  of  the  strut, 
access  holes  are  provided  on  the  side  for  assembly. 

Each  bellcrank  is  actuated  by  a  link  connected  to  the  unison  rirsg.  The 
unison  ring  is  fabricated  from  sheet  metal  with  stiffeners  added  to  which 
adjustable  cam  followers  are  mounted.  The  rollers  are  guided  by 
channel  section  tracks  which  are  integral  parts  of.  the  Btruts.  The  ring 
is  positioned  between  the  struts  and  the  O.  D.  of  the  duct  heater.  Eight 
equally  spaced  arms  extend  radially  from  the  unison  ring  into  the  center 
of  each  strut.  Tierods  extend  rearward  to  the  radial  arms  connecting 
the  unison  ring  with  the  bellcrank  and  forward  to  the  hydraulic  actuator. 

Slots  are  cut  in  the  struts  to  allow  proper  clearance. 

The  advantage  of  this  system  is  that  normal  actuator  loads  are  not  trans¬ 
mitted  through  the  unison  ring.  The  ring  is  loaded  only  in  the  L'vent  of 
unbalanced  actuation  forces  or  unbalanced  flap  loadB, 

The  actuators  are  of  conventional  design  and  are  mounted  on  the  forward 
face  of  the  mount  ring.  Under  normal  cruise  condHions  all  nozzle  linkages 
(except  the  slave  link  connecting  rod)  are  loaded  in  tension.  This  eliminates 
the  buckling  problem  normally  found  in  long  tierods. 

Ihe  eight  struts  supporting  the  ejector  assembly  are  also  an  integral 
part  of  the  duct  heater  nozzle  assembly.  The  nozzle  system  can  be  in¬ 
stalled  and  the  engine  operated  without  having  the  ejector/rove rser  in 
place. 


14.  EJECTOR -REVERSER 
a.  Preliminary  Studies 

The  ejector  design  reported  in  Phase  IIA  was  a  circular,  12  blow-in 
door  configuration.  The  reverse!  system  consisted  of  12  doors  with 
a  unique  linkage  system  to  fold  the  door  tips  under  in  the  stowed  posi¬ 
tion.  Trailing  edge  flaps  for  this  system  were  of  the  conventional  flap 
and  s eal  design . 
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Preliminary  investigation,,  Indicated  difficulty  in  Actuating  the  blow-in 
doom  for  reversing  and  in  defining  the  linkage  system  on  the  ruvetHcr 
rloor h  on  tills  particular  denlgn.  Single  linn  khioinatlc  sketches 
analyzing  relative  motion,  mnf-nariirnl  ad vantage ,  lonrln,  and 
antiuuncing  worn  then  started  to  study  the  problem  urea.  Ilowovcr, 
before  any  of  those  sketches  wera  concreLo  enough  for  starling  n 
layout  fltudy,  new  information  was  received  that  called  for  re  vie  Iona 
to  the  preliminary  work  In  progress.  Aerodynamic  and  design  stuHieri 
indicated  that  (ho  ojfitlor  diameter  could  bo  revised.  In  addition, 
variable  geometry  to  utilize  higher  secondary  airflows  atid  pressure!, 
was  to  be  incorporated.  The  combination  of  these  changes  called  fur 
a  new  overall  evaluation  of  the  ejector. 

Due  to  the  reduction  In  area  between  the  fan  duel.  O.D,  anti  nacelle, 
aocotulfti'y  flow  passages  were  restricted  below  allowable  limits  and 
interference  occurred  between  the  blow- in  doors  and  the  lau  duct 
nozzle  flaps.  Thin  new  configuration  also  eliminated  the  possibility 
of  actuating  thfi  blow-ln  doors  as  in  the  Phase  LLA  system.  Several 
"latching"  BcliQtneei  wore  then  studied  that  would  held  the  doors  once 
they  were  !r  the  "blow-ln"  c omllliom  Also,  doors  lhai  were  cloned 
on  reversal  were  lull  ties  and  depended  upon  the  pressure  loads  of 
the  reverse  gnu  stream  to  ae rodynnmicall y  close  them, 

Molore  llils  concept  could  be  pursued,  a  change  In  turbine  exhaust 
diffuser  length  eliminated  some  of  the  problems.  The  increwued  length 
allowed  the  fan  duct  nozzle  to  lie  relocated  and  resolved  the  blow  in 
floor  fan  nozzle  Interference  problem.  Thu  Iront  liingns  on  the  blow- 
In  doors  were  located  undur  tlio  engine  mount  ring,  allowing  more 
fti'ca  for  secondary  nlr  flow  pannage.  Tlio  problem  of  designing  a 
blow-ln  dour  actuating  system,  a  rev  crii-r  <I«h»«-  I  ink  age  system,  and 
a  rover aer  door /blow- in  floor  sviu  hronlzing  system  still  existed 

A  new  concept  c.  ns  la  ling  u(  an  octagonal  shaped  ejector,  having  ft  ct  r* 
cutiiie r f? lit lti  1  ant  ol  torque  lubes  inter,  fnniected  l>y  nnivor*  ,1  joints 
W/iH  devised ,  'Die  tubes  Ujisrats  and  ny  in  nronir.o  (lie  rev,  ,«ei  and 
blow-ln  doors  by  connecting  i  allies  and  pulleys  running  flown  the  struts 
This  system  V'flfl  studied  In  dmall  lor  mo,  Imnh  ul  feasibility  and  weight 
This  concept  [  rove/l  to  b,  ,,v,,r  fio o  lbs,  heavier  than  the  origin,1' 

I  ’lift  no  tl  A  ejector  mainly  be,, •ins,:  of  tits  a*  lioitlun  system.  I .  mg 
tile  study,  however,  many  ild  v  outage  s  Warn  lores,  on  hi  (lie  octagonal 
shape.  An  optimization  ij tody  was  then  Initialed  which  combined  die 
la1  Ifi.ltui'ca  i/I  la, lb  e ji-c'.ur  Icaigns  and  alto>  till  orpi, ruled  boiim  new 

i.  olti  i-pf  u  , 
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b .  Octagonal  Ejector- Refers  a  r  "Fixed  Shroud" 

This  lorrn  "fixed  shroud"  an  used  in  Ibid  Hection  indicates  (hat  Die  en¬ 
tire  shroud  (Ioub  not  rnovo  or  translates.  However,  a  portion  of  the 
ahroud  has  variable  geometry  capability. 

An  octagonal  ejector- ravomnr  duuign  incorporating  internal  variable 
geometry  at  the  forward  part  of  the  shroud  evolved  from  the  preceding 
studios.  Tills  design  was  directed  toward  improving  tins  origine/airf rnrnc 
InttUilluLion,  toward  more  efficient  utilization  of  energy  available  from 
(he  engine  and  secondary  air  iilrenrmi ,  and  toward  reduction  of  minimum 
wrap. 


In  the  Boeing  Installation,  it,  been rno  noeer.iunry  to  reduce  the  busio  drag 
area  between  the  ejector  and  the  wing.  The  octagonal  ejectin',  with  its 
flat  allien,  offered  thtv  poa nihility  of  « lit i roly  allminnl ing  the  objec¬ 
tionable  base  drag,  A  design  study  wa«  iherni'ore  made  which  iippileij 
the  octagonal  ejector  concept  to  the  round  Pima  a  I„IA  iijoctor  - toviiraer , 
Thin  gludy  included  the  Unaing  canting  requl riwuynt » ,  Tin?  il>»!flign  hi 
aiu.wn  in  Figures  2A*2Q2, 

(I, )  General  Oe  script  ion 

Comnjplually ,  the  OClnROiittl  eject  ,or»  rnvarsar  in  similar  to  the  Phase 
HA  dioilpn  In  that  the  system  Incoi  porafim  a  net  of  Mow-In  doors  , 
trailing  oil  go  tliipn,  Uiftlrtl  revernai  llupn,  and  .1  slruclnial  uhroiid 
MLtaditui  to  tho  angina  by  integral  axial  strut*.  In  addition,  the  »yn” 
tom  Inr.orporuUM  second  ary  airflow  Control  puna is.  These  pane  In  re- 
fh|io  the  gap  between  the  ejector  shroud  leading  edge  end  Ihe  duel 
heater  nozzle  Haps  doling  cruise  lo  milt/, w  more  nffuiisiitly  the  secon¬ 
dary  arid  primary  air  Btraurmi,  Tho  dilte  ranees  between  the  Phase  UA 
i»J #;<*!'.■  r  d«a ig»j  and  *h<!  ah ovt:  dcsitf!)  and  rsvia ions  to  this  duct  iicalor 
riorr.lt;  are  disc  us  fled  tft  the  following  paragraphs,  The  matfirial  ri»» 
l|C.i  I'umerd «  of  both  designs  mo  eimihir. 


(a)  Duct  Huato?  Nozzle  •  Tbz>  octagonal  eJ«clor« reverfiru  c  one  apt  ru. 
quli'en  that  the  primary  and  duct  hauler  nozzle  p  lanes  ha  ociiigonal  in 
shape.  The  duct  heaiet  nozzle  consists  .it  It  largo,  fiat  pn  ids  hinged 
to  the  duct  cams,  Mach  panel  forms  one  Hide  of  an  eight-sided  1 1  uncuted 
py  r  timid  with  the  smaller  orirt  forming  the  nozzle,  The  varying  gape 
bat  WO- It  the  flupa  are  aonleil  with  shntii  metal  segments  wills  1 1  lie 
hinged  to  the  duct  rasa  find  interlocked  with  logo  along  the  oilnn  of  ad¬ 
jacent  flaps  . 
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The  nozzle  actual'on  ayitlem  was  similar  to  the  Phase  IIA  deMign.  hut 
was  revised  to  make  it  more  Compact .  One  <>l  llu*  dmi  tj*n  object!  ves 
v.  an  to  reduce  lha  radial  distance  between  the  O.L',  nj  the  duct  healer 
i  .if  c  and  I  he  outer  surface  of  the  ejector  longitudinal  support  struts  to 
permit  the  use  oi  a  xm;  Her  ejector  reverse  r  equivalent  diameter. 

This  was  ,'p  <  nni| dished  by  placing  the  nozzle  actuators  ait  <>l  the  rear 
mount  ring  as  close  as  possible  to  the.  uucl  heater  case  O.D.  and 
moving  the  unison  ring  and  support  struts  t  lo»6r  to  (Tie  duct  heal  or 
tare,  The  structural  ring  at  the  nozzle  hinge  plane  wan  incorporated 
into  the  hinge  support  structori"  and  r  onnei't  e>i  to  ij,e  longitudinal  • ;  1 1  p  ■- 
port  struts  by  xhoii  .radial  tie  n. embers  . 

Moving  tins  ring  inward  and  rhat  ginp,  d-i  » ha  pe  from  «  i  rcula  i  In  ie.  t  a  jp.irui  I 
pei'lmfled  the  blow-iti  (loot'll  and  the  other  <  ompnnr  nl  a  of  the  ejector 
l'<  be  moved  inward  whale  still  Hal  Inlying  l Is c  ae. rurly liiimii:  blow-ill  door 
flow  arms  reqii  i  rnmcnl  a  .  will;  lOiiulliiig  ui/.iv  .mil  wuiglit  advannigCH 

i'hr  Haps  are  .ictualml  by  eight  Ityrli  untie  pistons  which  move  the  uvdsnn 
ring,  lh  is  ring  is  thrii  coupled  to  bitll  rank  lihkagrs  which  in  luru 
move  the  llaps,  Tl.e  UIiIhoii  ling  distributes  1  hn  act  uni  lug  loads  1 1 1  *  i  - 
to rmiy  and  Iiimirert  propor  functioning  of  the  nozzle  flaps  m  the  irvmn 
ol  n  s  y  tnmfil  r  ieit  I  loading,  Tltti  hydraulic  art  uitoi's  are  pi  n  ■  mount  ed 
In  hrael'eln  ulluilied  to  the  axial  struts. 

'flu  imiaoti  ring  la  a  almri  nhool  metal  cylinder  si  ii  fened  ,d  ifoth  riitlit 
by  s  f|lta  r  r?  f  i  os  n  -  s !’  I  t  i  oil  rings,  I'i!  glil  sets  ol  rollers  al'e  equally 
npaccifl  fii'iiUhd  the  oulBidn  of  I  lie  ring  and  are  allarlird  to  the  a  t  il  I  e  r/tllg 
rings  i  These  l'nllnra  straddle  thv  isjnclor  shroud  su|  port  struts  and 
pi  liliilul  i  l !'  aimte  rent  ial  imillon,  while  pe  i  mil  I  mg  axial  motion  ill  the 
ring  with  low  friction,  The  roller  system  is  designed  In  prevent  corking 
and  binding  ol  Ihn  ring  wlinit  subjected  to  asymiuetrii  a|  loading.  inte¬ 
gral  flanges  uti  I  lie  axial  support  xtrtts  guide  the  tullorii, 

(h)  I',  j  ec  1 1)  r  -  It  e  ve  in  e  r  Slirnitd  ••  The  octagonal  shroud  in  lb«  a  I  rue  I  ti  ra  I 

ami  load  t  la  i  is  m  U 1 1 1 1  y  cmopoaelil  ol  the  ejector  system,  It  provides 
storage  and  support  for  llte  secondary  atrilow  control  panels,  the 
leynrtiei'  llapa  a  Oil  their  artualloii  inio  n/,  n)s  in  ,  and  u  I  t.'i'lilrieiil  tor  the 
trailing  edge  llapa,  !i  l  r  le  l  U  r  a  1 1  y  ,  lltr  rill  l  oud  coliS  lA  f  n  ol  a  tsi'W.I  I  i|  and 
alt  oi  lagonal  l  ing  jollied  by  flat  panels  lurming  the  older  mirlace  ■  1 1 
the  shroud.  I  hc  nhroud  is  allai  lied  to  the  engine  nrii'  liy  eight  trap 
e  /  o  i  i  la  I  i  i  oa  ii  s  e  i  1 1 1  ill  ii  t  r  III  s  ,  I  It  i*  s  uppo  |'I  'I  t  I  III  I|  contain  III'!  !,■'!  silll.i  I  y 
airflow  .  iiolriiJ  panel  a*  luators  and  the  blow-in  dour  pi  sllioni  ug  links. 

I<  e  1  lio',  n  1)1  P  utiniliij.il  panels  fiulii  the  iiutc'l  sui'faia-  oi  the  allot  a  ml 
allow  access  to  the  Interior  ol  I  he  strut.  I.lps  on  I  lie  milsi  edge:,  nl 
I  i  i  e  s  i  j  opt  '  r  I  cl  I  i  j  I  a  .opt  ilia  I  end  tug  edge!  1 1 1  ! ,  j  1-  skimp)  p i  o \  i i ie  i  j  j  ,|  ■<,  I  I 
|oj'  the  edges  ol  1 1  ■  •  •  blow-iti  doors. 
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(c)  Secondary  Airflow  Control  Panels  -  In  the  Phase  I1B  study  ,  it  was 
determined  that  for  the  high  Mach  number  cruise  Condition  some  means 
of  controlling  the  gap  between  the  duct  heater  nozzle  flaps  and  the 
leading  edge  of  the  ejector  shroud  should  be  incorporated  to  insure 
maximum  thrust  benefit  from  the  secondary  airflow.  This  is  accom¬ 
plished  by  incorporating  movable  folding  panels  which  in  the  retracted 
position  form  the  leading  edge  of  the  ejector  shroud.  The  panels  are 
extended  by  an  arm  which  is  rotated  by  a  torque  tube  connected  In  an 
actuator  within  the  support  struts,  The  arm  positions  a  cam  attached 
to  the  rear  panel  and  is  connected  to  the  forward  panel  via  a  push  rod. 
In  the  extended  position,  the  arm  rides  in  the  cam  slot  and  maintains 
the  rr-ar  panel  in  a  fixed  position.  By  modulation,  sufficient  force  is 
supplied  to  the  forward  panel  to  maintain  contact  with  the  spacer  cam 
on  the  duct  heater  no  c  flap.  This  provides  an  almost  constant  area 
for  secondary  air  flow  during  cruise.  The  cam  has  been  set  up  lo 
allow  the  forward  panel  to  follow  the  duct  heater  nozzle  through  a 
nozzle  variation  of  +5%  to  -  I  5  />  of  nominal  nozzle  area  required  for 
Mn  2.  7  cruise.  If  the  nozzle  area  exceeds  +*»%,  the  secondary  airflow 
control  panels  will  automatically  retract  Into  the  leading  edge  of  the 
shroud, 


(cl)  Biow-In  Doors  -  Right  blow-in  doors  are  I  *ealerl  around  the  ejector 
periphery  ahead  of  the  shroud  and  between  the  support  struts.  During 
normal  operation,  the  blow-in  doors  arc  sell •  actuating  (free  floating), 
fly  low  Mach  1,0,  tlic  doors  are  generally  open,  and  above  Mach  1.1 
the  floors  are  closed.  During  rovers  or  operation  the  doors  are  nor¬ 
mally  h i"  1<  1  open  to  oxluui'-t  the  reversed  gases,  but  selected  doors  can 
be  o lowed  to  prevai  l  impingement  of  hot  gases  on  vita)  airframe*  strut’ • 
hi  r<-s  , 

Kacb  blov, -in  door  is  lubricated  of  a  forward  and  a  roar  section  which 
iini  hi iige f)  together.  The  use  of  two  sections  allows  the  doom  to 

appi  *>y»»  w»l«»  angles  tor  inlet  I  low  and  yet  return  to  u  cloned 
configuration  for  a  it  parsonic  flight,  providing  a  a  m  until  I  y  faired  nocello. 
Port  it  ions  of  the  doors  arv  coni  rolled  by  tin*  linkage  system  shown  in 
Figure  2 A- 202,  (links  A, ft,  aim  <J).  1mm  Ihonc  door  a  which  remain  op«*n 
during  reversing,  links  A,  H.  and  C  are  i nte* iconnccf ed ;  and  for  the 
dot, is  which  are  hold  closed  during  if vc  r*i  ing .  only  links  It  and  C  are 
interconnected,  with  link.  A  acting  only  an  a  positioning  cam,  For 
forward  flight,  link  A  ir,  .iold  In  the*  position  shown  and  provides  u 
"ground"  point  for  the  linkage  system,  lids  allows  the  blow-in  floors 
to  vimjI',  any  equilihiiim*  poHiimn  from  full  i.IohkiJ  lo  full  open,  The 
link  system  lias  linen  set  so  that  the  rear  section  rotates  through  its 
travel  proportionally  faster  than  the  forward  panel.  For  the  doors 
that  are  open  ilnniii;  reversing,  link  A  rotates  to  the  reverse  position 
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pulling  links  B  and  C  with  it.  The  action  forces  the  forward  door 
closed  and  opens  the  rear  panel  providing  further  reverser  area.  The 
linkage  geometry  allows  adjacent  doors  that  are  open  for  reverse 
operation  to  overlap.  I'his  provides  sufficient  reverser  area,  without 
interference  between  the  sides  ol  the  doors  at  their  trailing  edges, 

Thu  sharp  break  at  the  panel  joint  provides  an  aerodynamic  trip  which, 
keeps  the  reverser  gases  from  attaching  to  the  nacelle  skin  and  being 
rt  ...gostod  by  the  inlet.  For  the  doors  that  are  held  closed  during 
reversing,  link  A  rolate3  to  the  position  shown  to  close  the  forward 
door,  while  links  B  and  C  close  the  rear  floor.  Link  A  is  operated 
by  a  torque  tube  actuated  by  a  hydraulic  cylinder  within  the  strut. 

This  also  is  shown  in  Figure  2A-202,  Sections  D  and  E. 

Operation  of  the  blow-in  duurs  is  sequenced  with  the  action  of  Lhr> 
ro  versur  panel;,  through  hydraulic  valves,  i.  e.  the  blow-in  doors 
assume  their  reverse  positions  before  l he  valves  permit  flow  to  the 
actuators  which  provide  operation  of  the  reverser  panels, 

(e)  Thrust  Reverser  -  The  reverser  concept  considered  is  identical 
to  the  Phase  IIA  design,  except  the  actuators  are  positioned  within 
the  shroud  rather  than  within  the  axial  struts.  The  articulated  flap 
design  is  capable  of  ground  or  inflight,  reversing  rind  null  th-usl,  arid 
also  to  targeting  control  on  the  ground  to  prevent  the  exhaust  jot 
from  stroking  vulnerable  objects.  These  functions  an  achieved  by 
activating  thf  reverser  flaps  in  unison  or  singly,  either  fully  or 
partially  as  required, 


The  i- over  Her  flap  assembly  consists  of  a  main  Hap,  a  tip  flap  {not, 
shown  In  Figure  2A-202)  Incorporating  n  cascade  similar  to  the  Phase 
1I-A  ejector,  an  A-frame  link  which  attaches  to  the  main  flap,  it  link 
Loin  iiiu  A  -train  ■>  in  tin;  tip  flap,  two  adjustable  stabilizing  links  from 
the  A-frame  to  the  roar  ring  of  the  shroud,  and  an  actuator  link  from 
the  A-frame  to  a  track  and  roller  assembly  which  guides  the  median  ism 
ami  tliu  actualoi  ,  The  hinge  line  of  tius  tip  flap  io  canted  to  ret  ract  the 
panel  along  the  actuator. 


Each  flap  is  operated  separately  by  its  own  actuator.  Incorporated  into 
tile  actuator  Is  an  inflight  loci-  mec  haul  mn  to  hold  the  (laps  in  tin; 
retracted  position  when  licit  in  use.  'I  lie  lot  king  mechanism  consists 
ol  a  locking  pin,  piston,  and  spring.  The  pin  engages  a  groove  in  the 
head  of  the  piston  to  lock  the  piston  ill  place.  The  locking  Hi  roki;  and 
holding  load  is  provided  by  the  up  ring,  lien;  e,  if  hydraulic  pressure 
is  lost,  the  reverser  Hups  will  remain  )■  i  d  in  the  slowed  position. 
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When  tne  actuator  is  pressurized,  the  pressurizing  fluid  (fuel)  enters 
the  locking  pin  piston  and  disengage.,  the  pin.  At  the  same  time,  the 
piston  opens  the  port  to  the  actuator  cylinder.  A  control  vnlve  in  the 
locking  cylinder  ensures  that  the  locking  pin  is  removed  before  the 
actuato.  is  pressurized. 

An  important  characteristic  of  the  articulated  flap  design  is  that  the 
tip  flap  is  rapidly  extendi  d  and  retracted.  Hence,  the  major  segment 
of  the  rovers cr  is  nearly  fully  extended  before  the  tip  section  protrudes 
into  the  gas  stream.  This  design  permits  the  reverser  flaps  and  ac¬ 
tuating  mechanism  to  be  subjected  to  lower  stre  sses  during  extension 
than  would  be  encountered  if  the  tip  were  extended  earlier. 

Loading  from  the  reverser  flaps  is  transferred  to  the  ejector  shroud 
at  the  forward  ring  through  the  flap  hinges  and  through  the  link  to  the 
roller  and  track  assembly  mounted  in  the  shroud.  Loading  is  trans¬ 
ferred  to  the  rear  ring  through  the  stabilizing  links  of  the  mechanism. 
These  links  are  located  so  that  the  load  reaction  is  taken  throng)*  the 
shear  section  of  the  rear  ring,  Maximum  loading  occurs  when  the 
flap  is  fully  extunded  and  the  flap  and  link  mechanism  is  at  it')  maxi¬ 
mum  mechanical  advantage.  Maximum  stresses  occur  in  the  flaps  at 
tile  attachment  to  tine  links  and  at  the  hinge  fittings.  Tile  maximum 
stress  in  the  A-frame  is  bonding,  whereas  the  maximum  stress  in  the 
other  links  is  compressive. 

One  important  feature  of  the  reverser  system  1b  its  ability  to  deflect 
the  exhaust  jut  by  actuating  only  a  portion  of  the  thrust  reverser  flaps 
l.o  protect  vulnerable  areas  from  engine  exhaust  gases  during  reversing. 
A  mechanical  lock  in  the  actuator  can  be  supplied  to  hold  the  reverser 
flap  In  a  partially  uxtendod  position  for  deflection  purposes,  Thu  ex¬ 
haust  deflection  capability  adds  no  appreciable  weight  to  the  exhaust 
system. 

Another  important  feature  of  the  reverser  is  the  cascade  contained  in 
the  articulating  flap.  This  cascade  spoils  the  forward  thrust  compon¬ 
ent  produced  by  the  hot  inner  engine  gas  stream.  The  hot  gases  are 
deflected  against  the  inner  nozzle  wall  during  reverse  operation,  while 
the  cooler'  fun  air  is  discharged  forward  through  the  open  blow-in  doom. 
This  minimizes  Hie  tempera  lure  of  any  exhaust  gas  which  might  be 
ruingoBled, 

(l)  Trailing  Edge  Flaps  -  Eight  trailing  edge  trapezoidal  flaps  aro 
attached  to  the  rear  ring  of  (tie  ejector  shroud,  The  free-floating 
flaps  arc-  actuated  by  t lie  pressure  dilferciiuul  on  their  inner  and 
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outer  surfaces  and  vary  the  exit  nozzle  area  within  preset  limits. 

The.  i)  to*  -ire  .synclironizec  through  paired  radius  arms.  The  arms 
a  re  hinged  to  adjacent  Hap;;  near  the  flap  hinge  at  the  forward  end 
and  to  each  other  through  :■>,  ball  joint  at  the  rear  end.  This  synchroni¬ 
zation  insures  unified  motion  of  the  eight  flaps  and  maintains  an 
aerodynamically  symmetrical  nozzle  even  against  side  gust  loads. 
When  fully  extended,  the  flaps  are  restrained  by  liebolts.  At  the 
maximum  inner  position,  the  flaps  rest  against  forged  stops. 


Sealing  between  adjacent  flaps  is  accomplished  by  a  modified  H  section 
seal  positioned  centrally  between  the  flaps  by  pins  on  the  radius  arm 
ball  joint  and  a  hinge  at  the  forward  end. 

The  octagonal  ejector-rever eer  with  flap  control  of  secondary  air 
offered  a  performance  improvement  relative  to  the  Phase  II-A  design, 
however  it  was  still  mechanically  complex. 

c .  Octagonal  Ejoctor-Reverger  "Translating  Shroud" 

From  the  continuing  studies  and  more  detail  engine  design  a  new  ejector 
configuration  evolved.  It  consisted  of  an  octagonal  blow-in  door  ejector- 
reverscr  with  a  translating  shroud. 

Tills  configuration,  as  shown  in  Figure  2A-203,  had  shortened  blow-in 
doors  which  "tuck"  behind  the  fan  duct  nozzle  hinge ,  allowing  maximum 
blow-in  door  area.  The  translating  feature  allowed  the  use  of  separate 
cascades  for  reversing,  thus  eliminating  the  blow-in  door  actuation 
system  required  for  reversing.  In  addition,  the  ejector  throat  was 
moved  forward  and  made  smaller,  providing  a  means  for  more  efficient 
secondary  air  control  at  supersonic  cruise.  The  trans baling  shroud 
served  us  a  synchronizing  ring  to  position  the  revoraer  doors,  and  the 
octagonal  shape,  combined  with  the  translating  feature,  allowed  a 
"balanced  flap"  reverscr  door  design.  The  high  rovers er  loads  were 
transmitted  by  links  to  the  fixed  structure,  reducing  actuation  loads  to 
a  point  where  only  "failsafe"  requirements  dictate  the  actuation  force. 

A  new  synchronized  trailing  edge  flap  concept  was  incorporated  to  con¬ 
ned  the  corner  flaps  mechanically  to  the  flat  flaps  by  a  universal  joint 
system.  In  addition,  a  damping  scheme  was  devised,  using  a  fluid 
powder  dash-pot  system  to  prevent  flutter  a7id  to  act  as  a  mechanical 
atop  to  limit  flap  positions  to  the  desired  inner  and  outer  limits, 

'1  he  fixed  support  structure  was  changed  to  a  crofisbraced  framework 
with  a  rigid  end  ring.  Thu  struts  extend  forward  from  this  framework 
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and  are  connected  by  ball  joints  to  the  engine  mount  ring.  This  system 
eliminated  strut  bending  at  the  attachment  points  and  a  second  stiff 
ring  at  the  fan  nozzle.  It  also  allowed  the  struts  to  become  pure  ten¬ 
sion,  compression  members.  The  crossbracing  at  the  aft  end  of  the 
structure  transmits  ejector  loads  uniformly  to  all  the  struts.  The 
translating  shroud,  being  rigid  itself,  applies  loads  to  the  structure  at 
the  roller  points  which  are  within  the  crossbraced  section,  thereby, 
reducing  bending  loads  on  the  struts  to  short  span  sections.  The  links 
on  the  reverser  doors  apply  the  reverser  load  normal  to  four  of  the 
eight  sides.  This  eliminates  bending  in  the  end  ring  as  the  alternate 
sides  are  only  in  tension. 

d .  T ranslating  Shroud  and  Cascade  Ejector-Reverser 

Before  detailed  layout  studies  could  be  started  on  this  ejector,  the  en¬ 
gine  airflow  size  was  decreased  from  700  Ib/sec  to  650  lb/sec,  reducing 
the  ejector  equivalent  diameter.  Analytical  studies  of  ejector  perform¬ 
ance  were  made,  and  a  new  set  of  aerodynamic  requirements  dictating 
the  ejector  shape  were  complied  with.  The  final  result  was  a  3-position 
shroud  configuration;  supersonic  cruise,  subsonic  cruise,  and  reverse. 

To  achieve  thia  and  still  retain  complete  control  over  reverser  flow 
targeting,  the  cascades  in  the  shroud  were  made  moveable  and  trans¬ 
lated  opposite  to  the  shroud  movement  so  as  to  provide  the  proper  open 
cascade  area  in  the  region  normally  occupied  by  the  open  blow-in  doors. 
This  was  accomplished  by  a  double  rack  and  idler  pinion  mounted  be¬ 
tween  struts.  This  corif;guration  is  shown  schematically  in  Figure  ZA-204 
with  details  of  the  rack  and  pinion  arrangement  in  Figure  2a- 205,  and 
details  of  the  actuation  system  in  Figure  2A-206.  The  engine  general 
arrangement  drawing,  Figure  2A-0,  also  shows  the  shroud  in  three 
poa itionB  . 

A  full  size  detail  layout  was  made  incorporating  this  new  translating 
cascade  feature.  Also,  a  1/4  scale  working  model  was  made  to  pro¬ 
vide  a  three-dimensional  check  on  the  design  concept  and  to  show  the 
operating  principles.  Photographs  of  the  model  are  shown  in  cruise 
position  (Figure  2A-207),  loiter  position  (Figure  2A-208),  and  reverse 
position  (Figure  2A-209  and  2A-210), 

(!)  General  Description 

The  system  incorporates  a  crossbraced  octagonal  strut  framework 
supporting  a  translating  shroud  assembly  and  the  free  floating  blow- 
in  doors.  The  translating  shroud  assembly  consists  of  the  reverser 
doors,  reverser  cascade,  and  the  free  floating  trailing  edge  flaps. 
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(a)  Support  System  -  Eight  crossbraced  struts  of  the  stationary  frame¬ 
work  form  the  support  for  the  ejector-reverser  assembly.  Each  strut 
is  trapezoidal  in  cros s -section ,  and  occupies  10  degrees  of  circum¬ 
ference.  Lips  on  the  outer  edges  of  the  struts  provide  support  and 
sealing  for  the  blow-in  doors  ,  and  add  an  additional  degree  of  blockage 
making  a  total  circumferential  blockage  of  88  degrees. 

The  struts  provide  roller  tracks  for  the  translating  shroud  and  reverser 
cascade.  The  shroud  actuators  are  housed  inside  the  struts  and  are 
cooled  by  small  amounts  of  secondary  air  which  bleed  through  the  strut 
passages . 


(b)  Shroud  -  The  ejector  shroud  contains  the  reverser  system  and 
floating  trailing  edge  flaps.  The  internal  shroud  surface  is  composed 
of  a  lightweight  liner  "floating"  on  a  skeleton  structure.  Thermal 
problems  are  minimized  because  the  liner  shields  the  shroud  assembly 
and  is  free  to  expand. 

An  end  ring  attached  to  the  shroud  framework  provides  an  attachment 
point  for  the  floating  trailing  edge  flaps.  The  outer  skin  is  also 
attached  to  the  shroud  framework  which  rolls  on  the  strut  surfaces  to 
provide  translation.  The  roller  supports  are  positioned  to  assure  that 
all  loads  are  transmitted  to  the  rigid  framework  allowing  the  outer 
skin  to  be  a  lightweight,  simply  supported  shell. 


( c )  Actuation  System  -  The  actuation  system  for  shroud  translation 
and  reverser  door  operation  consists  of  three-position,  hydraulic 
actuators  mounted  on  ball  joints  at  the  rod  end  of  each  actuator  housing. 
The  ball  joint  connects  to  the  aft  end  of  the  struts,  with  the  rod  connected 
to  the  end  frame  of  the  translating  shroud.  The  actuator  body  is  housed 
entirely  within  the  strut.  The  actuators  are  fabricated  primarily  of 
AMS  5643  stainless  steel  to  provide  the  proper  strength  and  wear 
characteristics.  Fuel,  cooled  by  a  continuous  recirculation  system, 
is  supplied  to  the  cylinders  from  the  augmentation  control. 

Sealing  is  accomplished  by  a  two-section  shaft  seal  with  a  drain  be¬ 
tween  the  sections.  The  seal  housing  protects  the  '-.eals  from  high 
temperatures  by  recirculating  fuel.  The  seals  are  protected  from 
contaminants  by  a  cast  iron  bushing  which  has  two  grooves  to  trap 
contaminants.  The  actuator  cylinders  and  sea!  housing  are  designed 
to  withstand  fluid  pressure  surges. 


P/ktjf*  NO  2 A- 1 39 


»»  ■  •  I  ** 

«»>»»  l|  i»»“* 

frw  a*  f  mm  ‘t 


CONf*l5>«WT»AL- 


rratt  A  whitnev  Aircraft 


CONFIDENTIAL. 


PWA-2600 


'  '  Reverger  Doors  and  Cascade  -  The  reverser  system  consists  of 
sie  reverser  doors  and  the  cascade.  Four  large  doors  comprise  ap¬ 
proximately  75  percent  of  the  blocked  area,  and  four  small  doors  make 
up  the  remaining  25  percent.  The  doors  are  hinged  aft  of  the  minimum 
shroud  diameter  and  are  rotated  into  position  by  connecting  links.  The 
links  are  attached  to  the  doors  slightly  below  the  door’s  center  of  pres¬ 
sure  in  the  reverse  condition.  The  other  end  of  the  link  is  guided  in  a 
track  attached  to  the  shroud  framework.  This  allows  the  shroud  to 
translate  initially  with  no  reverser  door  movement.  The  link  end 
buttons  into  the  fixed  framework  {  when  shroud  translation  to  the 
reverse  condition  is  accomplished),  and  rotates  the  doors  into  the 
reverse  position.  The  cascade  is  essentially  in  position  before  any 
appreciable  amount  of  the  stream  is  reversed,  thus  insuring  correct 
targeting. 

The  translating  cascades  are  supported  on  rollers  and  mounted  between 
adjacent  struts  .  Each  side  of  the  cascade  has  an  integral  rack  running 
the  full  cascade  length.  An  idler  pinion  is  mounted  on  the  side  wall 
and  is  driven  by  a  rack  attached  to  the  shroud  framework.  This  ar¬ 
rangement  permits  balanced  blow-off  loads  between,  the  shroud  and 
reverser  cascade. 

(e)  Blow-in  Doors  -  Eight  free  floating,  double  hinged  blow-in  doors 
are  attached  to  hinges  on  the  rear  engine  mount  and  are  supported  in 
the  closed  position  along  their  full  length  by  lips  on  the  strut  edges. 

The  door  is  fabricated  from  honeycomb  material  with  reinforced 
hinge  and  trailing  edge  sections.  Stops  are  provided  to  limit  door 
travel  when  opening,  and  at  maximum  open  position  the  doors  rest  on 
supports  just  ahead  of  the  fan  nozzle  attachment  point.  Air  leakage 
around  the  door  periphery  is  minimized  by  a  flat  sealing  surface  around 
the  doors . 

(f)  Trailing  Edge  Flaps  -  The  trailing  f:dge  flap  assembly  consists  of 
eight  flat  flaps  and  eight  corner  flaps  interlocked  at  each  joint  with 
seal  faces  integral  with  the  corner  flaps.  Each  flap  is  separately 
hinged  to  the  main  shroud  structure,  and  the  entire  assembly  is  syn¬ 
chronized  so  that  movement  of  one  flap  will  drive  the  adjacent  flaps. 

Individual  flaps  are  of  akin  and  shear  web  construction  with  inner  and 
outer  surfaces  free  to  move  relative  to  one  another  for  thermal 
differential  expansion. 

Several  damping  schemes  are  currently  being  investigated  to  insure 
that  flap  "flutter"  will  not  occur  during  floating  flap  operation. 
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(2)  Materials  Selection 

Materials  selected  for  the  ejector  nozzle  and  reverser  provide  1  ght 
weight  and  maximum  strength  ir  the  required  areas.  The  materials 
are  summarized  in  the  listing  nelow: 

Limiting 


Item 

Material 

Stress 

Translating  Structure 

Was  pal  oy 

Creep 

Inner  Shield 

Hastelloy  X 

Cre 

Outer  Skin 

Titanium 

Yield 

Floating  Flaps 

Waspaloy  and 

Creep 

Has  telloy 

Creep 

Cascades 

Waspaloy 

Yield 

Blow-in  Doors 

Titanium 

Yield 

Reverser  Doors 

Waspaloy 

Yield  or 

Stress  Rupture 

Support  Structure 

Waspaloy 

Buckling 

(3)  Operation 


During  supersonic  and  cruise  operation,  the  shroud  is  in  the  forward 
position  for  optimum  expansion  of  the  engine,  fan  and  secondary  air 
gas  streams.  The  blow-in  doors  will  be  closed  and  the  trailing  edge 
flaps  will  be  in  the  maximum  open  position,  For  iLight  operation 
below  Mach  1.3,  the  shroud  is  translated  rearward  to  the  mid-position, 
and  the  cascade  moves  forward  to  direct  external  air  to  the  interior 
of  the  ejector,  along  wit.  the  blow-in  doors.  When  less  than  the 
maximum  area  is  required,  the  blow-in  doors  are  partially  or  fully 
closed  as  the  flight  condition  requires. 

The  position  control  need  only  be  a  two-position  type  (excluding  rever¬ 
sal)  sensing  flight  Mach  number.  During  this  condition  the  trailing 
edge  flaps  will  be  in  the  closed  position. 

For  reverse  operation  the  shroud  is  translated  an  additional  distance 
aft  by  a  signal  from  the  pilot  to  position  the  reverser  do;  rs  and  cas¬ 
cade.  As  soon  as  reverse  flow  is  established  the  blow-in  doors  close, 
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and  check  valves  prevent  forward  flow  of  the  hot  gas  stream  in  the 
secondary  air  passage. 


(4)  Design  Features 


Several  unique  features  have  been  incorporated  into  the  ejector- 
reverser  design  to  produce  an  efficient  exhaust  nozzle  system,  The 
octagonal  shape  was  selected  to  permit  minimum  thickness  at  hinge 
lines,  easy  fabrication  of  parts,  improved  installation  characteristics 
relative  to  the  airframe,  and  reduced  complexity.  The  system  of 
cross  braces  and  octagonal  sections  provides  a  stable  support  system 
with  short  axial  members  whose  trapezoidal  box  section  provides 
adequate  buckling  margin  and  torsional  strength.  The  translating 
shroud  concept  permits  good  aerodynamic  performance  over  the  range 
of  flight  conditions  and  simultaneously  provides  a  simple  method  of 
obtaining  thrust  reversal.  The  translating  shroud  eliminates  the  need 
for  a  separate  unison  ring  by  uniformly  transmitting  actuator  loads  to 
the  reverser  flaps  and  cascades,  even  in  the  event  of  an  actuator  fail¬ 
ure. 

The  design  also  provides  a  failsafe  feature  in  that  should  failure  occur, 
the  shroud  will  assume  a  forward  flight  position  with  only  small  losses 
in  performance.  The  translating  concept  and  cascade  reverser  also 
allows  greater  target  capabilities.  Portions  of  the  cascade  may  be 
blocked,  and  tho  cascades  may  have  directional  vanes  added  to  them 
to  alter  the  issuing  flow  to  a  direction  other  than  radially  outward. 

All  sketches  shown  are  for  uncanted  nozzles',  however,  some  prelimi¬ 
nary  investigation  has  been  completed  on  canted  nozzles.  Canting  may 
impose  aerodynamic  and  mechanical  problems.  Cooling  problems 
which  arise  from  hot  gas  flow  impinging  on  duct  walls  at  bend  locations 
will  require  local  cooling  control  (baffles  and  orifices)  to  increase 
cooling  air  flow  where  needed. 

The  reversed  flow  for  this  design  may  be  discharged  out  of  any  of  the 
eight  flat  segments.  With  two  panels  beneath  the  wings  blocked,  the 
flow  is  distributed  around  six  segments,  Proper  positioning  of  the 
panels  allows  approximately  50  percent  of  the  reverse  flow  from  two 
segments  of  the  reverser  cascade  in  installations  where  this  might 
be  a  requirement. 
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(5)  Cooling 

The  ejector- rovo  r»  n  r  will  bn  cooled  at  Cruise  coiubl  Imm  by  mint  nr 
secondary  air  and  at  loiter  flight  condition!!  by  air  entering  through 
the  blow- in  doors.  In  both  cooling  molhnds  air  outers  upsf  roam  of 
the  throat  and  film  cools  the;  throat  and  tail  fnathni-n,  Mot.il  tempera¬ 
tures  can  therefore  bo  maintained  within  roallnlb;  limit  a. 


During  reverBing,  the  temper  alum  of  llnj  ejector- rovevser  will  hot 
exceed  cruise  metal  iGniporatiirou  because  of  the  lower  Iml  gas  Ida- 
peratureu  and  the  relatively  short  duration. 


O tlior  Ejoctnr-Rcvernnr  Concepts 


Other  concepts  studied  included  a  ton  flap  artlculatad  njnetor,  a  blow- 
in  door  rovers er  with  a  translating  interna)  plug  to  act  «a  the  fan  duct 
nuzzle,  and  several  design*  using  vatloun  methods  of  changing  the 
ejector  Inner  wall  contours .  Woight,  Hauling,  mechanical,  and  per¬ 
formance  deficiencies  eliminated  those  concepts  front  further  con¬ 
sideration  . 


15,  ASSEMBLY  OF  MAJOR  COMPONENTS 


a,  Fan  Ab  Horribly  (.See  Figure  A  A  -  <d  1  I ) 

The  fan  stages  arc  assembled  from  the  intermediate  cnoa  forward  and 
may  be  assflinbled  either  vertically  or  horizontally,  provided  prop.-  r 
fixturlng  ie  provided. 

A  separate,  removable  splitter  nose  i»  provided  for  splitter  nose  angle 
adjustment  during  development.  Tills  nose  1»  bolted  h»  Ihe  tan  exit 
guide  vane  assembly  before  this  assembly  Is  attached  to  Ihe  ini <_  nnodiale 
case  by  indexing  and  rotating  the  vane  and  splitter  sub-assembly  into 
the  .dotted  into r it. ed iate  cane  splitter  flange.  Ihe  shroud  and  outer 
case  Bcetiona  are  then  bolted  to  the  intermediate  coho  linage.  The 
second  stage  disk  Is  snapped  onto  the  front  hub.  Thu  front  outer  case 
section  is  slipped  over  the  front  shroud  case,  which  contains  rivaled- 
in  first  stage  vanes,  prior  to  assembly  with  the  other  casus,  'I  ho  firMt 
Stage  disk  and  the  mount  ring  may  then  bo  Installed. 

Note  that  with  the  mount  ring  removed  and  u  fixture  holding  the  shall 
concentric  with  the  outer  cases  and  the  cases  concentric  with  each  other, 
the  fan  section  may  be  removed  ae  a  unit  leaving  only  the  dm  !  and  fan 
stators  attached  to  the  intermediate  case. 
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h,  tnlc  rmodiatr  %.^,U^2LiS 'My, 

The  inlorniedlai*?  tnuo  in  nniinmhh’d  as  it  Me para  in  component  ns  folluwn: 
'I  lif  a  i  1 1  rame  power  tajuj  Mifi,  main  gnu i* box  |»ow»r  Inko -off,  and  N  | 
tn  Clio  me  I  e  r  -  run  vpnjjc  pump  driven  nro  i  n  t>  l  a )  1  a  c!  Into  tins  ennq,  Th«i  N2 
forward  miilri  engine  Ihrurit  lion  ring  and  mar  un;il  .in«e  rnbly  l«  mountnrl 
mi  a  romovnlilit  lien  ring  nupporl  and  aerureij  to  the  Into  rnie  dlAte  rnnn 
In/  a  bolted  fin nge , 

Tint  I  nte  rmcdUi  e  vane  nnd  hip  hearing  Ariaambly  in  Inttailud  on  Dm  en¬ 
gine  with  the  comprenoor  and  turbine  already  built  up,  Thu  nut  on  the 
tip  kAiiafl  is  encored  along  with  thu  gas  germ  rat  or  mount  flflngn,  Till  m 
Dfingo  ia  mu  hed  through  the  duct  dlffuaar  •  «bb, 

Thu  N|  hub,  anal  and  bearing  support,  N  |  tai.liMinutij  r  -atAvangi.  drive, 
and  N|  to  N/,  tihafl  Anal  APtiambly  are  assembled  as  n  compieU?  unit  and 
Ififd/ilU'id  Into  the  li'du  rmedifite  cnne  as  a  fornploto  unit  (leas  fan/,  The 
top  forward  flange  on  Ilia  Ini  n  rmedl  nln  en tie  I n  a ecu  red  Along  wilh  the 
nut  which  cminwcl*  Dm  low  rolor  ■huflB  together, 

'I'll*  niigirm  1a  now  ready  fur  the  fan  innt&llntlon, 

«  ,  A» l  u  tynandi  liinVe  qtptf  ljljji  Con ip tea mir  Aasumbly 

The  a e rorl'/fiarnl r  hr»kn  varies  are  ln»eiled  Into  the  Intermediate  non 
« Mil ii r  iconpi four  flange  from  the  inside, 

The  i  iil  a  rut  ad|  at  e  cose  split  Inner  tompreaani  flange  is  then  lio'led  intu 
place  to  retain  the  inner  oral  of  the  vacua,  The  vane  actuating  Imllc  ranks 
and  synthronianUun  ring  am  a.mmimled  out  Aide  Die  Into  rmwli  ale  t  aae 
outer  compressor  flange.  Anoambly  of  Die  tump re»«or  can  now  lie 
completed,  After  the  fan  duct  diffuser  1a  Installed,  Dio  two  lornim  rode 
tor  aerodynamic  brake  actuation  are  boiled  into  place  through  two  of  the 
fan  duct  dlfluAcr  at  rut  a,  Actuators  nro  atiached  outside  l|u»  fan  diffuanr. 

The  high-compresso r  as  u  uolt  consists  of  Ibu  front  Itub  wllli  a  labytlnlh 
neal,  all  Die  tolor  tmd  Alator  magus  and  their  aBsocbiled  hardware,  anti 
llie  ru  ir  hull  wllli  a  filling  sparer. 

The  hlgluu ompruBBor  unit  can  bo  built  either  from  Die  iron!  rearward 
n  r  l  he  i’ka  r  f (,  rws  rd , 

tilurting  with  u  bub,  disk,  bladoii  and  cover  platen,  spacers,  uj«oi 
with  atalors,  bikI  then  uutor  shrouds  are  built  up  atagu  by  stage  until 
nil  Htiig'B  hie  All  RnfnbJecI .  Wllli  the  rolcipr  n  atm  r  milt  (Made  up  All.'! 
biilaiu  ed,  it  can  be  |olno<l  to  tin  rear  and  front  portions  of  Die  engine. 
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Willi  the  main  liif/iiBtM*,  burner,  No,  3  hearing  < ompa  rt nvnl ,  and 
hi  gh»Mi  chine  rotor  made  tip,  the  I'mr  huh  of  the  c  oinprcHor  oni  lie 
inut'i'lrd  I  it  rough  the  No.  1  bearing  rompa  rlniriit  and  t  an  hr  boiled  It, 
tlir  til  h  1 1 » lu  rblnr  disk  front  hub,  Tim  rearmost  llnngo  ol  f  h  <*  compres¬ 
sor  ('ASp*  can  now  be  attached  to  the  from  flange  of  tlir  main  diffuser 

*  fl  fl  M  , 

TIip  t  oiiip i  r a Mor,  now  attached  to  tlm  rear  portion  of  tin*  engine,  car,  hr 
assembled  to  tlir  intermediate  c.ise,  The  duel  diffuser,  which  wan  in 
position  whrn  tlio  toinp  its  bbo  r  and  i  nl  >•  rmrdl  ai  r  cnn1'  wrrr  put  lognihe  r, 
can  he  moved  I'earwiifd  until  the  front  flange  of  tin?  euirprus bo r  and  the 
roar  Inner  flange  of  tlm  inla  rmodialu  enne  are  mated,  finishing  thin  pur  « 
t  Ion  of  the  assembly, 


(I ,  High  1'1’rcHiiivj  Comprooflor  anti  FI  rat  Hinge  Turbine  A  a  acini,  I  y 

T  lu<  first  stage  Ur  bulls  and  l|ie|r  retaining  rings  are  ussemblnd  on  tlir 
flange  ef  llio  high  sposd  turbine  shaft,  The  rear  labyrinth  seal-spacer 
la  installed  over  iba  turbine  shall,  The  fear  compartment  rase,  rear 
labyrinth  seal  ring,  rear  labyrinth  seal  assembly,  insulation  assembly, 
atul  Hie  rear  fare  sen)  assembly  are  slid  uvnr  llm  spacer,  Tim  rear  f n «  •> 
seal  plate,  the  inner  race  and  rollers  of  the  number  1  banting,  the  oil 
scoop,  the  forward  face  seal  plate,  and  Hus  front  labyrinth  said  and 
sparer  are  installed  >iv«r  llie  high  pressure  turbine  bub,  Tim  redlining 
mil  is  threaded  on  llie  turbine  shall  and  lurqued  to  llio  prescribed  value, 


To  start  the  assembly  of  the  diffuser  burner  seclion,  the  number  t 
bearing  front  compartment  Instil  at  Ion  and  llw  compartment  ante  i  nal 
support  (wliit  li  i  onlnltiB  ilia  bearing  outer  mi. a,  spanner  nut,  tali 
washer  and  flange  seal)  oiro  rild  over  ant)  assembled  to  the  fronl  face 
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piloted  onto  the  front  fata  sea)  support,  Countersunk  screws  will 
bo  used  to  hold  the  forward  compartment  together  prior  to  completion 
of  assembly  proLaduroM, 


The  compressor  seventh  shigu  rotor  seal  assembly  is  bolted  to  the 
front  Inner  flange  of  Ilia  diffuser  case,  The  combustion  chamber  Inner 
f rniii  arid  rear  cases  may  lie  bolted  together  an  an  assembly  prior  to 
joining  vltli  llie  number  3  bearing  compartment  support.  The  i  uinbnalhui 
.  Iiaoihe i  inner  front  case  l<,  ultaclod  in  the  number  3  hearing  tompait 
iiienl  support  with  counter  sunU  si  rews  for  Imldl  ng  during  c  fintpl  el  ton 
of  the  assembly.  'I' lip  number  3  liuaring  front  compartment  subassembly 
ia  piloted  onto  the  diffuser  i  a  inner  rear  flange  and  bolted  lo  it.  All 
lulling  between  the  diffuser  fuse  anil  (he  healing  compartment  lb  Installed 
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The  oil  linos  inside  the  number  3  bearing  front  compartment  are  inn- 
tailed,  The  flange  seal  in  Installed  on  the  bearing,  anpport.  The  bearing 
front  and  rear  compartments  are  bolted  together,  along  with  the  high 
turbine  shaft,  bearing,  and  seal  rotating  parts,  Access  to  I  he  so  bolts 
1*  obtained  by  sliding  the  fear  compartment  outer  rover  cam:  in  the 
rearward  direction,  The  rear  compartment  emir  In  then  attached  to 
the  bearing  support  by  flange  bolts, 

''  he  front  section  of  the  unnulnr  burner  la  Inserted  In  the  rear  section 
of  the  diffuser  case  and  retained  by  radial  pins  assembled  through 
the  diflusor  rasa,  The  combustion  chamber  outer  front  case  ifl  bolted 
to  the  diffuser  cage  rear  flange.  The  colinbutitor  inner  and  outer  trano  ■ 
ill  on  duels  are  gild  forward  o.i  the  front  burnnr  flection,  The  turbine 
notsxle  inner  out  a  Is  nflflpinbled  to  Die  combustion  chamber  Inner  rear 
case  wllli  flange  boll  it,  The  nozzle  vanes  are  inserted  into  the  vane 
inner  and  outer  support  rings.  A  segmented,  bolted  ring  Is  used  to 
retain  the  vanes  in  the  outer  support  ring. 

The  burner  inner  transition  duct  Is  slid  to  the  rear  and  Ibo  holy  a  in  the 
segmented  ring  which  retain  the  turbine  vane  inner  feel  are  aligned 
with  tha  gang  channel  scilf-locking  mils  riveted  to  the  turbine  van  a 
Inner  support  ring,  The  radial  bolls  are  installed  through  the  scalloped 
trailing  edge  of  the  inner  burner  transition  duct  and  lightened,  The 
burner  miter  transition  duel  is  slid  to  the  rear  and  assembled  to  the 
turbine  case  forward  flange.  The  combustion  chamber  rear  outer  rune 
is  slid  forward  and  assembled  lu  the  combustion  chamber  outer  forward 
caflo  and  to  Hie  forward  flange  o t  the  turbine  case, 

The  high  pressure  compressor  wait  guide  vane  auwemhly  anil  seventh 
slags  seal  land  are  bolted  to  the  diffuser  case  Inner  front  filing  .  The 
unit  guide  vane  outer  shroud  torque  lugs  engage  mating  slots  in  the 
fisnge  in  lire  dimmer  case, 

A  classified  spacin'  which  positions  the  turbine  rotor  axially  is  installed 
on  live  compressor  rotor  rear  hub.  The  cuntpraooor  assembly  and 
classified  spacer  are  Installed  n y  engaging  the  compressor  rear  huh 
spline  will)  Mini  of  the  turbine,  Tlu>  spanner  nut  is  installed  on  the 
compressor  hub,  The  spannor  nut  in  than  tightened  to  a  proscribed 
torque  value,  the  lab  lock  washer  is  inserted  and  Die  retaining  ring  is 
installed,  Tim  turbine  disk  mid  blade  assembly  Ih  installed  on  the 
turbine  hull,  I  lit*  complete  assembly  of  the  high  pressure  tornpru»Boi 
and  turbine  is  dynamically  balanced  by  adding  weights  on  (lie  third 
stage  compressor  disk  and  by  installing  we)  gill  classified  nuts  on  the 
i  :i  r  idlie  tin  bolts  , 
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c,  Low  Speed  Turbine  As/iambly 

The  second  ntngc  turbine  disk  front  weal  ling  aid  tin;  second  lo  lid  rd 
utagt!  Jntct  olngr  apace  r  and  ana  l  nupporl  am  bolted  lo  the  second  Bingo 
cl  i  »l<  and  blade  a  >iHemb)y .  '/'lit  second  stage  dink  and  blade  a  a  numbly, 
the  tiii*  lit  no  rear  bub,  and  the  third  dink  conical  support  arc  assembled 
to  tile  low- pr u h mi i re  turbine  front  shaft  using  temporary  nut/<  tin  the 
second  ala  go  tiuholtn,  Tile  occond  stage  black*  outer  seal  shroud  and 
wear  ring  arc  installed  in  tin-  turbine  rear  case.  The  second  stage 
rotor  subassembly  la  inserted  Into  the  turbine  rear  case,  Tile  third 
nlflge  vane  inner  shroud  and  sea]  support  is  placed  in  position  and  the 
ihird  Mage  vaiioa  arc  installed  In  the  Inner  shroud  and  the  turbine  rear 
raoe,  The  third  stage  outer  retaining  ring  and  the  outer  front  turbine 
exhr.iiAl  cu.m  are  bolted  lo  the  turbine  rear  earns,  t  he  third  Alflge 
blade  outer  seal  abroad  is  sandwiched  between  the  turbine  exhaust  i  am 
and  the  third  stage  vane  outer  retaining  ring,  The  third  stage  disk  and 
blade  nn  numbly  Is  bolted  to  the  aeiontl  stage  rotor  subassembly  and  re- 
Inliiod  with  temporary  nul«.  Axial  and  radial  positioning  of  tlui  low  speed 
rotor  relative  lo  the  stationery  meinl.  *ra,  prior  to  final  engine  assembly, 
is  accomplished  by  the  u»«  of  temporary  fixture®.  Tin*  rotor  lu  dynami¬ 
cally  ofilaiiLeil  by  tepiaclng  the  temporary  mils  on  the  second  and  third 
stage  Unbolts  with  permanent  weight  classed  mil  a. 

Tb«  first  stage  blade  outer  tip  shroud  and  wear  ring  s/e  Inalnilod  m  the 
front  turl/itu*  t  use,  Tlir  second  stage  Valle  Inner  nhr.tud  and  sea) 
support  is  positioned  and  the  second  stage  vanes  ate  Installed  into  the 
inner  shroud  and  into  the  turbine  front  <  ns.  ,  The  second  vane  inner 
tear  retaining  plate  1«  bolted  to  the  Inner  shroud  mid  weal  support, 

Tlie  low  speed  rotor  assembly  is  inserted  behind  the  second  slag 
cairns  and  Installed  with  the  turbine  rear  case  bolted  to  the  front  rasa, 
The  low*  rotor  rear  bearing,  carbon  goals,  mid  spacer  a  are  In, Mulled 
on  tile  turbine  rear  hub  and  are  retained  by  the  scavenge  pump  drive 
gear  which  is  bolted  to  the  hub, 

f,  Turbine  Jdxhnust  Assembly,  and  Number  4  ljoi ring  ( .ompu  rl  incut 

The  outer  healing  support  Including  tic  exit  guide  vanes,  inner  case, 
and  01(1111'  case  is  assembled  an  a  subassembly  as  follows:  The  exit 
guide  vane  feet  are  inflected  Into  pockets  In  t  lie  i  ole  filled!  at  e  oilier 
case  where  they  ale  boiled  ill  pjai  e  v/lll)  I  lie  outer  heal  u|  i)  e  1,1  ( n  g ,  Til** 
front  Inner  case,  (he  shroud  rings,  and  the  real'  Inner  case  are  boiled 
to  (lie  1,0  feel  of  the  exit  guide  vanes,  The  1,0,  feel  of  adjoining  vanes 
overlap  si«l  li  other  and  are  rivaled  together.  The  oilier  bearing  fiiijiji  ,j  t 
cylinder  is  mounted  to  II  support  vanes  at  the  1,0,  by  bolts,  At  this 
point  the  bearing  i imiipn  rlm«nt  Is  n/isemhled  around  Hi**  front  UflOge  of 
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111 e  outer  support  cylinder  as  follows;  The  front  labyrinth  seal  assem¬ 
bly  includes  one  seal  at  the  rear  hub  and  another  at  the  number  3  tur¬ 
bine  disk  plus  front  compartment  heatohiclding  placed  on  the  front 
face  of  the  flange  on  the  outer  bearing  support.  The  bearing  compart¬ 
ment  subassembly,  consisting  of  front  carbon  liner  assembly,  Inner 
bearing  support  and  rear  oil  sump,  is  installed  on  the  rear  face  of  the 
outer  bearing  support  using  bolts  which  engage  nu*e  anchored  to  the 
front  labyrinth  seal  assembly.  The  bearing  outer  race  is  installed 
on  tlic  inner  bearing  support.  The  oil  scavenge  pump  in  attached  to 
the  pump  support  which  is  boltod  to  the  rear  aide  of  the  bearing  BUpport, 
The  pump  support  also  retains  the  bearing  outer  race.  All  lines  to  the 
number  4  compartment  through  the  exit  guide  vanes  are  installed  except 
the  oil  out  line  which  In  installed  through  the  exit  guide  vane  but  can¬ 
not  be  eonneefed  to  the  bearing  compartment  until  the  roar  cover  plate 
is  put  on  the  bearing  compartment.  The  roar  compartment  Insulation 
and  heatflh), elding  la  installed. 

The  front  outer  turbine  exhaust  case  is  bolted  to  the  rear  turbine  cane 
with  the  third  stage  vane  retainer  and  blade  seal  sandwiched  between 
the  case  flanges.  The  turbine  exhaust  assembly  slides  into  place 
engaging  the  No.  4  bearing  outer  race  over  the  bearing  rollers  nnd  is 
bolted  to  the  front  outer  case.  The  bearing  compartment  rnnr  cover 
plate  is  boltod  on,  the  plumbing  to  it  is  attached  and  the  cover  plate  in- 
sulollon  and  heat  shielding  is  installed.  The  tall  cone  Is  boiled  In  place 
and  the  outer  real’  exhaust  cubu  forming  the  primary  nuzzle  is  attached. 
Note:  Fixtures  will  be  required  to  axially  retain  the  low-speed  rotor 
prior  to  assembly  of  the  fan  section  to  the  Intermediate  case  assembly. 

g.  Fan  L) lie t  Diffuser  Case  Assembly 

To*3  f«n  d  tic  I  diffuse  rcase  assembly  consists  of  the  fan  duct  diffuser 
ciuic,  and  the  front  and  rear  cascades  which  are  mechanically 
attached  to  the  outer  diffuser  duct.  After  the  fan,  into rinediutn 
case,  and  compressor  are  assembled,  the  fun  diffuser  is  installed, 

The  fan  duct  diffuser  case  assembly  outer  front  flange  Is  attached 
to  the  rear  flange  of  the  ' nte r mediate  cane.  The  forward  end  of  the 
inner  duct  is  piloted  on  the  surface  provided  on  the  into rmedlnte 
cnee.  The  gun  generator  fluid  tinea  are  routed  through  the  struts 
of  the  (an  duct  diffuser  case  and  are  Inetalled  afier  the  gas  generator 
is  assembled  and  before  the  due!  heater  in  Installed,  External  oil, 
breather,  and  fuel  llriuB  ure  connected,  fuel  nozzles  and  manlfolda  In¬ 
stalled,  und  seal  preunurlelng  air  lines  connected. 
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It.  Duct  Heater  Section  Assembly  1 

The  forward  case  flection  of  the  duct  heater  is  fixed  to  the  completed  I 

fan  duel  diffuser  section.  The  forward  duct  case  inner  liner  is  I 

attached  to  the  aft  end  of  the  diffuser  thru  a  piloted  slip  joint,  The 

outer  case  is  then  boiled  to  the  diffuser  providing  the  inounis  for 

the  duct  heater.  The  duct  heater  spray  rings  are  next  attached  to 

the  outside  case  while  the  f lameholder  is  fixed  to  the  ins  le  case, 

The  duct  inner  liner  section  is  added  to  the  forward  liner  section 
and  extends  rearward  to  the  sliding  joint  at  the  front  end  of  the 
primary  exhaust  nozzle  cone  supporting  flange. 

The  entire  outer  duct  case  can  now  be  Installed  as  an  assembly  to 
the  bolted  flange  just  aft  of  the  flamehokle r.  The  outer  case  is  an 
assembly  which  contains  the  rear  engine  mount  ring,  liners  for 
the  duct  heater  and  the  transition  section  at  the  rear  used  to  mount 
the  variable  duct  heater  nozzle. 

The  8  nozzle  flaps  and  8  seals  of  the  nozzle  are  attached  to  the 
joint  which  Is  boiled  to  the  transition  section  of  the  duct. 


Structurally,  the  variable  nozzle  Is  an  Integral  part  of  the  blow-in¬ 
door  ejector  assembly,  After  Lhe  8  struts  and  unison  ring  have 
been  attached  to  the  rear  mount,  Lhe  nozzle  linkage  can  then  be 
connected.  The  belle  ranks  and  tie  rods  arc  located  on  the  inside 
of  the  struts,  Access  holes  arc  provided  in  the  struts  to  allow 
assembly  of  the  linkage. 

L.  Ejector  -  Reverser  Assembly 


Tlio  main  ejector  support  structure  assembly  prior  to  mounting  on 
the  engine  will  have  the  tu  tuators  for  the  roverser  mounted  In  the 
rear  of  the  struts  with  hydraulic  linos  extending  to  the  front  of  the 
struts,  The  fan  duct  nozzle  synchronizing  ring  along  with  the 
belli  ranks  and  Internal  connecting  links  will  be  installed  on  the 
Mtr'.tH,  The  front  end  of  the  struts  containing  the  ball  joint  cun- 
nei  lions  will  be  held  In  position  during  assembly  and  Installation 
by  a  removable  mounting  fixture. 


With  the  above  components  in  place,  llie  reverser  cascades  are  mounted 
on  lhe  strut  rollers,  and  the  blow-ln-doors  are  olacml  in  position  be¬ 
tween  st  rut  n.  Removable  clamps  bold  the  blow-in-donni  in  position  un- 
Lil  they  are  Connected  to  hinges  on  the  rear  mount  ring  at  assembly, 
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The  entire  assembly  is  then  assembled  from  the  rear,  over  the  fan 
duct  and  connected  by  8  pins  at  the  ball  joint  connections  on  the 
rear  engine  mount  ring,  The  strut  mounting  fixture  is  then  removed. 

The  blow-in-door e  are  connected  to  the  hinges  on  the  rear  mount  ring. 
The  fan  nozzle  actuation  system  is  connected  to  the  internal  links  and 
belle  ranks.  The  basic  supporting  structure  is  now  complete. 

With  cascades  positioned  by  a  gage  fixture,  the  outer  shroud  is  slid 
forward  over  the  support  structure,  the  racks  on  the  shroud  engage 
idler  pinions  and  lock  the  cascades  into  a  translating  system.  This  sys¬ 
tem  is  checked  for  operation  before  assembling  the  inner  shroud  to  the 
main  assembly. 

After  the  translating  system  is  checked  out,  the  reverser  door  links  are 
set  into  stop  points  on  the  struts.  The  inner  shroud  assembly,  contain¬ 
ing  the  main  structure,  liner  and  reverser  doors,  is  slid  over  the  main 
support  structure.  With  the  shroud  in  full  reverse  position,  door  links 
are  connected  to  their  respective  doors.  Actuator  rod  ends  and  the  O,  D. 
shroud  are  connected  to  the  shroud  support  system  end  ring. 

The  trailing  flaps  are  assembled  in  a  loose  holding  fixture.  They  are 
then  connected  to  hinges  on  the  shroud  support  end  ring.  Trailing  flap 
O.D,  seal  plates  are  installed. 

The  trailing  flap  holding  fixture  and  blow -in-door  clamps  are  removed 
at  completion  of  the  installation. 

Tills  completes  the  normal  assembly  procedure.  Disassembly  is 
essentially  the  reverse  of  the  assembly  procedure. 


16.  CRITICAL  SPEEDS 

The  rotor  shafts,  hubs,  and  spacers  for  the  STF219  turbofan  engine  arc 
designed  for  stiff  bearing  critical  speeds  to  occur  20%  above  the  maxi¬ 
mum  deteriorated  rotor  speeds.  Rotor  shafting,  cones,  and  spacers 
aro  deslgnod  for  minimum  weight  while  insuring  that  20%  margin  Is  met. 
Bearing  locations  on  the  low  rotor  are  placed  as  close  an  possible  to 
cantilevered  disks  to  keep  overhang  at  a  minimum.  Figures  2A-2  12  and 
2A-2  13  show  the  calculated  preliminary  mode  shapes  for  the  rotors. 
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Bearing  support  structures  for  the  number  3  and  4  bearings  are  designed 
for  low  spring  rates.  Relatively  stiff  rotors,  coupled  with  the  soft  num¬ 
ber  3  and  4  bearing  structure,  achieve  a  combination  of  rotor  stiffness 
to  support  stiffness  which  insures  that  the  coupled  rotors  and  case  do  not 
have  critical  rotor  bending  modes  in  the  operating  range.  Further  analy¬ 
ses  of  the  complete  engine  critical  speeds  are  betng  undertaken  to  verify 
minimum  rotor  induced  vibration.  Results  of  these  analyses  will  also 
be  used  to  study  the  effects  of  10%  blade  loss. 

Shaft  clearances  and  blade -to -case  clearances  have  been  designed  based 
on  a  preliminary  analysis  of  the  deflection  caused  by  blade  loss.  In  the 
turbine  section  at  least  0.3  inch  clearance  is  provided  for  shaft  deflec¬ 
tions  in  the  event  of  blade  loss. 

Transient  and  steady-state  analyses  of  rotor  and  case  response  to  blade 
loss  will  be  used  to  confirm  the  preliminary  analysis.  Rotors  and  bear¬ 
ing  structure  stress  analyses  will  be  based  on  rotor  shears,  moments,  and 
reactions  to  insure  structural  integrity. 

The  critical  speed  studies  are  continuing  and  will  be  updated  as  the 
engine  enters  the  final  design  configuration. 


17.  BEARING  DESIGN 


Introduction 


Consumable  vacuum  melt  M-50  (PWA-7Z5)  material  will  be  used  for 
the  fan  and  compressor  thrust  bearings,  both  towerahaft  ball  bearings, 
and  the  tachometer  drive  ball  bearings.  Bower  315  {pW  A -724)  will 
be  used  for  the  roller  bearings  on  both  main  shafts  and  both  tower  ■ 
shafts.  Fatigue  tests  on  main  shaft  size  bearings  made  from  M-50 
have  shown  a  considerable  life  improvement  over  that  predicted  by 
standard  methods.  All  bearings  will  utilize  a  steel  cage  of  AMS  6415 
and  will  be  stabilized  for  minimum  distortion  at  the  operating  tempera¬ 
ture,  Pratt  Ik  Whitney  Aircraft  has  demonstrated  the  increase  in 
bearing  reliability  using  these  improved  materials  in  the  JT11D-20  and  the 
JT8D  engines. 


The  interna]  geometries  of  the  fan  and  compressor  thrust  bearings  were 
optimized  for  maximum  fatigue  life  and  for  elimination  of  skidding 
damage.  The  optimum  internal  geometries  for  both  hearings  were 
based  on  a  design  study  utilizing  an  IBM  bearing  dynamic  analysis  and 
experience  gained  on  previous  engine  mainshaft  thrust  bearings.  The 
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fan  thrust  bearing  has  a  predicted  B-10  life  of  15,  000  hours  based  on 
a  calculated  mean  effective  thrust  load  at  maximum  shaft  speed.  The 
bore  diameter  of  the  fan  bearing  was  sized  from  critical  speed- c  riteria. 
The  predicted  B-10  life  of  the  compressor  thrust  bearing  is  presently- 
estimated  to  be  7,  .100  hours  based  on  a  calculated  mean  effective  thrust 
load  at  maximum  shaft  speed.  No  skidding  problems  are  expected  in 
either  bearing. 

The  predicted  B-10  lives  of  the  fan  and  turbine  roller  bearings  are  well 
above  10,  000  hours.  The  compressor  roller  bearing  will  be  radially 
preloaded  by  utilizing  an  out-of-round  outer  race.  The  preload  is 
needed  to  prevent  skidding  due  to  the  light  radial  loads  and  the  high 
.DN  value*  of  this  bearing.  Pratt  &  Whitney  Aircraft  has  successfully 
used  DN  product  to  determine  if  a  roller  bearing  should  be  preloaded, 
The  turbine  roller  bearing  is  also  lightly  loaded,  but  no  preload  is 
required  because  the  DN  value  is  relatively  low.  The  housing  support 
can  be  altered  with  a  minor  design  change  to  provide  for  a  preload, 
if  necessary . 

Split  inner  race  angular-contact  ball  bearings  with  one-piece  cages 
are  recommended  for  both  tower  shafts  because  of  the  high  shaft  speeds 
and  radial  and  thrust  loads.  Radial  deep-groove  bearings  in  these 
positions  would  be  adequate  for  fatigue  life  but  would  require  two- 
piece  riveted  cages.  The  split  inner  race  bearing  permits  the  use  of 
a  considerably  stronger  one-piece  cage  necessary  for  high  speed 
operation.  This  design  is  presently  used  in  the  JT11D-20  and  JTF10 
towershafts  and  has  experienced  no  problems  from  cage  failures.  The 
fatigue  lives  of  all  towe.rshaft  bearings  are  well  in  excess  of  10,000 
hours.  The  high  B-10  lives  are  a  result  of  sizing  the  hearings  for 
critical  speed  and  not  for  fatigue  criteria. 

The  intermediate  tachometer  drive  bearings  will  be  of  the  radial  deep- 
groove  design  and  will  be  preloaded  by  wave  washers  to  minimize 
skid  possibilities.  The  tachometer  drive  bearings  will  also  be  radial 
deep-groove;  however,  no  preload  is  necessary  because  of  the  low 
shaft  speed.  All  tachometer  bearings  are  very  lightly  loaded  and 
fatigue  is  not  a  problem. 


DN  value  is  defined  as  the  product  of  the  bore  diameter  in  millimeters 
and  shaft  speed  rpm. 
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b.  Number  1  and  2  Bearing  Compartment 

The  number  1  and  2  bearing  compartment  underwent  many  design 
changes  which  should  result  in  increased  durability,  better  maintaina¬ 
bility,  and  lower  weight.  These  changes  are  shown  in  Figure  2A-1. 

During  Phase  II-B  a  more  intensive  study  w as  made  of  the  sealing 
arrangement  between  the  Nj,  low-speed  and  high-speed  shafts.  In 
the  Phase  II-A  design  a  carbon  face  seal  backed  up  with  a  rotating 
bellows  was  used,  since  it  was  felt  that  it  would  provide  an  adequate 
lightweight  seal.  Further  studies  of  temperatures  and  pressures 
revealed  that  this  design  has  limitations  and  unknown  factors  such  as 
fatigue  and  radial  loads  possibly  imposed  by  bellows  eccentricities. 

A  further  complication  is  thermal  stresses  introduced  by  the  large 
differential  temperature  supplied  by  the  hot  bleed  air  from  aft  of  the 
compressor  seventh  stage  knife-edge  seal  leakage. 

This  seal  was  replaced  with  a  design  incorporating  a  carbon  face  seal 
for  each  shaft  with  a  series  of  springs  loading  the  seals  against  the 
face  plates.  This  unit  also  incorporates  two  sliding  piston  rings 
which  provide  a  sealed  sliding  joint  between  the  shafts.  These  piston 
rings  are  backed  up  with  a  set  of  pressurized  knife-edge  seals.  The 
bearing  compartment  seal  arrangement  incorporates  a  wet-face  seal 
plate  to  provide  cooler  seal  face  temperatures  and  increased  carbon 
seal  life. 

/ 

A  positive  pressure  differential  is  maintained  across  the  front  bearing 
compartment  seal  to  prevent  oil  leakage  from  the  compartment. 
Pressurized  air  for  this  purpose  is  supplied  from  fan  discharge  and 
vented  to  ambient.  The  pressure  in  the  compartment  is  maintained  by. 
a  pair  of  knife-edge  seals  between  the  fan  rotor  hub  and  the  thrust 
bearing  support  structure.  An  additional  seal  is  located  on  the  rear 
of  the  second  stage  disk  to  reduce  the  thrust  loading  on  the  number  1 
bearing. 

Further  design  studies  were  also  made  on  the  nigh  compressor  thrust 
bearing  support.  In  the  early  stages  of  design  an  integral  support 
seemed  to  be  the  lightest;  however,  this  required  that  the  intermediate 
case  be  threaded  for  the  high  rotor  thrust  bearing  outer  race  retaining 
nut.  Replacing  the  case  would  be  very  expensive  if  this  thread  were 
damaged.  The  additional  weight  was  warranted,  since  the  design  now 
has  a  smaller  rear  intermediate  case  flange  and  an  integral  seal 
bearing  support.  The  seal  package  O.  D.  was  also  reduced.  This 
allowed  the  first  stage  compressor  disk  bore  diameter  to  be  decreased, 
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reducing  the  disk  weight  by  approximately  10  pounds.  This  alone  was 
a  substantial  weight  reduction,  but,  in  addition,  the  bearing  support  can 
be  replaced  without  replacing  the  entire  intermediate  case. 

Airframe  manufacturer  requirements  to  remove  accessories  containing 
combustible  fluids  from  the  bottom  of  the  engine  led  to  a  preliminary 
selection  of  the  left  horizontal  position  for  the  engine  accessory  tower- 
shaft  for  the  Boeing  installation,  and  45°  below  horizontal  for  Lockheed, 
as  discussed  in  the  Installation  Coordination  section  of  this  report. 

The  horizontal  location  is  a  more  difficult  design  because  of  its 
associated  oil  scavenge  problems,  therefore  the  Phase  II-B  design  effort 
was  concentrated  on  the  horizontal  shaft  arrangement.  This  required 
revising  the  oil  pressurizing  system  and  the  oil  scavange  system 
for  the  compartment.  Originally,  scavenge  oil  was  drained  into  the 
gearbox  on  the  bottom  of  the  engine  and  returned  to  the  oil  system 
with  the  gearbox  scavenge  pump. 

With  the  side-mounted  gearbox,  oil  could  no  longer  be  returned  to  the 
gearbox  by  gravity  drainage  because  of  its  location;  therefore,  various 
schemes  of  locating  a  scavenge  pump  in  the  compartment  were  studied. 
These  schemes  included  both  gear  and  jet  type  pumps.  The  final  design, 
Figure  2A-32,  eliminates  internal  pumps  within  the  intermediate  case 
and  locates  the  pump  externally  for  easy  maintenance,  This  permits 
the  Nj  tachometer  shaft  now  located  at  the  bottom  of  the  engine  to  serve 
a  dual  purpose  of  driving  the  scavenge  pump  as  well  as  the  Nj  tachometer. 

With  a  scavenge  pump  on  the  bottom  of  the  engine  there  is  no  longer  a 
need  for  a  separate  scavenge  pump  in  the  gearbox.  The  gearbox  and 
the  intermediate  case  bearing  compartment  now  drain  into  a  sump  on 
the  bottom  of  the  engine.  Oil  is  then  returned  to  the  tank  from  this 
sump  by  the  scavenge  pump. 

Various  schemes  for  oiling  the  Number  1  and  2  bearing  compartment 
were  considered.  The  oil  for  this  system  is  piped  into  the  compartment 
through  strut  located  at  45°  in  the  upper  quadrant  looking  aft.  It  en¬ 
ters  a  central  fitting  which  diverts  the  oil  flow  to  the  compartment  with 
minor  internal  plumbing.  This  central  oiling  fitting  incorporates  a 
final  filter  to  catch  any  dirt  which  may  have  gotten  into  the  system  and 
which  could  clog  the  small  orifices.  The  top  portion  of  this  fitting 
is  removable  for  ease  of  engine  disassembly.  This  allows  the  screen 
to  be  replaced  or  cleaned  without  removing  the  main  portion  of  the 
fitting  from  the  intermediate  case. 

Consideration  was  also  given  to  the  ease  of  assembly  and  disassembly 
of  the  engine.  The  forward  portion  of  the  compartment  was  redesigned 
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allowing  the  fan  hub,  seals,  bearing  support,  and  tachometer  drive  to 
be  assembled  as  a  separate  unit  and  installed  or  removed  as  a  unit. 
This  reduced  the  exterior  size  of  the  compartment,  The  intermediate 
case  can  also  be  removed  from  the  main  engine  without  disassembly  of 
the  compressor  or  turbine  providing  access  to  the  high  compressor 
thrust  bearing . 


Additional  features  incorporated  in  the  compartment  design  am: 

•  Radial  loads  from  the  rotor  are  transmitted  to  the  number  1 
bearing  through  the  fan  hub,  which  is  supported  by  the  thrust 
bearing  and  has  mating  splines  to  transmit  torque  loads  to  the 
low  speed  turbine  drive  shaft,  The  splines  are  forward  of  the 
thrust  bearings  to  ensure  continued  spline  engagement  and 
positive  coupling  of  the  fan  and  low  turbine  rotors  to  prevent 
serious  turbine  overspeeding  should  a  major  failure  of  the 
bearing  occur. 

•  Bearing  retaining  nuts  are  located  so  that  thrust  loadB  act 
against  integral  structure  and  not  the  threaded  nut.  In  addi¬ 
tion,  all  nuts,  where  possible,  are  secured  with  a  lock  washer 
and  ring  wire.  This  insures  a  positive  locking  feature  for 
highly  loaded  nuts. 

•  Metal  conical  seals  are  used  for  all  flanges  whore  sealing 
was  required.  These  seals  have  a  very  good  service  record 
at  elevated  temperatures. 

•  Blanket  type  insulation  enclosed  in  metal  foil  is  used  to 
protect  the  compartment  from  high  surrounding  temperatures 
and  to  reduce  heat  rejection  to  the  oil  system, 

c .  Number  3  Bearing  Compartment 

Number  3  bearing  compartment  design  is  similar  to  that  proposed  in 
Phase  II-A,  with  detail  revisions  to  account  fur  changes  in  engine 
size,  thrust  balance  system,  and  adjacent  assemblies.  Figure  2A-214 
shows  details  of  this  design.  The  STF219  employs  an  overhung  turbine- 
design  for  the  high  speed  rotor,  supported  by  a  conical  case  bolted  to 
the  aft  inner  flange  of  the  diffuser  case.  The  number  3  bearing  is  a 
preloaded  roller  bearing  widi  inner  race,  cage  and  rollers  pressed  on 
the  turbine  rotor  shaft.  The  bearing  materia]  is  high  temperature 
consumable-electrode  melted  tool  steel  (Bower  3  15).  The  outer  dia¬ 
meter  of  the  outer  race  is  elliptically  ground.  When  the  race  is  pressed 
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Into  a  round  housing,  the  ,mn*i‘  diameter  of  Lit  a  outer  race  fiarnimns  nn 
olllpllc.nl  shape.  7  lie  minor  diameter  then  eliminates  the  hearing 
clearance  thus  proloading  thn  rollern.  Thin  preloading  In  drum  in 
lightly  loaded  high  speed  bearing*  to  ratlticn  roller  sKiddtng, 

The  compn  rtment  la  tie  a  led  fore  arid  aft  with  spring- loaded  carbon  f.v  e 
iioulo  having  two  nml  iron  ninth:  plslm,  rings  per  ana),  The  cni'him 
seals  are  shr Ink- threaded  Into  the  seal  retainer.  The  threads  are 
oppooito  tu  the  direction  of  shaft  rotation  therefore  friction  at  the  weal 
rubbing  surface  lends  to  lighten  the  carbon  in  Its  holder.  The  npr  lug 
and  torque  pin  centerllnea  are  different, preventing  Incorrect  Installation, 


a 

i 

i 

i 


The  seal  plates  are  separate  and  are  die  wet  -  far  e  lypn,  The  robbing 
face  Is  washed  continuously  wltli  oil  for  cooling  and  low  wear  rale 
characteristics.  Test,  experience  has  indicated  longer  life  nnd  better 
sealing  with  tills  type  of  uenl, 


The  compartment  has  back-up  lflbyrlr.,,i  seals  at  both  ends  pressurized 
with  fan  discharge  air  which  is  vented  Lu  ambient,  The  fnn  discharge 
air  Is  piped  through  tho  diffuser  case  struts  and  Into  the  inner  pres- 
Hurizlng  compartment.  The  cooling  air  la  routed  to  both  ends  of  llm 
compartment.  The  outer  pressurized  compartment  in  vented  to  ambient 
by  lines  routod  back  out  through  the  diffuser  struts,  Labyrinth  seals 
separate  llm  various  pressurized  compartments  to  limit  flow, 

The  Inner  hearing  compartment  Is  surrounded  by  foil  covered  blanket 
type  insulation  to  reduce  environmental  heat  transfer  to  the  oil,  The 
fun  discharge  sir  and  ambient  nlr  are  routed  through  the  outer  com¬ 
partments  by  a  series  of  internal  lines. 

Crushed  watiher  type  static  seals  have  been  Incorporated  ul  the  beating 
support  liange,  Development  experience  Indicates  that  the  conic,  I 
Reals  ,  ru  superior  to  the  chevron  type  seals  in  sealing  capability  with 
the  thermal  distortions  present  in  a  high  temperature  environment. 

Also,  the  conical  wiml  does  not  require  a  deep  machined  groove)  there* 
fore,  a  thinner,  lighter  flange  is  allowable, 

because  of  tho  high  lompuraturu  environment  It  was  necessary  to  pro¬ 
vide  protection  la  thn  boaring  compartment  In  the  event  of  air  leakage 
due  Lo  a  carbon  soul  failure ,  For  un  unprotected  syulem,  eacanalve 
leakage  of  high  temperature  comprasoor  discharge  air  into  llm  com¬ 
partment  could  cause  an  oil  fire  and  poumblo  failure  of  ilia  shall,  A 
common  breather  system  connects  all  bearing  compartments.  Tho 
In-rush  of  high  pressure  air  following  n  number  3  carbon  Ben!  failure 
would  overpmasurize  all  compartments  and  cause  oil  leakage  past  the 
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flpaln  Into  the  origins  air  *(  roam,  If  ilia  number  3  cmiipn rtmnnt  were 
Mil  !■  piilinilatl  with  high  pro  enure  air,  llio  ro, lulling  high  sna!  loads  would 
grunlly  nc;colo rale  warn1  mi  seals  not  designed  for  normal  npe  ml  Ion  at 
high  p  row  auras  .  Tim  In*  mased  frictional  heal  gene  ml  Inn  would  nm> 

I  fibula  heavily  lo  the  ovnrnll  oil  heat  rejecllon  prohlom, 

To  leduee  llicsr  |or/,nids,  tho  seals  are  pi  i-nnurl  /.rii  wllli  r  cd  al '  vc  ly  tool, 
low  pressure  fan  discharge  air,  Tho  original  llmial  hnlam  r  et  homo 
vofitod  Iho  forward  plenum  to  fan  Inlet  pi  assure  and  IIip  fan  discharge 
air  ,)usl  dumped  lnlo  lhls  area,  However,  Inior  Nr  homo  m  ji  r  o  o  an  r  I  r,  od 

thin  ni'Pfl  If*  seventh  stage  (high  rnlrtr  fifth  alngp)  seal  leakage  which 
made  jl  necessary  Hi  add  an  additional  section  lu  Ihe  lio. ring  comparl  - 
ftirnl  lii  provide  for  Venting, 

The  Inner  m  ont  Bet  (loo  in  venlt  d  to  breather  pressure  which  varioia  from 
ambient  pressure  in  5,  h  pain,  The  section  cidjarenl  In  this  al  btdh  ends 
is  pressurised  with  fun  discharge  air,  and  iho  older  rompncimenl  Is 
vented  to  amble j|i  pl  easure,  During  normal  operation  Inl/yilnih  seals 
between  each  section  limit  the  flow  of  fan  dt  bc  It  al1  ge ,  compressor  dls’ 
charge,  anti  rnmpresaor  roar  seal  leakage-  loin  the  ambient  pressurised 
net  lion,  If  any  oil  nliuiild  leak  pant  Ilia  carbon  seals,  u  would  lie  harm* 
lessly  vented  overboard  instead  of  (  analog  coking  or  possible  fire  Inside 
Hie  engine  In  I  hr  event  nl  a  i  arlmn  seal  failnre  Ihe  How  of  F  >n  diet  hat  g< 
air  Inin  Ihe  rnmpnrlmenl  is  llmtlerl  by  a  act  of  lour  lip  laliyrlidh  seals, 

Tli  m  outside  air  would  Kill  lie  able  (o  reach  the  Inner  r  omps  r  I  me  nl  flue 
to  large  vein  hoc  sir, e«.  The  pressurizing  and  eslooirl  air  Is  nlpetl  tad 
■  if  ihe  ninu  through  the  si  rul  n  In  the  gas  generator  dilluser  case,  Figure 
,3  a,  <i\*i  shows  the  p  is  a  mi  rl  ring  and  vent  syslerin  In  schematic  form, 

An  tiddl  1 1  ooi  I  safety  feature  of  thin  design  !«  Iln  lo,  ,|lo,n  of  the  numbei 
t  h  a  ring  on  Hie  lurldne  rotor  forward  of  the  loipua  spline.  It  the 
bearing  ahuuld  fail  end  luI  the  uuler  abaft  lu  Iwo,  •  'urltlne  would  dtill 
bo  i miMur  uni  mi  if,e  eorojires "or  by  me  inner  abaft,  preventing  ’nrblue 
runaway  ayi/l  ffUbfop.ienl  pnffWlblt1  disk  burst.  There!  uu  ullioi  small 
detail  fealiiiea  In  lit t?  design  sin  b  as  the  Use  of  s ! ejt  dlu me  1 «  r  a  on  the 
shaft  to  prevent  iiuorfiii1,  assembly  ot  die  components  which  ,  oiitiihule 
lo  Lite  overall  reliability  and  Baldly  of  tile  engine, 

'flie  heel  logs  ,i  ltd  seals  ale  lubricated  am!  i  noted  by  oil  (lubrication 
primarily  by  oil  mist  and  cooling  by  convection  to  (be  flowing  oil)  as 
shown  un  l>'igu  re  <5  A  ilft.'f'he  oil  passes  through  a  diffuser  ,  ase  rtlrul 
lnlo  a  i  en’  ml  tilling  In  Ihe  romp/ii  tmcnl  where  II  le  m.ioif  ,lded  lo  II, e 
main  jsls  arid  (lie  scavenge  plllnp  primary  Jet,  Mils  I  enlral  filling 
,  onttiinH  a  removable  oil  siUim'Ii  lo  i  alcli  any  parlji  leu  which  may  have 
gntlnn  into  Ihe  line  before  lliey  rea,  I,  the  jets,  I  he  mlcf,  scavenge, 
ant  breather  lilies  no  sealed  from  the  surrounding  all  by  llai  ilt,  i,  "|<  " 
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ttpiila,  which  are  replaceable  at  teardown,  The  oil  is  distributed  through 
3/U  inch  diameter  tubing  ,f'  two  jet  holder*  located  ]h0‘  apart,  f-buh 
Jet  holder  h n »  two  removable  Jets,  one  for  forward  weal  pi, dr  cooling 
and  one  for  the  he  nr  toy  inner  race  and  aft  seal  plate,  The  oil  from  Hie 
forward  Jet  Impinges  on  the  forward  radial  scoop,  la  raptured  In  an 
annulus  and  la  fed  axially  forward  to  the  seal  plate,  The  cooling  o|!  la 
then  thrown  outward  |>y  centrifugal  force  through  a  nrrles  of  radial 
hoi e a  whirl)  tntry  the  oil  acrti9«  the  rubbing  surface  end  Into  the  i  one 
partmont,  The  oil  from  die  other  Jet  is  captured  by  the  aft  scoop  and  In 
fed  axially  rearward  through  a  aeries  of  slots  cm  the  Inner  race  of  the 
bearing,  cooling  the  Inner  rare  before  being  collected  in  the  seal  plate 
annulus  and  thrown  outward  through  radial  holes  similar  to  Lite  forward 
seal  plate,  The  fill  coming  off  the  seal  plates  forms  a  miot  which  lubrl= 
cates  thp  bearing  and  the  eliding  surfaces  In  the  seals,  The  axial  pan¬ 
nages  are  slanted  slightly  outward  so  that  centrifugal  force  keeps  the 
oil  flowing  axially. 

An  ejector  type  pump  was  selected  for  scavenging  the  compartment  for 
several  reasons,  A  jet  pump  lias  no  moving  parts  which  eliminates  the 
wear  problem  and  it  la  inherently  lightweight  compared  lu  an  equivalent 
capacity  gear  pump,  T’"«l  experionce  with  jot  scavenge  pumps  indicate 
it  very  high  resistance  to  cavil, ntiort  Usrnuga,  This  In  highly  don) cable 
In  a  pump  willi  inlel  conditions  approaching  oil  vapor  pressure,  Another 
advantage  of  the  jel,  pump  Is  the  ability  It)  pass  ingested  foreign  objects 
that  would  damage  a  gear  type  pump,  The  jet  pump  does  Increase  the 
else  ot  the  main  oil  pump  to  provide  the  recirculation  or  primary  .'low 
uni  essary  to  aspirate  the  si  avenge  flow,  The  oil  that  Is  mil  fail  through 
the  scoops  as  coolant  Is  brought  to  the  scavenge  pump  ss  primary  flow, 
Tim  pump  is  siiterj  to  operate  on  the  calm  of  secondary  flow/prlomry 
flew  ”  t.  This  liiofiiis  that  the  primary  flow  will  scavenge  twice  Its  own 
flow  rale,  jfiiiice  the  jet  pump  capacity  is  rated  at  twice  the  cooling  flow 
for  safely  minion*)  the  primary  flow  approximately  pquais  ll>u  cooling 
flow,  TS-’it  (.lilt A  wo  the  “Tr’ricid  jni  pump*  haR  068?!  directly  applied  to 
the  HTFiil‘1  number  }  bearing  i  ompa rl inont  pump, 


The  all  fat  p  mill  end  labyrinth  weals  are  captured  on  the  turbine  rotor 
by  (ho  hear'ng  Inner  rac  «  end  seal  plats.  To  remove  the  hearing  (or 
rcpldi  mm  nt  n  U  necessary  to  elide  the  burner  Inner  and  miter  transition 
cases  forward,  remove  the  outei  compartment  shroud  and  slide  it  aft, 
and  remove  the  trolls  which  hold  the  at*  tieul  assembly.  The  location  of 
the  outer  compartment  shroud  hull  flange  was  moved  forward  to  make 
the  bolls  imii  is  a i  ,  usbIIiIp  from  the  outside. 
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Tlmri*  ni'r  several  maintainability  features  provided  In  the  number  '} 
bearing  compartment  design.  All  the  Inbyrinth  seal  lands  are  attached 
In  Hip  capes  by  I’lt'i'ls  for  easy  replacement  If  lor  nontr  1'eanon  the  fir  a  Is 
hntloin  and  score  ||jp  surface,  Similarly  all  the  Inbyrinth  nrnln  arr 
separate  front  the  iicnups  or  eral  plates  to  lower  Hip  cobI  of  replacement 

III  Case  ol  l/ibyrihlh  qra)  rl  ,i  m  ft  ft  r  ,  J.lolh  ora)  plates  are  separate  pa  (’  I  s 
lipi  use  lltry  ti  r  r  mjhji'i  l  I  o  wear  and  possible  replacement,  TJir  air 
and  oil  linen  between  ihr  r oin pa r t iii p n t  niul  diffuser  ease  are  replaceable 
in  case  of  a  tubing  failure.  All  fillings  arc  removable  and  no  threaded 
par  In  are  permanently  allnrhed  lo  the  oMppoalvr  compartment  shells  or 
bearing  support, 

d.  NunibPi'  'I  Heaving  Compartment 

T(ip  number  'I  turbine  roar  bearing  at  the  clone  of  Phase  1I-A  featured 
a  hairpin  spring  bearing  support  posit ioned  direc  tly  beneath  the  bearing 
and  Inside  the  oil  sump,  An  initial  study  and  layout  of  the  hearing  turn- 
parlment  and  Its  Individual  components  indicated  that  Hie  compartment 
could  be  made  smaller  in  diameter  by  placing  the  spring  outside  of  (he 
oil  sump,  Tlm  increased  operating  temperature  yX  the  spring  necessi¬ 
tated  an  increase  in  section  and  weigh!  to  retain  the  required  spring 
late  as  dele  run  tied  by  rotor  critical  speed  requlremenls.  The  j  ii  « 1 1  f  I  - 
rat  inn  Inf  the  Increased  weight  was  a  decrease  In  heat  rejection  to  Hie 
lubricating  oil,  The  total  cumparlirxinl  area  nit  prised  to  the  high  temper¬ 
ature  turbine  exhaust  environment  was  considerably  i  edm  ol,  The 
redesigned  compartment  is  shown  In  figure  <£A-,5I7, 

Tint  angina  ops  rating  characteristics  were  changed  requiring  the  tur¬ 
bine  salt  guide  vanes  to  be  moved  farther  to  the  rear  ol  tlm  turbine, 

This  changod  Hie  inquired  bearing  support  from  a  nilfl  cone  to  a  long 
fliiitibia  cylinder,  An  analysis  Indicated  that  the  hairpin  spring  would 

IV  Ufllgu r  lie  required  Itn  rotor  crlllcal  spaed  reasons;  therefore,  11 

Writ*  f'iiiii  g  i!u«ij  , 

!h>ai  m jot' U"o  to  the  lubricating  ol)  wan  lowered  by  Inc  l  eau lug  the  In- 
/ulatlifij  (bickiidis  u vnund  tlm  pouring  compurlmnnl  ,  tiold  paint  width 
Wap  highly  aflar  tl  ru  again at  redistil  boat  on  ihu  .} T  J  11)- dt)  was  added 
n  t  tiio  inuui  *(  ion  <over  bofitcddfilfJ,  Hit  oll-lii  oil-oul,  bruallmr  lines 
yml  (ill  lugs,  I’lto  het.tshiold  forward  of  the  compel  tmani  Inaide  the 
hub  cone  was  rn vised  to  duemnso  haul  input  from  liiat  direction, 

(/■ok i iq;.  inside  the  lull  had  been  a  problem  *>n  the  ,|T  I  ID-dO  and  an 
cflli  i » ill  linjitihinld  si/Mii  retjuiiiul,  liiti  provision  fui  eiipplylng  Ian 
ii  i  ii  i  in,  i  gc  iilr  around  Hie  nut  ti  r  I  i  mil  half  ol  the  l.euiiny  rniripu  1 1  mn  lit 
was  relrtlned,  'f  hit,  700  *V  idr  is  b  ‘o  0  ‘  cooler  than  tlm  normal  omn 

I i.i  i  I  1 1 in n(  mi  vi  i  i Minn- lit  , 
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Emphartht  in  Phase  II- LI  wan  placed  on  a  design  incorporating  minimum 
bent  rejection  to  the  lubricating  oil.  The  limited  lionl  sink  capacity  of 
the  flupernonic  transport  places  an  upper  limit  on  the  total  amount  of 
heat  that  can  lie  absorbed  from  the  powerplanlu.  Any  reduction  in  thin 
cooling  load  in  highly  derivable. 

Several  criteria  were  lined  in  the  a  el  or. 'inn  of  the  number  4  roller  bearing 
with  pant  experience  on  long  TRQ  commercial  engines  and  high  Mac!) 
number  military  engine*  warning  ihe  choice.  The  material  on  eel  for 
the  bearing  I*  vacuum- melted  p WA  low  alloy  atuel  for  bulb  roller* 
and  race*.  The  bearing  si?.e  in  1  'JO  x  190  mini  however,  it  would  be 
preferable  from  a  weight  and  Beal  rubbing  up<?rd  viewpoint  t  >  use  a 
smaller  healing,  A  bearing  larger  than  Ihlit  would  Improve  the  rotor 
critical  upend  and  either  a  larger  or  smaller  bearing  would  be  suitable 
from  a  load-life  viewpoint.  The  DN  value  la  800,  000  and  p  nr  loading  I* 
not  to  be  need.  The  bearing  bun  on  inner  lend  riding  cage  and  an  axial 
floating  outer  race,  Thin  combination  has  proven  boat  (or  iong  life 
operation, 

A  complicating  factor  in  design  of  the  bearing  compartment  is  the  large 
relative  axial  movement  possible  between  the  minting  and  stationary 
members.  The  ele,e  of  the  engine  and  Its  extreme  operating  lumpera* 
lure  range  necessitate  axial  clearance!)  of  approximately  11,400  Incite* 
both  fore  and  aft,  Transient  thermal  conditions,  thrust  hearing  tudnl 
clearance  and  mechanical  tolerances  were  considered  in  arriving  at  lliu 
required  clearances, 

A  oar-drlvan  oil  scavenge  pump  was  designed  for  the  low  speed  rotor, 
Toe  pump  was  baaed  on  Pratt  &  Whitney  Aircraft  developed  standard 
construction  and  wised  to  bundle  twice  the  required  oil  flow  at  engine 
id  I  a  speed,  The  pump  was  mounted  off  the  bearing  support  for  minimum 
tolerance  build-up  between  the  drive  and  the  pump  gears,  Gear  back¬ 
lash  may  easily  be  chocked  nfiar  installation  prior  to  bulling  mi  ihe  rear 
Compartment  cones, 

The  double  net  of  back-to-back  carbon  sealw  deigned  for  Phase  JJ-B 
were  retained  with  only  minor  dimensional  changes,  Oil  routed  Into  a 
groove  bo  two  on  the  seal  land  and  support  remove  him!  produced  by  car- 
bun  seal  friction, 

The  problems  of  reducing  heal  rejection  to  the  lubricating  nil  (,ih  dis¬ 
cussed  previously)  and  providing  long  life  carbon  seule  led  to  an  alter¬ 
nate  sealing  scheme,  Tills  approach  is  presented  in  I'lgure  /A-2  111, 
Hydrostatic  seals  have  the  advantages  of  little  beat  generation,  little 
wear  and  long  life,  A  program  Is  now  underway  testing  hydrostatic 
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HOala  for  tho  JT11D-20  turbine  rear  bearing  compartment.  The  STF219 
application  is  very  similar  and  the  results  of  the  JT11D-Z0  program  will 
ho  directly  applicable. 

The  pracadlng  compartmont  sealing  configurations  are  being  designed 
for  initial  engine  operation  while  a  hydrostatic  type  seal  will  bo 
developed  for  long  life  engines.  Tills  is  a  face  xoal  which  rides  oil  a 
thin  cushion  of  air  a  law  Lon- thousandths  of  an  inch  off  tho  seal  pinto. 
The  cushion  of  air  la  providod  by  an  air  supply  from  a  proa  sure  source 
greater  than  that  to  ho  encountered  on  either  side  of  the  anal. 

The  advantages  of  the  hydrostatic  seal  over  a  carbon  faced  seal  nroj 

*  hodueod  heat  generation  and  lube  side  heat  Input.  The 
lube  side  hn.nl  input  could  be  reduced  an  much  an  2ri%. 

*  Long  life  because  of  llio  air  cushion  effect, 

*  Fail-safe  design ,  such  that  it  will  operate  as  a  carbon 
face  tfaal  if  flie  air  supply  should  fall. 

A  hyrlmatflUc  sonl  similar  to  that  shown  on  Figure  ZA-P.IH  has  been 
succos sftilly  tested  for  lr)0  hours  on  a  rig  simulating  high  Much  rium^ 
her  conditions  .  M  the  concluaiori  of  the  le«L  this  senl  exhibited  no 
ivuitiHui'uhU  we/tr  mid  the  noitl  faces  ware  (absolutely  clonn,  However, 
lids  sea)  does  rtiquiin  a  sophisticated  pressure  balance  system  wliicli 
will  require)  dovalopmenl. 

The  hydrostatic  seal  was  designed  to  fit  within  (lie  space  occupied  by 
llm  bach -to  dwelt  ring  sou)  system,  New  peris  required  for  o  retrofit 
(other  than  the  seal  ami  related  parts)  would  be  the  turbine  rear  hub 
and  the  number  4  bearing  compartment  housing  dieartne  *  up  purl.  The 
hydroai,at  j>;  seal  is  similar  to  the  spring -loaded  face  Meats  used  in  the 

forward  bearing  <  ompnrlments.  It  bus  a  carbon  ring  lor  axial  sealing 
and  two  pinion  rings  for  radial  sealing,  The  carbon  ring  la  mounted  on 
its  i  arrier  with  a  shrink  fit,  A  ring  is  shrunk  on  the  1,1,).  overlapping 
both  carbon  and  c  arrier  lo  seal  the  gap,  Air  at  a  higher  pressure  Hum 
c  ither  the  hearing  c  omparlmei. i  inner  or  outer  envl roiimenL  is  Intro¬ 
duced  between  the  pinion  ring  uealw  to  tbr  inside  of  Dm  carbon  carrier, 
Metering  holes  then  lead  1|h<  air  to  Die  carbon  filer  or  nettling  uurlat  e, 

'I  Ills  fare  Icia  i  I  M  a  m !  i*  re  nl  i  ,i  I  and  radial  nlofs  which  dlslrlhule  Die  air 
for  unilorrn  pmsauie  m  cons  die  Hiirfucs.  Few  disc  harge  air  is  u*m.l  to 
b*  ftsuilKC  (he  seal,  fills  air  in  hl'uught  through  the  lurhil  *)  exit  gclldi- 
van*>  through  the  number  4  hearing  qiippnri  liange  into  a  p!<  mm  tcnuied 
by  the  double  w.ill  of  llo  lieailiig  t  oi  1 1  pa  i  I  me  ill  forward  secloin,  Fai  ll 
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wall  supports  a  piston  ring  seal  land  and  creates  a  passageway  to  the 
back  of  the  carbon  carrier  assembly.  A  failure  of  the  fan  discharge 
air  supply  would  not  cause  a  catastropic  seal  failure.  The  carbon  seal 
assembly  is  spring-loaded  against  the  mating  rub  ring,  An  air  supply 
failure  would  therefore  cause  the  seal  to  operate  as  a  standard  type 
face  seal, 

A  computer  program  was  utilized  to  investigate  stability,  pressure  re¬ 
quirements,  air  flow,  and  performance  throughout  the  flight  envelope, 
The  results  show  that  low  air  flows  to  the  bearing  compartment  are 
possible  with  a  hydrostatic  seal,  The  seal  Insures  that  leakage  from 
the  bearing  compartment  does  not  enter  the  surrounding  chamber.  The 
wear  problem  in  practically  eliminated  except  during  start  and  shut¬ 
down.  Analytically,  the  hydrostatic  acal  appears  to  bo  a  good  backup 
design  for  the  number  4  bearing  compartment, 

10,  HEARING  THRUST  BALANCE  SYSTEM 

a ,  Introduction 

The  proponed  mission  profllo  of  the  Supersonic  Transport  encompasses 
a  wide  range  of  Mach  numbers,  altitudes,  and  engine  power  sellings 
which  result  In  largo  variations  in  engine  pressure  ratio,  pressure 
levels,  and  operating  temperatures ,  These  effects,  In  turn,  lend  to 
subject  the  rotor  thrust  bearings  to  extreme  load  changes  and  Induce 
transient  thermal  gradients  in  much  of  the  engine  structure, 

To  cope  with  those  problems,  a  secondary  flow  system  must  be  denlgned 
to  provide  a  workable  thrust  balance  range  1  or  long  bearing  life  and  to 
insure  the  aerodynamic  ami  slructural  Integrity  of  the  other  engine  com¬ 
ponents,  Specifically,  the  ground  rules  established  for  the  secondary 
flow  tiyelein  are: 

1,  The  integrated  rotor  lb  runt  loads  over  the  mission  profile  must 
satisfy  a  10,000  hour  bearing  life  requirement.  In  addition,  a 
minimum  und  maximum  load  of  approximately  A,  000  and  14,000 
pounds  respectively  must  be  obtained  to  unllafy  the  incipient 
sldd  and  loud  capacity  limits  ol  the  candidate  simplex  thrust 
bea  rings , 

A,  A  maximum  long-time  carbon  seal  environment  ol  V  0  (» M  !•  must 
be  provided  '<>  Insure  long  seal  life, 

1.  1'he  turbine  blade  cording  air  supply  pressure  of  00%  must 
be  supplied  to  the  lirsl  turbine  disk,  In  addition,  the  turbine 
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disk  cooling  air  must  be  supplied  at  sufficient  pressure  to  satisfy 
disk  cooling  requirements  and  to  prevent  the  backflow  of  hot 
gases . 

4.  Radial  inflow  of  air  to  the  compressor  inlet  must  not  exceed 
current  experience  level',  (aboul  0.5%  of  engine  flow), 

5.  The  system  should  provide  the  flexibility  to  flow  relatively  cc,  1 
air  over  the  bores  of  the  high  compressor  disks.  This  option 
may  be  required  to  resolve  a  structural  problem  in  the  high 
compressor . 

in  addition  to  these  ground  rules,  three  design  points  were  selected  on 
the  basis  of  the  following  thrust  balance  considerations: 

Mn  0.7  sea  level  acceleration  -  Maximum  forward  or  rearward 
thrust  due  to  tile  maximum  pressure  level  effect. 

Mn  1.2  -15,000  feet  acceleration  -  Minimum  rearward  thrust 

clue  to  the  combined  effocts  of  maximum  pressure  ratio  with 
minimum  pressure  level. 

Mn  2.  I  65 , 000  feet  cruise  -  Typical  long-time  hearing  load 
cu i  Mtion.  Minimum  forward  thrust  for  normal  cruise  altitude 
eh,  >  to  minimum  pressure  ratio  and  low  pressure  love!  effects. 
Higher  cruise  altitudes  will  produce  still  lower  thrust  levels. 


Further  study  of  (he  externally  vented  system  proposed  in  Phase  Il-A 
of  the  SST  program  uncovered  two  major  problem  areas,  First,  a  de¬ 
tailed  study  of  the  diffuser  struts  indicated  that  insufficient  flow  area 
wan  available  to  vent  the  rear  compressor  compartment  to  the  low  pres¬ 
sure  required  and,  secondly,  that  the  high  rotor  thrusL  balance  was  ex¬ 
tremely  sensitive  to  the  rear  comoressor  seal  clearance  which  controls 
the  pressure  level. 

Based  on  these  findings,  numerous  alternate  systems  were  studied  during 
Phase  Ll-B  in  an  attetnpl  to  satisfy  the  ground  rules  with  as  simple  and 
reliable  a  mechanical  roriltgu  ration  n  a  poiisible.  At  present,  the  final 
decision  on  the  threat  balance  system  is  unresolved  duo  to  structural 
problems  In  the  high  compiesaor.  Studiou  are  continuing  to  see  if  the 
requirement  for  cool  air  over  the  high  compressor  disks  must  be  Jn- 
•:  ,,i  poruLad  into  the  thrust  balance  uyatmo. 
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b .  Summary 

Figure  2A-219  presents  a  summary  of  the  five  thrust  bearing  systems 
studied  during  Phase  II-B  of  the  SST  program.  System  E,  shown  sche¬ 
matically  in  Figure  2A-220,  is  the  only  system  which  fulfills  all  the 
ground  rules  set  forth  in  the  introduction  and,  therefore,  is  currently 
the  system  being  investigated  in  depth.  Figure  2A-221  shows  the  seal 
locations,  piston  areas,  and  characteristic  pressures  for  System  E. 

Figures  2A-222  and  2A-223  are  curves  of  bearing  thrust  versus  bias 
pressure*  for  the  high  and  low  rotors  respectively.  The  slope  of  these 
curves  is  indicative  of  the  sensitivity  of  the  bearing  thrust  to  variations 
in  seal  clearances  which  may  effect  the  bias  pressure  levels.  Figures 
2A-224  and  2A-225  show  the  bearing  thrust  versus  typical  mission  time 
for  the  high  and  low  rotors  respectively. 


*  The  term  "bias  pressure"  denotes  the  internal  compartment  pressure 
which  is  of  primary  concern  in  controlling  the  thrust  load  on  a  rotor. 


c .  Technical  Discussion 
(1)  Design  Considerations 


To  achieve  an  acceptable  thrust  balance  system  over  the  entire  SST 
operating  envelope,  it  is  fundamental  that  the  rotors  be  negatively 
(rearward)  biased  for  three  reasons: 


Sil  10*1  H1  Vip**-!  4-  T">  —  —  i  ;  fz. 
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Optimum  Thrust  at  Cruise  Conditions 
No  Thrust  Rever  sal 


As  shown  in  Figure  2A-226,  a  rearward  directed  (negatively  biased)  thrust 
balance  system  has  a  narrower  range  of  thrust  loads  than  a  positive 
system  due  to  the  interaction  of  pressure  ratio  and  pressure  level  effects. 

In  going  from  sea  level  -  ram  to  altitude  cruise  conditions,  both  the  com¬ 
pressor  pressure  ratio  and  overall  engine  pressure  levels  decrease. 

This  decrease  in  compressor  pressure  ratio  effectively  increases  the 
rearward  loading  of  the  rotor,  since  the  turbine  pressure  ratio  is  essen¬ 
tially  constant  at  all  normal  rated  conditions.  The  decrease  in.  pressure 
level,  however,  has  a  scalar  effect  which  simply  reduces  the  magnitude  of 
the  thrust  irrespective  of  direction.  Therefore,  if  the  rotors  are  negatively 
biased  initially  at  the  sea  level  -  rarn  condition,  these  two  effects  will 
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tend  to  cancel.  This  results  in  a  more  nearly  equal  thrust  at  the  cruise 
condition  (i.e.  the  decreasing  pressure  ratio  will  tend  to  increase  the 
rearward  loading  whereas  the  decreasing  pressure  level  will  tend  to  re¬ 
lax  the  loading).  With  a  positively  biased  system  these  two  effects  would 
be  additive,  necessitating  a  very  high  loading  at  the  sea  level  -  ram  con¬ 
dition  to  maintain  a  minimum  "skid-limited"  loading  at  the  altitude  cruise 
condition.  Herein  lies  the  second  advantage  of  a  negatively  biased  system, 
in  that  the  minimum  load  condition  occurs  at  a  short  time  transonic  ac¬ 
celeration  condition  (Mn  1.2  -  45,000  feet  maximum  pressure  ratio  and 
minimum  pressure  level)  and  not  at  the  long-time  cruise  condition.  Con¬ 
sequently,  if  the  rotors  are  negatively  biased  to  skirt  the  skid  limit  (2000 
lbs.)  transonically ,  then  the  normal  cruifse  thrust  will  be  3,500-6,000  lbs., 
which  is  safely  out  of  the  skid  region  yet  well  within  the  load  range  for 
long  bearing  life. 

The  third  advantage  of  the  negatively  biased  system  is  the  absence  of  a 
thrust  reversal  during  the  idle  descent  from  supersonic,  cruise  conditions. 

When  the  engine  is  throttled  back  from  cruise  to  idle  power,  the  back 
pressure  on  the  turbine,  particularly  the  low  rotor  turbine,  decreases 
far  more  than  any  of  the  other  engine  pressures  and  results  in  a  sudden 
increase  in  rearward  thrust  loading.  With  a  positively  biased  system, 
this  rearward  loading  is  sufficient  to  reverse  the  rotor  thrust  load  which 
subjects  the  bearings  to  a  transient  skidding  condition.  This  transition 
from  cruise  to  idle  power  should  be  relatively  rapid  with  a  very  short 
skidding  period  and  should  not  cause  any  significant  bearing  problems. 

The  main  concern  arises  when  the  aircraft  has  decelerated  to  much  lower 
flight  Mach  numbers  and  the  rotor  thrust  tends  back  toward  the  positive 
direction.  At  this  point  the  bearings  will  again  be  subjected  to  a  "no- 
load"  condition,  but  of  much  longer  duration  than  the  initial  reversal 
condition.  This  will  undoubtedly  result  in  short  time  bearing  failures. 

From  this  discussion,  it  is  obvious  that  a  negatively  biased  system  will 
not  result  in  thrust  reversals  and  thereby  avoids  the  attendant  bearing 
problems , 

The  question  of  sensitivity  and  thrust  balance  control  is  another  important 
consideration.  The  major  thrust  contributors  are  generally  the  piston 
areas  which  are  acted  upon  by  some  interm  diate  bias  pressure.  This 
bias  pressure  results  from  a  flow  balance  between  various  combinations 
of  seals,  orifices,  and  other  flow  restrictors.  To  insure  thrust  balance 
control,  two  approaches  can  be  taken: 

1.  Make  the  system  insensitive  to  variations  ir  bias  pressures 
by  subjecting  equal  and  opposite  piston  areas  to  the  same  bias 
pressure  or, 
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2.  Make  the  bias  pressure  itself  insenstive  to  variations  in  seal 
clearances  by  referencing  it  to  some  fixed  gas  path  pressure 
via  a  very  low  resistance  path. 

Both  of  these  approaches  were  applied  in  the  Phase  H-B  studies.  For 
example,  the  opposed  piston  scheme  was  used  in  the  high  rotor  to  sub¬ 
ject  both  the  front  and  rear  compressor  hubs  to  a  common  bias  pressure, 
whereas  the  fan  disks  and  outer  portions  of  the  turbine  disks  are  referenced 
to  local  gas  path  static  pressures. 


During  the  development  program,  it  will  be  desirable  to  trim  the  thrust 
levels  by  changing  a  metering  hole  size  or  increasing  a  seal  clearance. 
By  design  intent,  the  thrust  balance  will  be  relatively  insensitive  to 
minor  changes  of  this  nature  and  will  require  repositioning  of  a  seal 
to  affect  a  final  "production"  fix.  However,  appreciable  blockage  of 
the  compressor  hub  holes  to  upset  the  pressure  balance  between  the 
front  and  rear  compressor  faces  or  a  slight  change  in  the  turbine  cooling 
air  supply  system  are  temporary  trims  that  can  be  used  during  de¬ 
velopment  to  define  the  final  seal  locations. 

To  achieve  a  rearward  bias  on  the  low  rotor,  a  high  counter-balancing 
load  on  the  forward  side  of  the  low  turbine  is  required,  since  the  ab¬ 
sence  of  an  inlet  case  precludes  the  use  of  the  forward  side  of  the  fan 
as  a  counter-balancing  thrust  piston.  To  counteract  the  varying  ram 
pressure  force  which  acts  on  the  front  face  of  the  fan,  both  the  rear 
face  of  the  fan  and  low  turbine  must  be  subjected  to  a  similar  pressure 
force  or  else  the  thrust  range  is  too  large.  Fan  discharge  pressure  is 
satisfactory  for  this  purpose;  however,  this  requires  a  low  resistance 
flow  path  between  the  fan  exit  and  rear  turbine  compartment. 


The  problems  of  carbon  seal  protection  and  radial  inflow  to  the  high 
compressor  inlet  must  be  considered  in  setting  the  allowable  level  of 
the  high  rotor  bias  pressure. 

(2)  Systems  Investigated 

The  following  alternate  systems  were  investigated  during  Phase  II- 
The  systems  are  discussed  in  the  chronological  order  in  which  they 
evolved. 

System  A,  shown  schematically  in  Figure  2A-227,  was  a  logical  extension 
of  the  Phase  II-A  scheme.  Instead  of  external  venting,  a  seal  was 
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added  to  the  front  of  the  compressor  and  the  rear  compressor  compart¬ 
ment  was  then  internally  "short-circuited"  to  the  forward  compressor 
compartment  via  holes  in  the  hubs.  This  eliminated  the  diffuser  vent 
requirement  and  desensitized  the  rotor  to  variations  in  the  bias  pres¬ 
sure  level.  The  system  was  further  simplified  by  accepting  a  forward 
biased  low  rotor  which  eliminated  the  need  for  an  intershaft  seal  and 
the  venting  provisions  behind  the  fan  hub. 

These  changes  resulted  in  a  very  clean  mechanical  configuration  with 
excellent  high  rotor  thrust  balance  provisions,  but  an  unacceptable 
thrust  range  on  the  low  rotor  (2,000  to  22,000  lbs.  positive).  At  this 
point,  a  fan  bias  on  the  rear  of  the  low  turbine  was  studied  to  reduce 
the  load  range  and  System  B  (Figure  2A-228)  was  evolved.  This  configuration 
is  essentially  the  same  as  System  A,  except  that  the  holes  in  the  low 
turbine  front  hub  were  deleted  and  a  diaphragm  was  added  to  the  front 
fan  hub  utilizing  the  low  shaft  to  supply  the  fan  bias  to  the  turbine. 

An  acceptable  range  in  low  rotor  thrust  was  obtained  (2,000  to  15,000 
lbs),  but  the  system  still  suffered  from  potential  skidding  during  long- 
Mme  cruise  and  thrust  reversals  during  idle  descent.  Since  these 
proL’ems  are  inherent  with  a  positively  biased  rotor,  all  subsequent 
studies  were  redirected  at  a  negatively  biased  low  rotor. 

The  simplest  approach  to  achieve  a  negatively  biased  rotor  was  to  move 
the  low  turbine  front  seal  to  its  maximum  radius  and  increase  the  bias 
pleasures  (F^  and  P^)  to  60%  as  shown  in  Figure  2A-229  (System  C). 

The  resulting  low  rotor  thrust  range  is  good  (2000  to  12,000  lbs.),  but 
the  sensitivity  to  variations  in  the  bias  pressure  is  very  poor.  In  ad¬ 
dition,  all  the  problems  associated  with  a  high  bias  pressure  were  en¬ 
countered. 

To  reduce  the  sensitivity  and  high  bias  objections,  an  intershaft  seal 
was  added  and  the  low  rotor  bias  pressure  (P£)  was  referenced  to  the 
turbine  cooling  supply  plenum  (90%  P^)  as  shown  in  Figure  2A- Z30(System  D). 
This  permitted  the  low  turbine  front  seal  to  le  reduced  to  an  intermediate 
radius  and  the  high  rotor  bias  pressure  to  be  reduced  to  any  desired  level 
bv  a  vent  line  to  the  fan  duct  in  parallel  with  the  front  compressor  seal. 

This  system  meets  all  the  ground  rules  set  forth  for  the  design,  except 
it  does  not  provide  for  compressor  disk  bore  cooling.  Since  this  option 
may  be  required  to  solve  the  structural  problems  in  the  compressor 
rotor,  System  E  is  currently  being  studied  in  greater  depth. 
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(3)  System  Currently  Being  Studied 

In  System  ID,  shown  schematically  In  Figure  2A-220,  the  holes  in  the  rear  com¬ 
pressor  hub  are  eliminated  and  the  front  and  rear  compressor  compart¬ 
ments  are  short-circuited  via  holes  through  the  compressor  disk  webs. 

Also,  the  itZ  bearing  vent  system  is  eliminated  and  the  holes  in  the  front 
compressor  hub  arc  relocated  inside  the  seal  to  permit  the  cool  fan 
pressurizing  air  to  flow  rearward  over  the  disk  bores,  The  flow  area 
between  the  shafts  and  through  the  low  turbine  front  hub  is  inadequate 
and  requires  that  holes  be  added  through  the  low  ,otor  shaft  to  provide 
a  parallel  flowpath  between  the  high  compressor  drum  and  the  Low  turbine 
rear  compartment,  This  requirement,  however,  ia  somewhat  offset  by 
eliminating  the  need  for  the  fan  hub  diaphragm  scheme  needed  in  Systems 
B,  C,  and  D  for  supplying  the  fan  discharge  bias  to  the  low  turbine  roar 
compartment. 

Figure  2A-221  shows  the  piston  areas,  pressure  characteristics,  and  seal 
clearances  used  in  the  System  E. 

Figures  2A-222  and  2A-223  are  curves  of  bearing  thrust  vermis  bias  pressure 
for  the  high  and  low  rotors  respectively.  The  elope  of  these  curves  Is 
indicative  of  the  sensitivity  of  the  bearing  thrust  to  variations  in  seal 
clearances  which  may  affect  the  bias  pressure  levels.  The  circlod 
points  are  the  predicted  operating  pressures  for  the  system,  Figures 
2A-224  and  2A-225  show  the  bearing  thrust  versus  typical  mission  time  for 
the  high  and  low  rotors  respectively, 


19.  OIL  HEAT  REJECTION 

■  ,1**0*.  VUUbtiVti 

The  oil  heat  rejection  problem  was  studied  in  greater  depth  during  Phase 
II-B  of  the  SST  program,  A  detailed  analysis  of  the  lubrication  system 
was  performed  to  refine  the  estimates  previously  used  for  the  oil  sys¬ 
tem  heat  pick-up.  In  addition,  the  fuel  pump  temperature  rise  and 
hydraulic  system  environmental  heating  characteristics  were  updated. 
These  revisions  were  baaed  on  vendor-supplied  pump  data  and  a  bettor 
definition  of  the  engine  configuration  and  performance  requirements. 

The  fuel  and  oil  system  shown  in  Figure  2-64  of  the  Phase  II-A  Prelim¬ 
inary  Design  Report  is  still  proposed  for  the  STF219  engine.  All  major 
features  of  the  system,  such  as  two  separate  coolers  located  upstream 
of  their  respective  fuel  controls  and  a  return  line  to  the  airframe  for 
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supple  fflontftry  cooling,  have  boan  routined,  One  possible  clvin/je,  lmw> 
over,  haii  boon  considered,  This  revision  would  shunt  hydraulic  I'lrniH 
fuel  tn  thr  duct  heater  system.  The  necessity  for  linn  change  id  depen¬ 
dent  on  a  final  definition  of  the  end  of  cruise  operating  conditions. 


Id  .  Summary 

The  roflulta  of  tho  morn  dolailod  Phase  fj-fl  studies  indicate  t lint  thu 
engine  luol  twmporatuio  will  not  oxenod  the  325  “F  fued  supplied  at  cruise 
conditions,  bn  nod  on  250”F  fuel  supplied  to  the  engine  pumps  and  no 
supplementary  cooling,  For  cruiao  altitudes  above  72,000  feet,  a  revis¬ 
ion  to  tlio  fuel  system  may  be  nncansary, 

During  idle  descent  or  sustained  supersonic  wtnclmilUng  conditions, 
supplementary  cooling  via  a  ruturn  fuoi  flow  to  tlio  1  rfraino  muni  be 
provided, 

c .  Dlecuseion 

It  is  oBtimatod  that  by  tlio  and  of  cmlse  at  a  normal  allitudo  of  72,000 
foot,  tho  fuel  in  the  main  ongino  system  could  bo  worked  to  lt«  thermal 
limit  by  virtu®  of  tho  energy  inputs  of  the  boost  pump,  main  pump, 
hydr«i"llc  actuator  system,  and  environmental  heating  (assuming  250 UF 
fuel  in  supplied  from  tha  airframe),  Tina/,  tlio  ample  heat  sink  capacity 
of  tlio  duct  heater  funl  supply  muot  bo  utilized  to  the  greatest  extort 
pofi&iblo.  With  properly  designed  fuel -oil  coolers,  no  additional  con- 
trolB  will  be  required  to  achieve  thin  oil  system  beat  rejection  split. 

Any  increase  in  operating  altitude  with  an  attendant  decrease  in  rnutn 
ongino  fuel  flow,  however,  would  tend  to  overheat  tho  main  fuel  bvh- 
tem,  The  allowable  fuel  temperature  limits  can  still  bo  mot  by  cho 
addition  of  another  control  valve.  The  valve  would  shunt  tho  hydraulic 
system  fuel  (and  hence  its  energy  input)  to  thu  duct  heater  circuit.  When 
the  duct  heater  is  not  In  operation,  (e,  g.  idlo  descent)  the  valve  would 
return  -  no  fuel  to  the  main  engine  circuit  as  shown  in  Figure  2-64  of 
the  Phase  II-A  Preliminary  Design  Report, 

Tho  breakdown  of  tho  engine  oil  system  heat  generation  is  shown  in 
T ablo  I.  This  estimate  is  consistent  with  current  design  practice 
for  carbon  seals,  ball  bearings,  and  roller  bearings.  This  engine  oil 
system  heat  rejection  will  result  in  a  somewhat  lower  total  engine  sys¬ 
tem  heat  rejection  than  used  in  PhaBG  II-A,  but  will  not  change  the  basic 
fuel-oil  heat  rejection  system. 
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TABLE  J, 
OIL  FLOWS 


Jo,  Pump  Not  Included  f,  ou  .  50,r 
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Front  Soul 
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M.  E,  Gear  •  lop 
M.  I?;,  Goar  .  Side 
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“^iC,  T , S.  Hollo c  Brg, 

Mi  E,  1,3,  Ball  Brg, 
M.  E.  T.S.  Hollo,.  Big, 
Ami),  i,  Conduction 
Tower  Shall  Corn'd, 

TOTAL 


Total  Flow  «  JO)  ppm 


Tidal  Cl  =  4699  BTU/Mln 
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20.  TUBING  SYSTEM  DESIGN 
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1  *1f’  Mbnitr  1I-B.  design  clfnrt  un*  la I'fjply  < o»r enl ral ed  on  Internal  tubing 
nnd  the  up  tin  l'a  I  ni  n  lli  od  of  t  runs  for  r  i  ng  lines  from  the  gnu  gone  r*  l  <>  ij 
section  of  the  engine  through  the  /nn  duct  diffuser  strut#  to  the  miter 
duel,  ]  he  routing  of  the  external  tithing  in  uo  dependent  upon  airframe 
fine  ii  1 1  r  configurations  and  setpesory  requirements,  neither  ul'  which  Is 
flruil  at  thin  time,  that  it  is  premature  to  denign  in  this  arm, 

A  in  hematic  diagram  of  the  flow  systems  required  to  ho  panned  tl. rough 
the  fart  duct  diffuser  at  ruin  in  shown  in  Figure  2A-231,  and  la  refarrod  to 
frequently  in  the  dotallod  description  of  the  following  fluid  ‘iyutems. 


The  materials  used  for  tubing,  bracket# ,  and  seels  are  batted  on  expert* 
once  gained  from  the  design  and  0;  oration  of  the  JT11D-20  onglnc. 

PWA  770  tubing  1#  used  for  all  lino#  which  do  not  exceed  B00"F,  Heat- 
shield  brazing  on  these  tube#  was  accomplished  In  accordance  with 
PWA  Spec  2('A6,  sliver,  Tube#  which  exceed  H0Q"F  are  fabricated 
frutn  Inconel  tubing  (PWA  1060)  with  hoatahlold  spacer  brazing  per 
PWA  90,  gold  nickel.  The  tubing  connections  employ  a  modified  AN 
threaded  connector  with  ferrules  machined  as  an  integral  part  of  the 
tube,  7  uben  with  Integral  ferrules  have  &  liigher  fnllguo  strength  and 
reliability  than  brazed  ferrule#  because  the  only  variables,  upsetting 
and  machining,  are  subject  to  strict  quality  control. 

A  highly  effective  hcu!  is  produced  by  a  nickel  gasket  compressed  be¬ 
tween  the  ferrule  and  the  male  connector,  TIiIb  arrangement  permit# 
rapid  replacement  of  engine  tubes  and  components ,  and  allows  complete 
inspection  of  plumbing  prior  to  Installation.  This  system  in  particularly 
effective  lor  high  pressure  plumbing. 

Tubing  la  supported  by  fully  boat  treated  Inconol  X  brackets,  spaced  at 
calculated  intervale  to  provide  n  firm  foundation  for  tube  clamp  points. 
Where  required,  brackets  are  slotted  to  allow  one -plane  movement  to 
relieve  thermal  stresses.  Wear  resistant  materials  and  coatings  are 
also  used  at  these  locations,  At  clump  locations  on  bird  pressure 
tubing,  where  thermal  and  maximum  vibratory  movements  are  in  the 
same  plane,  i  vibration  damper  is  used.  This  permits  thermal  move¬ 
ment,  but  restricts  vibratory  movement. 
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b .  Bleed  At r 


Non-rontaminaled  air  is  drawn  from  the  gas  generator  diffuser  case 
and  routed  tli rough  fan  duel  diffuser  nlrulB  to  flanged  bonnes  on  the  fan 
duet  outor  caoe  as  shown  on  Figure  2A-232.  SIk  bosses  are  provided  In 
nel«  (if  two  at  three  locations,  Thene  wets  are  axially  arranged.  The 
forward  bonn  Is  supplied  by  a  2.  25  Inch  diameter  tube,  and  the  rear* 
ward  boss  by  a  2,0  inch  diameter  tube.  These  two  lubes  branch  from 
a  3.0  inch  main  »upply  tube, 

A  sliding  type  joint  Is  provided  in  the  3.0  inch  diameter  section  of  the 
du.  i  l£  allow  freedom  In  nil  directions  for  Installation  tolerances  and 
thermal  <t,  flecliono.  Metal  seal  rings  are  used  In  the  Joint  to  prevent 
leakage,  One  feature  of  the  sliding  Joint  Is  that  it  allows  the  bleed  air 
duet*  to  be  'nstalKd  on  the  case  subassemblies  for  caoe  of  installation, 
The  sliding  joint  is  then  instnllod  during  the  final  engine  build-up. 


T  he  3,0  inch'duct  branches  Into  two  smaller  elude  to  reduce  Its  thickness 

In  passing  through  the  fan  duct  diffuser  strut,  An  internal  type  gland 
nut  Is  used  to  attach  the  tubes  to  the  two  bosses.  The  same  nut  is  used 
for  both  the  forward  and  rear  bosses  and  the  nuls  ere  locked  to  the 
bouses  with  lab  washers.  An  anti-torque  device  is  Incorporated  to 
prevent  the  nut  tightening  torque  from  being  transmitted  to  the  twin  tube 
assembly.  The  manifold  is  additionally  supporter  ;u  the  inboard  hid"  of 
the  strut.  This  support  provides  restraint  and  prevents  bending  loads 
on  the  manifold,  The  support  does,  however,  allow  freedom  for  ther¬ 
mal  growth. 


c .  Fuol  Syatom 

Fuel  to  the  main  burner  will  paBS  through  the  outer  wall  of  the  fan  duct 
dlffuaor  at  four  locations  in  0.750  inch  diameter  stainless  steel  tubes 
(PWA  770).  These  tubes  have  an  Integral  bulkhead  type  fitting  as  seen 
in  Figure  2A-233  (typical  strut).  The  four  supply  manifolds  will  then  be 
supported  at  the  inner  wall  of  the  fan  duct  diffuser  by  an  Inconel  X 
(AMS  5542)  sliding  bracket  to  provide  added  support  for  the  bulkhead 
connector  and  to  prevent  chafing.  Using  an  expansion  leg  to  absorb 
the  thermal  differentials  and  locational  tolerances,  the  supply  manifolds 
are  then  supported  at  the  forward  flange  of  the  main  diffuser  by  Inconel 
X  sliding  brackets.  The  BUpply  manifolds  are  each  then  split  into  two 
0.  500  inch  diameter  stainless  steel  tubes  (PWA  770)  by  means  of  tee 
connections.  Figure  2A-234  shows  a  typical  quadrant  installation  of  the 
fuel  manifolds. 
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Til-  tec  will  I)-  .1  standard  mechanical  lee  requiring  conie.il  seals.  Tin 
lubes  will  have  integral  ferrules  anti  will  use  gold  coating  lor  heal  re¬ 
jection. 

The  Iwo  lubes  llien  carry  the  fuel  directly  to  two  nozzles  of  an  right 
nozzle  quadrant  whore  0.  300  Inch  PWA  770  Jumper  tubes  rarry  the  fuel 
to  the  other  nozzlrn  in  the  quadrant. 

j.'l  fitting  i  are  integral  anc!  located  within  the  fan  diffuser  duet  access 
doors,  Cne  configuration  Jumper  tube  can  be  used  In  all  but  two  loca¬ 
tions,  Here  uu  "S"  type  jumper  lube  is  required  to  accommodate  the 
two  ignitors.  The  jumper  tubes  He  close  to  the  diffuser  case  and  pass 
plumbing  over  the  tubes  and  between  the  nozzles.  Thin  allows  all  3 A 
fuel  nozzles  to  be  removed  without  disassembling  any  plumbing  other 
than  the  nuts  on  the  jumper  tubes. 


d ,  J -ubrlcattng  Oil  Llnea  fur  the  Number  3  and  4  Bearings 

The  number  3  and  4  bearing  lubrication  system  consists  of  oil  supply, 
scavenge  and  brenthar  plumbing, 

Lubricating  oil  Is  carried  externally  from  the  oil  pump  to  the  heater 
duct  //8  strut.  The  heater  duct  oil  line  is  mounted  to  the  strut  flange 
bv  means  of  a  bulkhead  typo  fitting  which  is  an  integral  pari  of  the  tube 
(Figure  2A-233),  This  0.750  inch  diameter  lino  passes  thru  the  // H  duct 
diffuse?,*  strut  and  is  bracketed  with  a  solid  clamp  to  the  fifth  stage 
compressor  case  flange,  An  expansion  loop  Is  provided  between  the 
beater  duct  and  the  gas  generator  tube  mounting  points,  A  lee-con¬ 
nection  is  made  to  the  lines  which  supply  oil  to  the  number  3  and  <1 
bearings.  The  0.  500  inch  number  3  bearing  oil  line  from  the  tee  is 
connected  to  u  male  fitting  on  the  //M  strut  on  tlu*  diffuser  case.  Thu 
lino  Is  then  routed  through  the  difluser  case  strut  to  the  number  3 
bearing  compartment.  A  similar  oil  line  for  the  number  <1  bearing  is 
routed  aft  through  the  annulus  between  the  heater  duel  and  gas  generator 
to  the  turbine  exhaust  duet  strut  filling.  An  expansion  loup  is  also  pro¬ 
vided  in  this  line  to  reduce  thermal  stresses. 

The  oil  pressure  tubing  incorporates  integral  ferrules  and  is  gold- 
plated  for  heat  rejection.  Nickel  conical  washer  seals  are  used  :,n 
mechanical  joints  at  tee  and  strut  connections.  The  oil  pressure  tubing 
is  fabricated  from  0.035  inch  wall  stainless  steel  (PWA  770),  The* 
joints  al  the  tee  and  diffuser  duct  are  made  before  tin?  aft  heater  duct 
is  assembled.  Scavenge  oil  is  brought  from  the  number  4  bearing 
compartment  by  a  0.  500  inch  diameter  line  through  the  exhaust,  duct 
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strut  lo  a  tea  located  near  the  diffuser  duel  II H  strut.  An  expansion 
loop  la  Incorporated  in  thin  line,  Scavenge  oil  from  thr  number  3 
bearing  compartment  la  routed  to  a  connection  on  the  HU  diffuser  duct 
Htrut.  A  0,750  Inch  diameter  line  from  the  fitting  on  fftl  diffuser  duel 
flange  1b  routed  to  the  tee.  The  scavenge  oil  in  then  mul'-d  in  a  0,87  5 
Iru  h  diameter  lube  from  the  lee  through  the  fan  diffuser  duel  II i>  strut 
lo  the  strut  flange.  An  Integral,  tube  bulkhead  type  fitting  In  utilized 
at  this  Joint  as  shewn  in  Figure  2A-233. 

A  second  scavenge  oil  line,  with  the  same  diameter  dimrnaions,  in 
routed  from  the  number  3  bearing  compartment  to  a  fitting  on  the  in 
diffutier  duct  si  rut,  From  llio  filling  on  the  strut  flange,  a  0,750  inch 
diameter  line  is  routed  through  the  fan  diffuser  duet  lib  strut  to  the 
flange  with  an  integral  bulkhead  fitting,  An  expansion  loop  is  provided 
for  both  scavenge  linura  betwaun  the  gas  generator  and  the  heater  duct 
tu  reduce  thermal  stressefl.  All  lines  are  supported  by  li  :onel  X 
(AMS  5542)  brackets  with  solid  clamps  to  the  gas  generator  near  the 
Leu , 


The  oil  scavenge  linos  Incorporate  iniagral  ferrules  and  are  gold-plaled 
for  heat  rejection,  Nickel  conical  washer  seals  are  used  at  all  me¬ 
chanical  Joints.  Tubing  material  for  the  scavenge  linos  is  stainless 
steel  (,PWA  770)  with  0,035  inch  walla,  The  Joints  at  the  struts  and  lee 
are  made  before  the  aft  healer  d  ,ct  1*  assembled. 

a.  Number  3  and  4  Bearing  Sant  Air  Pressurizing  Linos 

The  pressurizing  air  for  the  number  3  and  4  bearing  compartments  is 
brought  from  flanges,  located  on  the  lnnor  wall  of  the  duct  heater, 
through  1.00  inch  diameter  tubes  to  connections  on  HI,  //9  and  II 13 
diffuse*!'  cose  struts,  The  air  is  thou  routed  to  three  locations  in  the 
number  3  bearing  compartment.  Five  1,000  inch  diameter  vent  lubes 
from  the  number  3  bearing  compartment  ore  routed  to  fillings  on  the* 
diffuser  struts,  Two  lines  are  routed  from  diffuser  case  struts  II 15  und 
//16  to  the  healer  duct  strut  IIQ  outer  flange.  The  remaining  lines  are 
routed  as  follows:  One  lino  from  diffuser  case  strut  1112,  to  heater  duct 
strut  lib,  one  line  from  diffuser  case  strut  111  through  heater  duct 
strut  II 4,  and  one  line  from  diffuser  case  strut  114  through  heater  duct 
strut  III. 


Thermal  expansion  loops  are  provided  in  the  lubes  between  the  fan 
duct  and  the  gas  generator.  Bulkhead  type  fittings  are  used  for  all 
lubes  at  the  heater  duct  strut  outer  flange.  Tube  connections  are  made 
before  the  aft  fan  duct  is  assembled. 
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In  a  similar  system,  number  4  bearing  seal  pressurizing  air  in  run  aft 
in  a  line  connecting  to  one  of  the  turbine  exhaimi  struts,  "1‘i » i m  line  is 
muted  through  Hie  strut  to  a  connecting  line  to  the  number  4  bearing 
compartment  mounting  flange,  and  from  the  flange  Into  the  compart¬ 
ment  upnlrenm  of  the  carbon  seals,  Leakage  past  the  labyrinth  seal 
flown  to  the  rear  of  the  third  stage  dink  and  out  the  rear  inner  seal  into 
the  exhaust  stream. 
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f ,  My  dr  nil  lie  L  i  n  o  s 

Two  hydraulic  line  eyslems  are  located  within  the  inner  annulus.  They 
are  the  proposed  stal  ling  bleed  valve  system  (requirements,  six  valves 
and  two  actuators)  and  the  aerodynamic  flame  holder  air  valve  system 
(requirements  twelve  valves  and  three  actuators),  T!..„  starting  bleed 
system  Is  ioI  a  firm  requirement.  This  system,  however,  has  been 
designed  to  insure  that  n  spore  will  ho  available  for  iho  lines  and 
actuators,  if  engine  testing  indicates  the  need. 


The  starting  blood  actuators,  If  required, will  bo  located  in  the  upper 
quadrants  of  the  engine  near  the  rear  flange  of  the  main  burner  case. 

The  anuntors  require  opening  and  closing  pressure  manifolds,  Doth 
manifolds  are  routed  nlong  the  rear  flange  of  the  main  burner  case  and 
ice  into  supply  monlfuhK  which  run  forward  to  the  fan  duct  diffuser 
struts  (Figure  ?,A ■  Doth  supply  manifolds  have  expansion  loops  near 
the  intermedh/ie  u  at  the  main  burner  case,  and  mechanical  con- 
nocter*  »n  tlm  mm  oi  .in-  fan  duct  diffuser  access  doors.  Thu  "opon" 
pressure  mnrui'  hi  passer,  through  the  fan  duct  diffuser  strut  II Z,  arid 
Ilia  "close"  pressure  manifold  passes  through  strut  Hi  (Figure  2A-233, 
typical  strut  connections) , 

The  aerodynamic  flameholder  aclu.iiore  are  equal iy  spaced  around  the 
engine  in  the  same  plane  ns  the  atari  bleed  actuators.  They  also  re¬ 
quire  "open"  and  "close"  pressure  manifolds,  The  "open"  and  "close" 
manifolds  are  routed  from  the  Hi  and  //3  actuators  around  the  bottom 
of  the  engine,  aft  of  the  rear  flange  of  the  main  burner.  They  are 
joined  to  the  IIZ  actuator  and  the  supply  mam  folds  by  mechanical  tees. 

The  supply  manifolds  extend  forward  to  the  fan  duct  diffuser  struts  as 
shown  in  Figure  2A-231,  Tho  manifolds  Incorporate  expansion  loops 
near  the  intermediate  flange  of  the  main  burner  cusp  and  mechanical 
connectors  in  the  area  of  the  fan  duct  diffuser  access  doors,  The 

"upon"  pressure  manifold  passes  through  fan  duct  diffuser  strut  H  and  j 

the  "close"  pressure  manifold  passes  through  strut  (f6.  j 
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Both  actuator  systems  have  0,  375  inch  diameter  stainless  steel  integral 
fittings,  and  "open"  and  "close"  pressure  plumbing  supported  from  the 
gas  generator  by  Inconel  X  brackets. 

The  drain  manifold  is  routed  from  the  //I  starting  bleed  actuator  and 
the  II 3  flameholder  actuator  to  the  bottom  of  the  engine  along  the  rear 
flange  of  the  main  burner  case.  The  #1  and  #2  aerodynamic  flameholder 
actuators  and  the  main  burner  fuel  drain  are  joined  to  the  #2  start 
blood  actuator  by  mechanical  tees.  An  overboard  drain  line  is  then 
routed,  through  fan  duct  diffuser  strut  #5.  All  of  the  drain  lines  are 
Inconel  (PWA  1060)  and  are  supported  from  the  gas  generator  by 
Inconel  X  (AMS  5542)  brackets. 


21.  WEIGHT  ANALYSIS 

The  Phase  IIA  report  presented  the  STF2I9,  duct-burning  turbofan  en¬ 
gine,  in  sizes  specified  by  Boeing  and  Lockheed.  During  Phase  IIB 
(the  STF2  19  was  studied  at  a  650  Ib/sec  size,  The  estimated  weights 
for  the  Boeing  and  Lockheed  engines  are  given  in  Tables  I  and  II  includ¬ 
ing  a  sectional  weight  breakdown. 

During  Phase  IIB  two  changes  have  been  incorporated  that  increase  the 
engine  weight.  They  are;  (1)  lower  fan  specific  flow  which  increases 
the  fan  outer  diameter  and  (2)  redesign  of  the  turbine  section  to  provide 
for  the  required  turbine  efficiency  level  to  be  met  at  both  the  Basic 
Rating  and  the  Initial  Rating. 
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TABLE  I  | 

3 

i 

Boeing  Installation  -  Weight  Summary  I 

t 

650  lb/ sec  flow  ; 

Base  flow  schedule  : 

Basic  and  Initial  Rating 


Fan  rotor,  stator,  case  and  front  mount 

795 

Intermediate  case 

655 

High  pressure  compressor  rotor, 

stator,  case 

615 

Diffuser  and  burner 

981 

Turbine  rotor,  stator,  and  shaft 

1,377 

Turbine  exhaust 

3  96 

Ducts,  liners,  and  variable  area 

nozzle 

1,767 

Ejector  reverser 

1,880 

Accessories  drive 

184 

Components  and  plumbing 

910 

Total  estimated  dry  engine  weight  9,560 

^Additional  equipment  and  installation  features  540 

Total  Engine  Weight  10,  100  lbs. 


’^Additional  equipment  and  installation  features  are  based  on  Phase  IIA 
requirements . 
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TABLE  II 

Lockheed  Installation  -  Weight  Summary 


650  ib/3ec  flow 
Base  flow  schedule 
Basic  and  Initial  Rating 


PWA-2600  ■  | 

B 

I 

I 

I 


Fan  rotor,  stator,  case  and  f>-ont  mount  762 

Intermediate  case  655 

High  pressure  compressor  rotor,  stator,  case  615 

Diffuser  and  burner  981 

Turbine  rotor,  stator,  and  shaft  1,377 

Turbine  exhaust  396 

Ducts,  liners,  and  variable  area  nozzle  1,730 

Ejector  reverser  1,880 

Accessories  drive  184 

Components  and  plumbing  910 


Tot  estimated  dry  engine  weight  9,490 

Ai  lonal  oquiprnnnt  and  installation  features  180 


Total  Engine  Weight  9,  670  lbs. 
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♦Additional  equipment  and  installation  features  are  b  nod  on  Phaso  TIA 
roqui romente  except  for  addition  of  weight  increase  duo  to  canting  the 
ejector  reversal*  4°  from  engine  centerline. 


I'AOB  NO  2A-17B 


(Ul,ilil  lluliill  ,i*Kiii  a  a  ii  it  -  :  -  -  in 
m  ini  II all  bl  lal  ana, Me  ilnii  -  »•-*  >.* 

;i:k.\  •.  „• 

iiMi,",,  mt  -it  limilf  ■»  a  1  >  •.-..a  <• 

*•*  -liilrrkti i  iiiiai  u  aataa,||  «• 


R 


l 

* 

l 


QCMWlUtfN'nAL 


CONPIORNTIAL 


PWA-2600 


CONPSQSWTIAL 


PRATT  1  WHITNEY  AIRCRAFT 


FACE  PLATE 
TIEBOLT 


SHAFT  SPLINE 


CARBON  SEAL 


FACE  PLATE 
✓PISTON  SEAL  RINGS 


TIE  BOLT 
SPACER 


COMBINATION  BLADE 
COVER  PLATE  8  LOCK 


2ND  DISK 
INTEGRAL  ARM 


HONEYCOMB  OR  ABRADABLE 
BLADE  TIP  SHROUDS 


VARIABLE 
INLET  GUIDE 
VANE  TO  HIGH 
COMPR  (USED 
AS  AERO¬ 
DYNAMIC  — 
BRAKE) 


3  ETATi; 
LADE)  3 
jt/AM 


^  ARMS 

SVNCRONIZING 
RING  / — _  \ 


DIFC  SEC 
ITcompr 


DIFFUSSER 

SECTION 


1  BLApTcorvIPRESSOR  Y  extt\'N 

SHROUDS  CASES  '  GVaPi|  f 
.  SHROUD  BACK-UP  /  (ru 

RINGS  /  Mi 

\  COMPRESSOR 

\  DISCHARGE 

BLEED  PORT 


FWD  BLEED/  =" 

MANIFOLD  [  FUEL  NOZZLE 
)R  SUPPORT  BOSS' 


FAN  DUCT 


REAR  BLEED 


DUCT  FLAMEHOLDER 
AIR 


'AN  CASE 
FAN  CASE 


INTERMEDIATE 

CASE 


TACH 

DRIVE 

SHAFT 


STF219  FAN,  INTERMEDIATE  CASE,  AND  HIGH  PRESSURE  COMPRESSOR 
SECTIONS 


Figure  2A-1 
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STF219  FAN  AERODYNAMIC  DESIGN  ROTOR  ONE  PRESSURE  RATIO 


Figure  2A-2 
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STF219  -FAN  AERODYNAMIC  DESIGN  ROTOR  TWO  PRESSURE  RATIO 
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STF219  FAN  AERODYNAMIC  OVERALL  PRESSURE  RATIO 
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STF219  FAN  AERODYNAMIC  DESIGN  STAGE  ONE  ROTOR  INLET 
MACH  NUMBER 


Figure  2A-5 
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STF219  FAN  AERODYNAMIC  DESIGN  STAGE  ONE  ROTOR  RELATIVE 
GAS  ANGLES 


Figure  2A-6 
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ROTOR  MERIDIONAL  VELOCITIES 
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STF219  FAN  AERODYNAMIC  DESIGN  STAGE  ONE  ROTOR 
MERIDIONAL  V El.-OC I T I ES 


Figure  2A-7 
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STF219  FAN  AERODYNAMIC  DESIGN  STAGE  ONE  ROTOR  AERODYNAMIC 
LOADING  (AP/q) 


Figure  2A-8 
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ST F 2 1 9  FAN  AERODYNAMIC  DESIGN  STAGE  ONE  ROTOR  "D"  FACTOR 


Figure  2A-9 
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MACH  NUMBER 


Figure  2A-10 
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STF219  FAN  AERODYNAMIC  DESIGN  STAGE  ONE  STATOR  RELATIVE 
GAS  ANGLES 

Figure  2A-11  “ZZ" 
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STATOR  MERIDIONAL  VELOCITIES 
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SUMMARY  OF  PROPOSED  THRUST  BALANCE  SYSTEMS 


Figure  2A-219 
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SECONDARY  FLOW  SCHEMATIC  -  SYSTEM  E 


Figure  2A-220 
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Figure  2A-222 


B^»n— j-— a  m  *  fun  ntimu* 


CQNPIDSBNTIAL 


•ail  t>  «>■)•)  llr  laint  ufMaMiH  iillllu 
■*h«i,  »«•<-••  *r  in  min  min 

■  IlklKA  «i  in  lllllllia  U«|  lilt)  If  M 


*'M*  MM9I  •»  «•  («« 


BEARING  THRUST 


I'hutr  a  wiiiTfji  y  AmcMAPi 


CONFIDENTIAL 


IJWA-?.60O 


MN«0.7-SL  Pf4,209  PSIA 


MN»I,2-45K  PT4*62.3  PSIA 
IVIN  *2.7-65k'PT4*  7QS  PSIA 


C \  INDICATES  OPERATING 
point 


,MN«0, 7-ALT  *SL 


MN*I.2-ALT*43K' 


MN' 2.7-ALT  •63K’' 


20  40  60  80 

BIAS  PRESSURE  Pq  ~ PER  CENT  PjA 


LOW  ROTOR  THRUST  va  BIAS  PRESSURE  -  SYSTEM  E 


Figure  2A-223 
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Figure  2A-224 
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Figure  2A.-225 
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Figure  2A-226 
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